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FOREWORD 

The Lewis Research Center is the National Aeronautics and 
Space Administration's princ4>al field installation for research 
and devebpment of advanced-aerospace-propulslon and power- 
generating Systems. More specifically, a sidbstantial part of the 
Center's activities is devoted to progress in the technolc^ of 
aircraft propulsion. Work includes such diverse areas as com- 
ponents, controls and other aspects of installation, V/STOL and 
low-cost-engine designs, and noise reduction. 

The results of this work are pubUshed as NASA reports and 
as articles in the tecl^cal Journals, m addition, an occasional 
technical conference assists us In commimicating more directly 
with others in the engineering fraternity. Accordingly, this 
conference - in which the NASA Ames, Flight, and Langley 
Research Centers are represented where they are working In 
related areas - is held to present the results of our recent and 
current work. 

Bruce T. Lundln 
Director 
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I. FAN AND COMPRESSOR TECHNOLOCV 

Melvin J. Hartntann, William A. Denser, CavourH, Hauser, 
and Roberts. Ruggerl 

Advanced airbreathing engines are required lor a Wide Variety of alrctaft. 

These engines must be capable of operating at a low specific fuel consumption. They 
must be ll^t wel^t, dependable, relatively quiet, and low to cost. Most advanced 
engines must operate over a wide range of flight conditions. Sketches of advanced 
aircraft and the related engines are presented in figure 1-1. A supersonic transport, 
for example, may require li^t-wei^t, augmented turbojet engines. Advanced 
military aircraft operate oven a number of mission profiles and must be capable of 
Severe maneuvens at both subsonic and supersonic fHgUt Speeds. These types of 
aircraft may use a low bypass ratio turbofan engine. Both of these iqiplleatimis re- 
quire supersonic inlets. The ei^ine components may be subjected to flow distor- 
tions due to the inlet or to the How field established by Ute forward portions t h e 
aircraft. Advanced subsonic commercial transports require high, bypass ratio 
turbofan engines for low specific fuel consumption and low noise. VTOL or STOL 
aircraft may use even higher bypass ratio fan systems. A VTOL aircraft may re- 
quire a large number of lift fatm, so that wei^, noise, and loW cost are partic- 
ularly important. 

Fans and compressors for advanced engines may take a variety of forms. The 
compressor of a turbojet engine requires a number of high pressure ratio stages- as 
shown in figure 1-2. A low bypass ratio turbofan engine may require two or three 
st^es in the. fan. For hi^ bypass ratio engines, the fan pressure ratio is loW and 
single-stage fans may be adequate. 

Some of the general requirements of fans and compressors are listed in fig- 
ure 1-2. As usual, high component efficiency is essential for low specific fuel conu- 
sumptlcm. Light weight is generally desirable fOr all applications. Lightweight 
may be achieved by using high pressure stages so that fewer stages are required to 
achieve the required pressure. Light weight materials and advanced construction 
techniques must also be used. Fans and compressors must operate oVer a wide 
range of flows and must tolerate inlet flow distortions that niay occur diiH n g some 
portions of the flight. Low noise limits may require the selection of specific rota- 
tional speeds and blade loadings. Even with suitable selection of these parameters, 
considerable nOise suppression may be required: 


The NASA Pan and Compressor Technology Program has been set up to provide 
machines which meet the general requirements listed in figure 1-2. This paper 
discusses the performance of a number of hi^^ pressure ratio stages, and the tech- 
nology used to make tliese useful for fans and multistage compressors. The rotor ■ 
blade requirements and blade selection to achieve good performance will be dis- 
cussed first. Stator blades for these high pressure stages will then be covered. 
Next, stall margins and distortion tolerance of hi^ pressure x*atio stages will be 
considered. Then casing treatment methods to improve the stall margin and dis- 
tortion tolerance of these stages will be covered. Finally, NASA multistage com- 
pressor investigations applying high pressure ratio stages will be discussed. 


HIGH PRESSURE RATIO ROTORS 

In the NASA program, the goals in rotor aerodynamics are to obtain increased 
pressure ratio per stage, while maintaining acceptable efficiency and opeiatlng 
range. H hl^er pressure ratio per stage can be achieved, the number of stages 
required for a given appHcatiort can be reduced. This results In U^ter.and more 
compact fans and compressors. 

The major factors affecting rotor pressure ratio are shown In figure 1-3; where 
calculated values of rotor pressure ratio are plotted as a function of rotor blade tip 
speed for three levels of rotor aerodynamic blade loading. An increase in blade 
loading corresponds to an increase in lift. Or energy addition, for the rotor blades. 
The curves indicate that higher rotor pressure ratios can be obtained by either in- 
creased tip speed or increased blade loading. Of course, the highest rotor pres- 
sure ratios are obtained when both high loading andhlgh tip speed are used. 

Attainment of gains in pressure ratio are complicated by the requirements of 
maintaining high efficiency ahd broad range of operation. As loading is increased, 
losses also increase, and the potential of flow separation and blade-row stall are 
much greater. As blade tip speed is Increased, the Mach numbers relative to the , 
blades are also increased. For the range of blade speeds shown in £lgure 1-3, the 
tip relative Mach numbers are supersonic, and increases In these supersonic Mach 
numbers can result in severe shock losses ahd corresponding decreases W effi- 
ciency. Current fans and compressors operate over the range of blade tip speeds 
from about lOOO to 1600 feet per second depending on the application. Faha Usually 
operate at the high speed end of the range, and compressors operate at the lower 

speeds. Current fans and compressors are designed for blade loadings of the order 
of 0.35. . 

An extensive NASA program is aimed at determining the blade shapes and de- 
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flljftt controls necessary to extend loading levels to the range of 0. 4B to 0. 60 and 
thereby to achieve higher values of rotor pressure ratio as indi«Jated by the calcu- 
lated curves of figure 1-3. Tip speeds for actual engine applications may be dic- 
tated by factors such as turbine stresses or rotor noise rather than rotor aerody- 
namics. Therefore, the N^A progrtoi covers a bread range of speeds. 

The fan and com .ressor program Includes research Conducted entirely vritldti 
the NASA as well as NASA eentrad studies conducted by various engine companlos. 
The overall NASA program covers a wide range of design parantetors and test con- 
ditions. A photograph of the NASA-Lewis single-stage test facility, and some of 
the rotors that have been tested in the facility are presented in figure t-4. The 
rotors all have a 20-lnch tip diameter. The ^ciUty includes ektensivo instrumen- 
tation and automatic data processing equipment to aid in the complete and rapid 
evaluation of either rotor or complete stage performance. Some highly loaded re- 
search rotors built and tested under NASA contracts are shown in figure 1-5. The 
rotor shown at the upper left incorporates part -span shrOuds (vibration dampers), 
and the rotor shown at the upper right doeS not although it had a higher design blade 
tip speed (1600 ft/sec). Research refers of the NASA program are subjected to 
vez 7 severe conditions during stall and distortion testing, and occasionally a regor 
experiences catastrophic failure as Shown by the photograj^ at the lower left of fig- 
ure 1-5. This failure was dub to metal fatigue. A front view of a research rotor 
installed In its test casing iS shown at the lower right of figiu'e 1-5. 

The ^erimental performance for several highly loaded rotors is preseiaed in 
figure 1-6. The rotor pressure ratio at the maxltoum polytropic efficiency, the 
maidmum polylroplc efficiency, and the approximate rang© of blade tip relative 
Mach numbers are showh plotted as functions of design blade tip speed. The data 
are for rotors only, arid each point represehts dei»*'*^x speed performance for a dlf.< 
ferent rotor. Blade loading levels Varied from i,. 4 tO 0. 6. Rotor pressure ratios 
ranged from 1.4 to 2.6 arid are appreciably higher than current level's for' similar 
speeds. As indicated by the shaded band, the maximum poiytroplc efficiencies \Vere 
quite good; ranging from greater than 0. 9 at the lower blade tip ^eeds to sUehtly 
less than 0.9 at the higher speeds. The blade tip inlet relative Mach numbers 
varied from Somewhat over l.O to about 1. 6. ' / 

The data presented in figure 1-6 show that highly loaded stages can provide good 
eifiefencieB, even at high blade tip speeds. ! These results hre sufficiently encour- 
aging that the NASA program has been extended to include even hi^er blade speeds. 
At present, a stage with a design rotor blade tip speed of 1800 feet per second Is In 
the design phase, and plans have been made for a 2209-foot-per-second stage. The 
rotor blades for the l&OO-foot-per-secnnd stage Will Kte fabricated from titanium 


alloy, and those tor the 2200'-foot''per-flecond stagje will he made of a fibre resin 
composite material. 


ROTOR BLADE SHAPE C0NS4DERATI0NS 

To achieve the high levels of rotor pressure ratio shown in-flgiire l-fl while 
maintaining high rotor-efftciemdes as well, it is apparent that the blade profile for 
supersonic relative flows must be carefully designed. Before wo can discuss the 
proper selection of rotor Uade shapes- and the associated factors that affect. effU 
ciency, it is first necessary to consider the flow through a rotating blade row. The 
flow condition ln-a~stream surface- in theJjlade tip region (see fig. 1-7) is coasidered 
first. 

Measurements .If static pressure on the outer casing wall of an ft»p°r iin i? nt n l 
compressor were made using high-response instrumejrtatlon (ref. 1). Static- 
pressure contours relative to the rotating blades are presented in figure 1-8, which 
shows a view of two rotor blades looking in from the rotor easing. For the 
shown, the inlet relative Madi number was 1. 4. The inlet relatlVs flow Is super- 
sonic, a strong shock is formed within Ihe blade passage, and the outlet flow is sub* 
sonic. Thus, conditions assodlated-wtth a mixed supereonlc and subsonic flow field 
must be constdered. Three Important points are discussed, namely, shock loss, 
the throat area (which Is the rnihlmunMiassage area behlnd lhe shodd, and the sub- 
sonic diffusion of the flow downstream of the shock... The pressures on the contours 
are given In psia. The Inlet and outlet pressures are 12 and 20 psia, respective^. 

With the inlet Mach number of 1. 4 a weak bow shock exists at the iaa/»fig 
edge which causes the pressure to rise to 14 psia. However, the flow is still 
Supersonic oh this forward portion of the blade, and this Supersonic flow accelerates 
on the convex suOtlon surface. A change in flow angle Of only a few degrees along 
this surface causes appreciable supersonic acceleration. For the case shown In 
figure 1-8, this acceleration causes a drop in pressure to 10 psia In the region 
where the pressure contours become closely grouped at the entrance to the blade 
iwssage. This qlose grouping of pressure contours denotes the presence of arshock 
wave that extends across the passage; As noted, a small region exists downstream 
of the shock where the pressure Is 18 psia, but otherwlBe the static pleasure rises 
from 10 to IB psia" acrost the shock; The Mach number ahead of the shock is higbir 
near the blade suction surface as noted by the lower pressure In this rWon. Lossds 
in the shock are a significant part of the total measured loss. pwt»aV,ftn"' p jtock iWflCH 

Increase rapidly with Mach number, it is important to minimize the supersonic ac- 
celeration upstream of the shock. 


The minimum passage flow area, or throat area, Is a critical factor with re» 
spect to the flow capacity of the hiade row. For the blades shown In figure 1-8, the 
throat is a short distance downstream of the shock. Throat area is geometrically 
related to the degree of turning or curvature of the suction surface of the blade from 
the leading edge to the shock. Thus greater throat area is obtained by Increased 
turning of the flow from the Jhading edge. However, as previously mentionedf such 
turning increases the Mach-namber ahead of the shock and thereby increanes the 
shock losses. Therefore the throat area should be no larger than that necessary to 
pass the mass flow. 

There is another reason to limit the size of the thro^. Because of Shock wavo 
boundary -layer interaction, there is inevitably some separation of the flow- fronr the 
suction surface of the blade Just downstream of the shock. The loops in the two 
contours noted downstream of the shock in- figure 1-8 are probably caused by 
separation. When the throat area, is oikimum, the degree of tills separation is 
limited, which is conducive to good subsonic diffusion downstream of the throat. 

The design of the blade suctioh surface downstream of the throat is Important 
because appreciable Subsonic diffusion, or flow deceleration, must take i^ce in 
this region. In figure 1-8, this subsonic diffusion is noted by the rise in static 
pressure from 16 to 20 psia over the rear portlmi of the blade suction surface. If 
the diffusion is too abrupt, Severe separation and high losses Will result. Thus, the 
blade shape downstream of the4hroat must be selected to properly control diflusiea 
rate. 

The preceding discussion does not specify particular blade stu^s usett in fan 
and compressor rotors. Howt ver, a series of circular arcs can generally be used 
to define blade profiles that meet the aforementioned principal reguirements of low 
BucUon surface Mach number, minimum allowable throat OreO, and good subsonic 
diffusion. 


EFFECT OF DESIGN PRINCIPLES OMROTOR PERFORMANCE 

The effect of idioek loss and throat area on the performance of two experimen- 
tal compressor rotors is presented In figure 1^9. Bbth rotors had the s^e blade 
speed wid inlet relative Mach number but tiie throat sizes differed for tim tWo rotors. 
Throat size is defined Os the ratio of the actual throat area to the critical flow 
area A* (the area which would Just pass the required mass flow at sonic velocity 
without viscous, or boundary layer, losses). To compensate for boun^ry-layer 
losses, the actual throat Area must be somewhat greater tlum the oiiticai area, 
the ratio of the actual thrtifat Urea to the critical area, At/A*, was 1. 11 for one 


rotor ftnd 1, 20 for the other. As previously discussed, the larger throat area - 
causes a higher Mftch number upstream of the shocH. This Mach number, M* , was 
1. IB for the rotor with the larger throat and 1. B1 for the other. The rotor with 
more moderate M» has a peak efficiency about two points greater than the other 
wAor because of lower shock and diffusion losses. 

The minimuni flow shown for each rotor represents the point of-initlatlon of 
rotating stall. There is a small difference in the maximum flow for these rotors, 
but the significant difference in timse two designs is the larger flow range obtained 
for the rotor with the smaller throat area. This range effect is probably related to 
the reduction in the flow separation that occurs downstream of the shock. 

The data of figure 1-0 show that the comblnatlmi of reduced throat area and r '- 
duced suction surface Mach number can provide gains in both- efficiency and flow 
range. Although the smallest area ratio used in this comparison was 1. 11, other 
data indicate that throat area ratios of abouU. 05 are preferable. The data of fig- 
ure 1-9 are reported in reference 2. 

The effect of changes in the subsonic dflfusion portion of the blade passage on 
rotor performance is Illustrated in flgure I-IO. Two rotor blades are Shown as 
dashed and ooUd contours. The forward or supersonic portion, of both blades were 
the same but the subsonic diffusion rate was changed by altering the extent of the 
rearward- or subsonic portion of the blade. This resulted in. a change of row 
solidity which is deflned as the ratio of chord length to the spacing between the 
blades. The soUdlty was 1. 1 for one design and 1. 5 for the other. For boUi i*olor 

designs, the tip speed was 1378 feet per sectmd-and the design pressure ratio was 
1.65. 

The perforniance plots show that the hl^r solidity design provided hi^er 
peak pressure ratio and a four-point Increase in efficiency. Apparently the 1. 1 
solidity blade was too short for effective subsonic diffusion. 

Existing data were reviewed to further evaluate the influence of SoUdity on 
rotor blade tip losses. Data for a large number of rotors are presented In flg- 
ure I-ll where rotor tip loss is plotted as a function of rotor blade loading. Blade 
rows with soUditles greater than 1. 2 are shown as solid symbols while those with 
soUditles less than 1. 2 are denoted by open symbols. Althougji appreciable data 
scatter exists, as ej^ecte^for this type of data, there is a definite trend for the 
M^er SoUdlty rotors to have lower tip loss at blade loadings greater t ha n about 
6. 4. Thus, the data give a strong indtcatloh that there is an advantage In the use of 
relatively high soUditles lor highly :<oaded transonic rotors. 

The data presented Ih figures 1-6, 1-9, and I>-lo hUVe shown that good single- 
stage rotor performance can be achieved when the three previously discussed blade 
design piindplee are applied. These Important design principles ai-e (1) the suc- 
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tlon surface Mach number ahead .of.the shock should be-a minimum, (2) the throat 
area should be Just sufficient to pass the required mass flow, and (3) the down- 
stream portion of the blade should be shaped tO provid e good subsonic diffusion. 


STATOR REQUIREMENTS AND STAGE EXPERIENCE 

The previous discussions concerned the design of hig^ily loaded rotof blades 
which achieved good performance. However, in order to fully evaluate the useful- 
ness of highly loaded rotors, it is necessary to study the problems associated With 
adding a stationary blade row, or stator, behind these rotors to form a complete 
stage. A schematic of a typical rotor-stator combination is presented in figune 1-12. 

The purpose of stators is to convert the rotor exit whirLvelocity to static pressure 
rise. 

A number of the rotors discussed have been. tested with stators, an d the results 
are presented in figure 1-13. . All the data shown are for the design speed, and aa ch 
symbol represents a separate stage. The open symbols denote measured rotor 
performance, and the Solid symbols represent the performance of the rotor and Sta- 
tor (i. e. , the complete stage). The decrease in pressure ratio and efficiency from 
the open symbols to the Solid symbols is a measure of the losses across the st^or 
blade row. Reductions in pressure ratio are not severe, but these losses In pres- 
sure ratio result in losses in efficiency that vary from three to five percentage 
points. The data of figure 1-13 are all for highly loaded stages, and the stage 
efficiencies are Considered to be good. The efficiencies vary from about OJSSLto 
0. 85 even with the Indicated hi^ stator losses. 


STATOR LOSS CONSIDERATIONS 

Conditions that contribute to high Stator losses are illustrated by fiie 
curves presented in figure 1-14. Calculated stator hub aerodynamic loaHtrig 
stator hub Mach number are plotted as a function Of rotor blade tip speed-for two 
levels of rotor blade loading. Stator hub conditions were selected because the se 
are the most critical. These calculations are for a stage with ah inlet hub-to-tip 
radius ratio of 0. 8. 

The curves of figure 1-14 show that increases in rotor blade loading r^ult In 
high stator nub loadings and in high stator hub Mach numbers at aU rotor blade tip 
speeds. On the other hand. Increased rotOr blade tip speed has little efiect on the 
stator hub loading and Mach number. Most of the stage data shown in fi^re 1-13 


are for rotor blade loadings in excess of 0. 46. Thus, the stator loadings and stator 
Mach numbers were both relatively hli^i, and this led to-the high stator losses in- 
dicated by the stage performance data (fig, 1-13), 

To determine the level and distribution of losses for a highly loaded, hlg^j 
Mach number stator blade row, total pressure surveys were made in a plane Just 
downstream of a stator blade row. These surveys eovered the entire blade passage 
as represented by the shaded area shown In figure 1-15. Some typical survey re- 
sults are presented in figure 1-16. In order to normalise the results, stator loss 
data are presented In terms of loss coefficients. A contour plot of local values of 
loss coefficient measured over a complete stator blade passage is shown on the left 
side of the figure. At midspan, there is little or no loss over at least one half the 
width of a blade passage as represented by the zero-loss contour. In the blade wake 
region, the loss coefficient increases to values of 0. 1 to 0, 2. These values corre- 
^ond to a total pressure loss equal to 10 to 20 percent of the dynamic head of the 
flow entering the stator blade row. Thus, the stator losses at midspan are rela- 
tively small. At the stator tip, the losses increase somewhat and reach local val- 
ues of loss coefficient of 0. 3. The area of this higher loss is still quite small. 

Far greater losses are observed at the stator hub. Not only is the level of the loss 
quite hl0i (reaching a loss coefficient value of 0. 5), but also the region of hi^ 
losses cover a mudi larger area. In general, stator end-wall losses stem from 
flow separation and secondary flows that occur in the comers formed by the blade 
suction surface and the adjacent walls. 

A mas8**average integration of the local loss coefficients across the flow pas** 
sage at various blade spans yields an average loss coefficient as a functloa-of the 
blade span, as shown in the plot of figure 1-16, 

As expected, the minimum losses occur in the midspan region; these increase 
to about twice the minimum value in the tip region but the greatest losses by far 
occur In the stator hub region. Thus, it is apparent that the efforts to reduce Sta- 
tor losses should be concentrated in the hub region because it is ill this area that 
the greatest benefits are likely to be realized. 

One method for reducing stator end-wall losses is shown in figure 1-17. Suc- 
tion is applied by means of a narrow Slit at the intersection of the blade suction 
Surface and the Imb wall (ref. 3). By use of a narrow slit, air is re&oved from a 
discrete region of hi|^ loss which should tend to maximize the benefits fOr a given 
amount of Slit suction. The effectiveness of slit suction is illustrated l^tiie two 
curves of loss coefficient Shown. Use of a slit suction flow rate of only 0. 2 percent 
of the total throu^-flow of the stage (dashed cu^e) reduced losses in the stator 
hub region by as much as 20 pei^cent, and Some Impt'ovement was noted out to about 
One-third of the blade span. For this, particular fan stage, use of stator hub slit 
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suctiijn Improved-overall stage efficiency by about 1. 5 percentage points. For 
suction flow rates greater than the 0. 2 percent used, It Is expected that even 
greater Improvements in overall stage efficiency would have been realized. Plow 
rates for this study, however, were Umlled to the values shown. The NASA pro- 
grams Include several other concepts for reducing stator losses; four of which are 
shown Schematically In figure 1-18. With- wall suction, air Is removed through a 
continuous ring of porous material at-the hub or tip of the stators. Although this 
method did reduce stator losses, the suction flow rate was excessive; 
to 2. 0 to 2. S percent of the total through-flow for each wall treated. This Is 

about 10 times the flow rate used In the hub silt suction studies described pre- 
viously. 

Use of blade surface suction, In combination with wall suction, gave only a 
Slight Improvement In stator performance over that obtained using wall suction 
alone. As previously discussed, stator losses In the midspan portion of the stator 
blade are quite low (figs. 1-16 and 1-17). Consequently, blade surface suction in 
this midspan region can not be expected to have a large effect on overall losses. 
This indicates that. In general, corner .flows and waU boundary layer are more Im- 
portant fectors than Is blade surface boundary layer when considering stator losses. 

The concept of comer blowing Is based simply on the use of properly directed 
high-energy Jets to energize the lower energy flow In the end-wall regions near the 
suction surface. As yet, this concept has not been tested. 

The tandem blade is designed primarily to operate satisfactorily over a Wider 
range of stator Incidence angles before encountering flow separaHon and stall. The 
ener£^ing eNect on the flow through the space between blade segments may delay 
flow separation, particularly in the end-wall regions. If this occurs, then stator 
losses in the end-wall region should decrease accordingly. The tandem stator de- 
sign is currently In test, but no loss data are presently available. 

The NASA program has demonstrated that it Is possible to design good ^ and 
compressor stages with high blade tip speeds and rotor blade loadings. However, 
as blade loadings and pressure ratios continue to increase, it is evident.that me 
stator prd)lem is becoming increasingly more important, and more study should be 
directed toward reducing stator end-wall losses, .^icularly in the hub region. 

STALL margin AND EFFECTS OF INLrr ROW DISTORTION 

TO be usMul, high pressure ratio fan and compressor stages, even with good 
performance, must be capable of stable operation ov^r a range Of flow conditio^. 
For purposes of illustration, a Stage performance map Is shown In figure 1-12. 


With the fan or compressor stage operated at constant speed, the pressure ratio Is 
increased until unstable flow conditions are observed. The locus of these unstable, 
or stall, points at various rotational speeds forms the stall limit line. Peak effi» 
ciency usualfy occurs at flows slightly greater than the stall limit point. Fan and 
compressor stages are designed to place the operating line at a flow rate near the 
peak efficiency but at a sufficient distance from the stall limit line to avoid stall. 

The rednired margin between the operating line and tho stall limit line depends on 
the^iartlcblar triplication. 

gome of the factors that determine the required stall margin include the re- 
matching of components for operation over a range of flight conditions; transient 
Operating conditions during engine acceleration; expected performance variations 
from one assembly to another; or any deterioration of component performance that 
may occur during the life of the engine such as errosion, wear, or foreign object 
damage. However, in many applications, the most critical factor contributing to 
stall margin requirement is the necessity to avoid stall under conditions of inlet flmv 
distortion. 

An infinite variety of inlet flow distortion patterns may be encountered during 
fU^ maneuvers or other flight conditions. Inlet flow distortions produce a non- 
uniformity (rf total pressures at the fan or compressor inlet as Illustrated in fig- 
ure I-20« The constant -pressure contours Indicate that both radial and circumfer- 
eatUU gradients of total pressure occur. (Other chapters of these proceedli^ will 
discuss in detail various aspects of inlet flow distortions and their eHect on engine 
performance.) To obtain comparative performance for research fan and compres- 
sor stages, test distortion patterns are generated by means of circumferential and 
radial screen Configurations such as those included in figure I-2d. The effect of 
these screen-induced flow distortions oA the performance of a hig^ pressure ratio 
stage (ref. 4) is shown in figure 1-21. The solid lines represent the Stage per- 
formance obtained with uniform inlet flow at 100 and 70 percent of design Speed. 

For the results of figure 1-21, circumferentiai-diBtortlon was produced by a 
Screen, which covered 90^ of the inlet ^ulus; the Screen used for the radiai dis- 
tortion tests coveired 40 percent of the outer annulus area (see fig. 1-20). A sub- 
stantial reduction in stall margin occurred with both mrcumferential and rad^ dis- 
tortion; as indicated by the fact that the stall limit lines with distortion lie well be- 
low that for uniform flow. Reasons for the loss in performance can be examined by 
Comparing the ra^l distribution of pertinent parameters fpr the two near-stall 
points shown by the symbols on the performance curves obtained with uniform flow 
and with radial distortion. Radial distributions of inlet total pressure, pressure 
ratio, and total temperature ratio at near<istall conditions (ref. 4) are presented In 
figure i-22. The radial distortion screen produced a decrease in inlet total pres- 


sur6 that was about 18 percent less than the maximum pressure. The Inlet 
pressures shown were all corrected to standard conditions; consequently, the av- 
erage inlet total pressure for both test conditions has the same value. of 14. 7 psia 
The total pressure ratio generated by the stage for both test conditions is about 1 *8 
in the tip region. For the case of radially distorted inlet flow, the pressure ratio 
in the unscreened area is substantially lower than that measured when the inlet flow 
was uniform. This resulted from a redistribution of the inlet flow-ln toward the 
hub. The hub portion of the blading operated at a high flow and a low pressure tatto 

condition whereas the tip portion operated at a low flow and high pressure ratio 
condition. 

The temperature ratio of the stage indicates that the energy addition to the air 
was also lower in the unscreened region than it was lor the uniform flow case. The 
tem^ ^rature ratio measured in the tip region was the same for both test conditions. 
This indicates that, for this stage, the limiting energy addition in the blade tip re- 
gion at stall with tip radial distortion was the same as that obtained with uniform 
inlet flow. 

The overall performance data previously presented in figure 1-21 shows that 
the stage total pressure ratio at stall is appreciably less than that for uniform flow 
Thte lower overall pressure ratto with distortion results from the lower pressure ' 
^los experienced In the unscreened portion of the inlet passage due to redistribu- 
tion of the flow, as already noted in figure 1-22. As a further consequence of this 
flow shift with distortion, the blade tip reached, its limiting loading condition at a 
higher flow rate. Thus the change in stall limit line with distorted Inlet flow de- 

pends on the resulting flow redistribution and the location of the critical loading re- 
gion on the blade. ° 

^ o**^«J* to compare stall margins and inlet flow dlstorUon effects for a number 
of different stages, it is first necessary to establish some criterion upon which to 
base these comparisons. The criterion used is illustrated In figure i-23. The first 
requirement in establishing a stall margin is the selection of a reference operating 
point. To obtain a good compromise of stall margin and operating point emcleftcy, 
tne operating point is generally selected at a flow rate which is slightly greater than 
that for maximum efficiency. For comparison purposes, an operating condition 
which was 1 percentage point below peak efficiency was arbitrarily chos e h . This 
estab^hes the operating point on the design Speed curve of the performance map 
(see fig. 1-23). Comparisons presented herein are all for design speed; conse- 
quently, the discussions will not be concerned with the shape of the operating fine, 
but only with Its intersection with the design speed curve. 

The stall margin i^rameter SM used in this paper is defined as 



SM = .< 2i-x — 9k -l.oUlOO 

(pr)ol (W)st 

V* ^ 

where PR is the pressure ratio, W is the weight flow, and the subscripts ST and 
OL indicate conditions at stall and on the operating line, respectively. The factor 
of 100 is used simply to express Stall margin in terms Of a percentage. The stall 
margin, as defined, is a commonly used parameter, and, in brief, it Is essentially 
a measure of the distance between the operating point and the stall point at a fixed 
speed. 

The stall margins for several experimental stages, with and Without inlet flow, 
distortion, are compared in figure 1-24. The design blade tip speeds for the var- 
ious stages ranged from 1000 to 1600 feet per second. With uniform inlet flow, the 
stall margins varied from about 8 percent to a little over 80 percent. For the 
1000 -foot -per-second stage, the limiting loading Occurred at the stator hub. For 
the remaining stages, limiting loading occurred in the rotor blade tip region. From 
consideration .of the uniform flow data for blade tip speeds of 1140 feet per second 
and above, it mi^ht bo concluded that stall margin decreases with increased speed. 
The different stages represent many variations in design details; and because ex- 
perience with high speed stages is limited, these Stages may not be optimum from 
the standpoini of range. Consequently, any implication that blade tip £^ed is the 
predominant factor affecting stall margin is not intended. 

In general, blade loading mi^t be considered as the prime factor affecting 
stall margin, but at present the data available for complete Stages are not sufficient 
to determine the pertinent parameters that most affect stall margin With uniform 
inlet flow. 

When Severe tip radial distortion was imposed on the stages, all stages lost an 
appreciable amount of stall margin except the 1000-foot-per-second stage. As 
previously stated, this Stage normally stalled at the stator hub with uniform flow. 
Tip radial distortion unloaded this critical region, and, for this distortion case, 
stall was initiated by the rotor tip. This st^e Would probably have responded very 
adversely to a hub radial distortion, but no data were taken with this type of distor- 
tion. The 1140-foot-per-second stage suffered Pensively from tip radial distor- 
tion. This particular stage had a large stall margin with uniform inlet flow because 
it had an extremely large flbw rahge at essentially constant pressure ratio. Stages 
with this flat type of pressure ratio characteristic appear to be very susceptible to 
inlet flow distortions. 

The data obtained with tip radial inlet flow distortions show no general trend 
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with regard to decreases in stall margins. Stall .for each stage can be traced to 
some critical region such as the rotor tip or the stator hub. The data of figure 1-24 
are all ton tip radial distortion; however, the results obtained with circumferential 
distortion were quite similar. Seemingly, one factor which should influence stall 
margin under distorted flow conditions Is that of rotor blade loading. To determine 
the effect of blade loading, two rotors of very similar design were studied both with 
and without tip radial distortion. The results are compared in figure I.2B. The 
data (from ref. 2) are for Isolated rotors operated at design speed and with uniform 
inlet flow. Both rotors had a design blade tip speed of 1400 feet per second and 

used the same type of blading. The pressure ratios on the operating lines shown 
were 1 . 12 and 1. 6. 

As shown by the small bar chart, lower blade loading provided the greater stall 
margin with uniform flows: about 20 percent for the lower blade loading and about 
15 percent for the more highly loaded rotor. However, when the same degree and 
extent of tip radial distortion was Imposed on the rotors, the stall margin for both 
rotors dropped to about the same value of 3 to 4 percent. Thus tlie Stall m ar gin 
available with uniform flow can be a rather poor criterion for estimating stall mar- 
gin With tip radial distortion. The 1140-foot-per-second stage shown in figure 1-24 
is another example where a large stall margin with uniform flow did not insure an 
adequate staU margin with tip radial distortion. Although reduced blade loadings 
will, in general, provide greater stall margin with uniform flow, reduced 
do not necessarily provide greater stall margin with distortion. 


casing TREATMENT CONCEPTS 

From previous discussions, it is obvious that stall margins for fans and com- 
pressors must be Increased. However, before discussing remedial measures that 
can be used to increase the useful flow range of a compressor stage, It appears de- 
sirable to briefly describe the mechanism of rotor Stall. A simple iUustration of 
flow through a rotor at stall conditions, together with a view looking into the inlet 
annulus, is presented in figure 1-25. For the flow Condition illustrated, staU exists 
at the rotor tip as indicated by the flow reversal of the outer Stremnilne. Fof^ nor- 
mal operating conditions no reverse flow exists, and the outer streamline W(^ld fbl.< 
low the casing contour. At some low flow rate, the blades reach a 
condition and cells of instability (rotating stall cells) and flow reversal.oc^r 
(fig. 1-26). Stall generally occurs in one or more of these isolated stall cells Which 
rotate in the same direction as the rotor but at a lower speed. To increase the 


useful range of the compressor, It Is necessary to delay the formation of these ro" 
fating stall cells. 

One means for delaying the onset of tip stall is to bleed air from the rotor tip 
region. V/ith the system shown in figure air may be bled from the blade tip 
region by means of a honeycomb grid. Design speed performance curves and stall 
limit lines with tip distortion (ref. 5) are shown for three test conditions. Before 
testing the honeycomb casing treatment, the compressor was tested with a conven- 
tional solid casing for performance comparisons. Desigpn speed performance and 
the stall limit line are shown as the solid line curves. With 4 percent bleed throufi^ 
the honeycomb, a marked improvement in range was obtained, as indicated by the 
large shift in the stall limit line. The third condition of operation retained the 
honeycomb bleed system, but the exhaust valve was closed. Surprisingly, even with 
zero bleed flow, the honeycomb caused a marked increase in flow range. This sug- 
gested that simpler casing treatments, without bleed flow, might provide appreciable 
improvements in the stall range. To further explore this phenomenon, a program 
was initiated to evaluate the effect of various casing treatment configurations on stall 
margin and compressor performance. 

Some of the casing treatments which have been studied are illustrated in fig- 
ure l->28. One treatment consisted of circumferential grooves which covered the 
whole axial chord of the blading. Both the axial extent and the depth of the grooves 
were varied. Various depths of honeycomb were tried. Slots were cut in the casing 
in the direction of the mean blade angle; both long slots, somewhat greater tldm the 
blade diord, and short slots were evaluated. For the skewed slot casing, the slots 
were alined nearly axially but were cut at an angle of 60° from the radial direction. 
The casing treatments shown in figure 1-28 all delayed rotating stall, but to varying 
degrees. 

The flow mechanisms Involved with casing treatment are not fully undei'stood as 
yet. However, the following emperically determined parameters wet;e found to be , 
significant in controlling the effediveness of various casing treatments: 

(1) Axial mttent ^ 

(2) Open ar^ i 

(3) Depth or Volume 

(4) Limited recirculation | 

It was generally desirable to limit the axial extent of treatment td a dimension less 
than the axial projectioh Of the blade chord. The percentage of open are|i in the 
area of treatment must be appreciable. For the Inore successful casing itreatments 
Studied, the open area was at least two-thirds of the total area treated. The depth 
or total volume of the treatment also hai an effect. Shallow treatments were not as 
effective in extending useful range. 


It was dealrablB to limit the amount of recirculation from the downetream hi gh 
pressure regions to the upstream low pressure regions. Although recirculation 
can be effective in delaying rotating stall, excess recirculation causes an undue loss 
in efficiency. For the blade angle slots (fig. 1-28), reclmilatioh was limited by 
shortening the slots. 

When the empirical parameters were taken into account, a number of the easing 
treatments were found to be quite effective ineittehding the range of compressor 
rotors With both uniform and with distorted inlet flow. The list of parameters is 
not complete nor have the values associated with these parameters been optlmteed. 

Casing treatment studies are continuing, so this discunsisn covers only the results 
obtained thus far. 


EFFECT OF CASING TREATMENT ON STAGE PERFORMANCE 

Casing treatment was applied to several single stages. The reference per- 
formance of one of these stages with a conventional solid casing is shown in fig- 
ure 1-29. The two curves show the design speed performance obtained with-unlform 
flow and with tip radial distortion. The overall stage performance with uniform 
flow was good. The maximum efficiency was about 86 percent at a pressure ratio 
of 1. 61; and the stage also had a good initial stall margin as indicated by the large 
range in flow between the operating line and the stall limit line. When the rtage 
was dubjected to a rather severe tip radial distortion, the stall margin was severely 
Umitod as indicated by the lower curve. If this stage had required a stall margin 
with distortion tliat was greater than the Umited amount shoWn, it would have been 
necessary to move the Operating line further down on the Speed line. MafAin g this 
stage in this manner would result in a large penalty in effieienc^ due to the rapid 
fall-off in efficiency at weight flows greater than that for the operating point shown. 

The results obtained with the application Of casing treatment to this sta ge are 
shown in figure l-3o. The solid curve represents stage performance at design speed 
with tip rmiiai distortion mid no casing treatment.. This curve is the same as the ' 
curve shown for flow distortion in figure 1-29. ,, , 

With casing treatment and for the same distortion, the Stall mar^ was 
greatly improved over that obtained With a solid casing as Indicated-by the large 
shift in the stall limit line, m fact* the measured stall margin using treat- 
ment With flow distortion approached that obtalhed with an untreated casing and uni- 
form flow. Casing treatment also provided large improvements ih stall mai>gin at 
lower speeds as weU. fa fact, at lower speeds, the stall margin obtained with 
casing treatment and distorted flow were actually greater than those measured for 


16 


uniform flow. The eaeing treatment need on thie etage consisted of skewed slots 
over the center portion of the rotor blades with a partition added to Utnit recircu-' 
lation in the axial direction (see fig. I”28). 

Casing treatment has been successfully applied to several other fan- and com- 
pressor stages. The results are presented in figure 1-31. The solid casing results 
shewn for uniform and radially distorted flow were presented previously in fig- 
ure 1-24. The additional cross-hatched bars represent the casing treatment results 
with tip radial distortion. By use of casing treatment, the stall margins wittvdis- 
tertion-were greatly improved for all- stages studied. In fact, the stMl maridns witlr- 
distortlon practically equalled and in some cases, even exceeded the-lnitial stall 
margins obtained with uniform flow. 

The results presented in figure 1-31 Were obtained using various types of -casing 
treatment, such as those previously discussed. Although not discussed herein, 
easing treatment provides good improvements in stall margin with circumferential — 
distortion as well. Also, casing treatment works quite well over a fUlL range of 
speeds. Thus easing treatment is an effective and-relatively simple means- for 
combating the distortion problem. 

CASING TREATMENT EFFECTS ON STAGE EFFICIENCY 

Ah important factor to consider with use of easing treatment Is Us effect on- 
overall stage efficiency With uniform fiow-aueh as exists at eruise flight cendiiloas 
where efficient operation is essential. 

The data previously presented in figure 1-30 show that this stage responded 
favorably to casing treatment with distortion of the inlet flow. The performance- of 
this same stage with casing treatment but with uniform inlet flow is shown In fig- 
ure |[-32. With uniform ^ow, casing treatment caused about a one ixdnt loss in 
peak efficiency and a Small gain in the stable flow range. Although the use of casing 
treatment did cause a smell drop in efficiency^ this penalty is more acceptable than 
the alternatives that are available. Because this stage has a very limited stall 
mai^gih with distortion, it Would probably be necessary to move the operating Ihie 
to a lower pressure ratio. This wovdd cause a drop in efficiettcy much greater than 
that caused by the casing treatment. With treatment, the desindile operating line 
can be preserved. 

For the various casing treatments that have been tested, some have given 
greater improvement in range but with significant losses In efiiciency, and mhers 
With smaller efficiency lossOs have not been as effective in improving range. The 
casing treatment applied to the stage for which data are presented m figures 1-30 


and l-.8a raprnaentn a good domproraise} that is, an appreciable increase in range 
under distorted How conditions with only a small loss in peah emciency. 

In stages which are tip critical, casing treatment is a very promising method 

for extending both tho operating range and the distortion tolerance with little or no 
loss in e^iciency, 


STATOR-HUB-CASING TREATMENT 

As methods are developed for delaying the occurrence of stall in the rotor tip 
region, it is apparent that some other portion of tho compressor will bocomo tho 
critical problem area. This critical area is likely to bo the stator hub region, par- 
ticularly for highly loaded 8tages< Some method of treatment tho stator hub will 
eventually bo required if continued increases in range and stall margin are to bo 
realiaed. As an example, for the 1000-foot-per-seeend stage previously discussed, 
the use of stator hub silt suction alone provided improvements in stall margin with 
uniform flow. Also, since no-bleed casing treatments worked so well in delaying 
rotor stall, the use of Similar treatments for stators may help alleviate stator hub 
problems. The first such stator hub casing treatment to be studied at NASA-Lewls 
is shown In figure 1-33. The treatment consists of a series of circumferential 
grooves in the hub beneath cantilevered stator blades. To fully evaluate stator 
hub treatment, tests wUl use casing treatments for the rotor as well (see 

fig. 1-33), Several other methods of stator hub casing treathient are also being 
considered. 

If even greater stall margins can be obtained through the use of Casing treat- 
ment on both the rotor and the stator, then the use of such stages can lead to im- 
proved performance of multistage Compressors. 


MULTrSTAGE COMPRESSORS 

The data presented thus far have all been for either single rotor blade rows, or 
for single stages. A further Step in l^ASA research on. hig^ pressure ratio Mnrtiwg 
and casing treatment is to apply these research findings to multistage and com- 
pressors. This Step In the research program is to imcover any stage interactions 
that may limit the application of single stage results to multistage fg'n S umh com- 
presBors. 

At present, the NASA program at LeWlb includes two muttlstage compressors. 
00 th units have highly loaded stages and incorporate the design principles develop^ 


IT 


In our alngle^atftge reaearch. The firat eorapreaaar haa aeven atagea and la de- 
Blgned for a flrat atage -blade tip apeed of 1200 feet per aecond and overall preaaure 
ratio of 0, 0. Tho aecond compreaaor haa five atagea and la dealgned for a Made 
tip apeed of 1400 feet per aecond. It alao haa a preaaure ratio of 0.0, Bothunlta 
meet the general reqtulrementa of corapreaaors for turbojet or turbofan-euglnea. 

A photograph of the aeven^atago compreaaor, with half the casing removed, la 
presented In figure I'-34. This machine la currently being tested. Very complete 
overall and blade row performance measurements will be made, and casing treat- 
ment will be applied to several of tho Inlet mtd exit stages. Because of an unusual 
number of aerodynamic and moehanlcal problems, satisfactory data are not yet 
available. 

The ftve-stage compreBser is currently being fabricated. In addition, a two- 
stage fart is being designed. This fan will be designed, built, and tested on NASA 
contract. Tho design tip speed for this fan is 1480 feet per second and the pres- 
sure ratio is 2. 8. Casing treatment will be applied to both-tbe Bve-stage compres- 
sor and the two-stage fan. 


SUMMARY 

Test results of rotors for high pressure fan or compressor stages showed rotor 
efficiencies that ranged from slightly above 90 percent at a blade tip speed of 1000 
feet per secemd to slightly less than 90 percent at 1600 feet per second. The blade 
design principles that must be used to obtain these high levels of efficiency were 
discussed. Studies have shown that a relatively high level of losses encountered 
In stator blade rows for high pressure ratio stages. These losses are particularly 
high In the end-wall regions. Several approaches to reduce end-wall losses have 
been, or are being, investigated. However, even with these high stator losses, a 
stage efficiency greater than 85 percent at h pressure ratio hpprcrilchihg 2.0 has been 
achieved. The flow range or Stall margin of high pressure ratio stages may or may 
not be adequate, depending on the severity of Inlet flow dlstortlott that must be tol- 
erated. Casing treatment was discussed as an effective approach to delaying stall 
when the rotor blade ti^ is critical; that IS, when the blade stalls at the tip first. 
Casing treatment Is particularly effective with Inlet flow distortions. Although the 
data presented were all for tip rSdlal distortion, casing treatment was also quite 
beneficial with circumferential distortion. Empirical principles Identified In the 
NASA research program were used to design casing treatments that provided sub- 
stantial Improvement In stali margin ahd distortion tolerance with little or no loss 
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In cotttpmient efficient. Results £rotn.the single-stage programs are being incor- 
porated in multistage research fans and compressors. 
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II. TURBINE AERODYNAMIC CONSIDERATIONS 
FOR ADVANCED TURBINES 
Thomas P. Moffitt, Stanley M. Nosek, and Richard J. Roelke 


Advanced engines offer many interesting challenges to the turbine designer. 

For example, the continuing trend to higher temperature complicates the problem of 
effectively cooUng the turbine. Another example is the trend in fan engines toward . 
higher bypass ratios. These trends create special problems for the turbines flat 
drive these fans. This paper briefly describes some of the turbine aerodynamic 
work currently under way at Lewis to study two of these problem 


TURBINE BUDE LOADING 


The first problem area is related primarily to fan type engines mid wltt 
turbine loading requirements. High blade loadings may be required fOr the follow- 
ing reasons: 

(1) As bypass ratios increase, the diameter of die turbine to drive the fan be- 
comes smaller. This decrease in diameter tends to increase the number of turbine 
stages required to extract energy from the gas, which, of course, is Undesirable. 

(2) Decreasing the number of stages is desirable in order to keep down the 

length and weight of tile turbine. 1 

(3) Reducing the number d blades per stage could also be desirable from a 

weight or turbine cooling consideration. ■ 

Figure n-1 shows hOw blade loading is related to the velocity distribution ilodg 
the sucUon and pressure surfaces of a typical blade. As indicated* the leading is 
proportional to the area bounded by the tWo velocity distrlbuttons. One dbVloUs 
to increase the area and loading is to increase the maximum velpcity on the Suction 
surface, this incr^ses the amount of diffusion, or flow-deceleratiott, r^iiir^ on 
the aft portion of the suction Surface from the maximum velocity; to ^e required out- 
let velocity. H this diffusion is toO large for a given boundary -layer condition, the 
flow can separate and cause high blade loss. The effect of this flow separation on 
blade efficiency is ?lemonstrated in figure fi-2. The blade on the left had 


flow-wlttua reasonably low blade loading’, and high emclency. As blade loading was 
increased to higher values, the flow separated from the blade on the right and re- 
sulted in high losses, or low efficiency, as Indicated. What is desired, then, are 
techniques to increase blade loading to higher values while still maintaining high 
efficiency. 


Advanced Loading Concepts 

Several blade types were screened to increase blade loading amUncloded plain 
blades, tandem blades, Jet -flap blades, tangential slots, and blades with vortex 
generators (refs. I to S). Of those- investigated, two that appeared prmnising and 
were pursued were die tandem and the Jet-flap blades (fig. n-3). 

As Indicated, the tandem blade requires only one gas stream, whereas the Jet- 
flap blade requires a secondary source of gas that might already be required for 
turbine cooling. The use of this type for both cooling and high loading depends 
largely on whether or not the coolant would have enough momentum left after Internal 
cooling to be effective as a Jet flap. The descriptions, test procedures, and results 
for both the tandem and Jet -flap blades are found in the references. However, this 
paper concerno only the tandem blade, since the general results are typical of (hose 
obtained from the Jet-flap blade also. The concept of the tandem blade is this. The 
flow InitiaUy accelerates on the forward foil, with a corresponding boundary-layer 
growm. Before the lasge diffusion to the outlet condition, the blade is cut off and 
die diffusion is allowed to take place on a second, or rear, foil which starts with a 
clean boundary layer. The concept, men, is to have the diffusion take place on a 
relatively diin bmindary layer Itt an attempt to cause the flow to remain attached. 

The effectiveness of this concept is demonstrated in figure tl-4. This figuro^ >pws 
wake traces of total pressure taken behind a tandem and a plain blade In ca e 
tests for the same test condlUons. As shown for the tandem blade on die Iv,- die 
wake from the forward foil persisted to the exit of the blade. The deficit in area as 
shown by the depth and width of these traces is a measurement otUhe losses on the 
blade, and as can be Seen from the figure, the deficit in area for the blade 
appears to be larger than the combined wakes from the tandem blade As a matter 
Of fact, the losses from the tandem blade Were determined to be about one -half 
those of die {dain blade. 


InltlaUanddEn Rotar 


The initial tandem rotor tented la shown in figuro n»6, This turt>lne stage had 
a tl^ diameter of 30 inches. The number of blades in this rotor Is comparable to 
that in a tirpical-plain blade turbine, It is labeled as a ••high solidity" rotor to dls- 
tittgniSh it from a rotor that is shown later with a low solidity, A large amount of 
diffusion Was Imposed across the hub of Oils blade by requiring tiiat the outlet veloc- 
ity at the hub be less than the inlet velocity. This reduction in velocity across the 
blade row is caUed "negative reaction" and is discussed later. The performance of^ 
this rotor in terms of turbine efficiency Is shown in figure n-6. As the 

efficiency of the turbine remained at a relaUvely high level over the range of pres- 
sure raUos tested. Tu6 design pressure raUo was 2. 1, and the correspondlitt effi- 
ciency was about do percent. 


Low SolIdItyTdndom Rotor 

With the concept of the tandem blade demonstrated by the initial cascade and 
rotor tests, a second tandem rotor was designed With considerably Hfld e 
loading. A photograph of this rotor compared to the rotor Just described is shown 
in figure n-7. It can be seen that the mechanism used to increase blade 
solidity. That is, diere are both fewer blades and shorter chord leityths for the tow 
soUdlty rotor compared to the high solidity rotor. Both rotors were designed to 
produce the same power for the same weight flow and imposed pressure drOp across 

the turbltae. The performance of this rotor compared to the high solidity rotor is 
shown in figure H-3. 

It is apparent from this comparison that the efficiency dropped considerably for 
the low soUdity rotor, especially at the higher pressure ratios. At the low assure 
ratio tested, 1. 6, die efficiencies of die two turbines were about equal. However, 
at the design pressure ratio of 2. 1 diere was a decrease in efficiency cf about 4 * 
points. This decrease became larger as pressure ratios increase. If appears 
from these results, then, that there is a l^ach number etiect bn perfocmat^ of this 
turbine. That is, as pressure ratio and Mach number increased to highly values, 
the tosses became considerably higher, this can be pad-tialty explained by going * 
back to the blade loading description of figure H-1. Because of the tow SoUdity and 
high loading, the maximum velocity on the suction surface was above sonic; Appar- 
ently the Interaction Of the local shocks with the diffusing condition resulted in high 
local tosses and possibly flow separation. 


Application of Tandem Blades 


The evideruie indicates, then, that the ta.ndem blade may be a useful device to 
controUarge amounts of diffusion efficiently provided that the maximum Surface 
velocity is subsonic, This would be especially true in the case of a negative reac- 
tion blade row, where the outlet velocity would be lower than the inlet velocity, which 
then would require even more diffusion. This is shown in figure n-g. This theoret- 
ical velocity distribution shows an imposed outlet velocity less thon4he inlet velocity, 
or a condition of negative reaction, Also, die maximum velocity is loss dian sonic. 
This could bo an application, then, where a tandem blade could bo considered as a 
useful device to control large amounts of diffusion efficiently. 

Such an application could be made to a high bypass-ratio fan drive turbine. Fig- 
ure II-IO is a schematic of a three -stage turbine designed for a fan drive mat is 
cbaraeterlzed by low.blade speeds, low Mach numbers, and negative reaction condi- 
tions across the hub region of the last stage. This Is an example, then, where a 
tandem blade desig n could ba ap plied. 


TURBINE COOLING AERODYNAMICS 

The second area to be discussed deals with the aerodynamics Of turbine cooling. 
To design cooled turbines properly. It is necessary to account for the effect mat tihe 
proposed coolant will tmve (hi turbine efficiency. It was felt that me effect of me 
Coolant Is mostly a function of me location and direction of me coolant ejectioti and 
me energy level of me coolant flow. 


Blade Types Tested 

In view of mis, two extreme cases were investigated wim respect to coolant 
ejection types. The blade types tested are shown in figure n-U, Thejrare the slot- 
ted trailing edge On me left and two types of porous dkin blades on me right. They 
all have me same blade profile as me solid uncooled stator blade ehown at me top of 
me figure. The detailed description and test results can be found in references $ 
to 14. 

The trailing edge slot blades ejected all me coolant through a slot in me trailing 
edge in a direction generally me same as me adjacent prinmry air; The two types 
of pOrOus Skin bladeS tested, Ihe discrete holes and me wire me^, ejected air 


around the entire periphery of the blading and in a direction generally normal to the 
adjacent alratreara. A number of q[ualifying atatements ought to be made now 
First, the relative performance of the blades was dotormined by measuring and com^ 
paring the total^-pressure losses at the exit of the blades, R was felt that tempera- 
ture ratio would have only a small effect on these measurements. Therefore, all 
tests wore conducted with cold air, with no attempt to match arty temperature ratio 
bo^een the coolant and primary air. Second, the blades were made as Simple ns 
possible, with no internal pressure drop devices Installed to simulate that which 
might bo encountered in an actual cooled blade. For example, in the blade on the loft 
tlie trailing edge slot, required very little m*essuro drop to eject the coolant out the ’ 
trailing edge. On tho other hand, the porous skin typos on tho right required a con- 
siderable pressure drop on tlio coolant side to eject the coolant through tho porous 
skin. The effect of some of those differences is discussed later, 

A photograi^i of the throe blades tested is shown as figure 11- 12. The blade on 
the left had a slot extending along the entire length of the traiUng edge. The dis- 
crete hole blade was self-supporting and the variation In flow around the blade was 
controlled by varying the porosity of the holes around the Surface. The wife mesh 
blade was made by wrapping and welding a wire mesh around Internal struts. The 
electron beam welds between the mesh and the Internal Strut can be seen in the flg- 
ure The distoibutlon of the coolant around the periphery of this blade was cohlroUed 

uf metering holes in the orifice plate that can be seen at the top of 

the blade. 


stator Surveys 

Figure fi-l3 shows one type of blade (the wire raeSh blade) Installed in a com- 
plete stator assembly. Annular surveys of total -pressure loss were » nade behind 
each of the stator blade rows. A comparison of the wake traces made at the mean 
section behind the various blades is shown in figure n*14. The wake traces are 
shown as a drop in total pressure as a percent of inlet total pressure for coolant 
flows up to 7 percent. Again, the deficit In area shown by the wake is an indication 
of blade losses. The blip for 7 percent coolant on the Irft (negative value of pres- 
sure drop) means that the total pressure of tiie ejected coolant whs higher »h n n the 
Inlet total pressure of the primary air. R was higher because the Only way to vary 
the coolant flow rate for a fixed slot slSe Was to vhry the Cavity pressure of the 
coolant within the blade. ' 

Both wakes show a 0 percent coolant trace taken when the coolant was turned off. 
Of particular interest is a comparison of wha t happens to the width of this wake as 


cciol((nt Is added, As can be noted on the left for the trailing edge slot, the coolant 
filled in the wake from the trailing edge of the blade, However, its effect did not ex- 
tend outward Into the region of tlie primary flow. This was nol the case for the 
porous skin type. As flow was added, there was a large buildup of boundary layer 
on the suction side that extended this boundary layer fconslderably Into the free 
stream area, A comparison of the efficiencies determined by the full annular sur- 
veys taken behind the various blades IS shown in figure Il-IB, The stator efficiency 
indicated is a measuremeht of tho total kinetic energies of both flows involved, com- 
pared to the total ideal energies of both flows involved. An obvious difference exists 
in the level of efficiencies experienced by both the porous skin blades when compared 
to tho trailing edge slot. The offlcloUcy of tlie trailing edge slot varied very little 
from its value at zero flow and is close to the 97 -percent efficiency of the solid 
blades tested, Tho porous skin types, on die other hand, decreased in efficiency 
continuously as coolant flow was added. As an example, at C percent coolant flow 
the efficiency of Uie porous skin blades decreased about 10 points. The reason that-- 
the efficiencies of tlie porous skin blades were lower at zero flow is that a small 
amount of primary air "leaked through" the blades when the coolant was turned off 
and caused a Small drop in efficiency. This leaking condition did not exist at cool- 
ant flow rates above 2 percent. 


Stage Performance Tests 

The solid rotor Used to determine stage performance Of all three stator configu- 
rations is 30 inches in diameter and the blades are 4 inches long (fig. n-16), A 
comparison of the resulting stage efficiencies for the various turbines is shown in 
figure tt-17. As expected, this comparison of stage efficiency is similar in trend 
to the comparison of the stator efficiencies shown previously. The thermodynamic 
efficiency of the turbine with trailing edge Slots remained very close to that of the 
uncooied turbine with solid blades. Which had an efficiency of 92^ percent. The 
porous skin turbines had efficiencies of about .90 percent at zero coolant flow and 
decreased to about 86 percent at 4 percent coolant flow and about 81 perqent at 
7 percent coolant flow. 

Partially Blocked Porou$ Skin 

It should be restated that the results presented have been for blades purposely 
selected to represent two extremes in terms of location and direction of coolant 
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eJecUoft, Returning to the skp ch of the blades tested (fig. n-11) it is recognized 
that UteraUy hundreds of various cooUng schemes could fall somewhere between 
these two extremes. For example, the trailing edge slot blade tested on the left 
had a relatively small pressure drop required to eject the coolant. For an actual 
blade, of course, the particular internal flow passages would decrease the energy 
level of the coolant as it is ejected from the slot. Also, practical considerations 
flhouldbe made fOr porous skin blades. For example, it may be deSir^le selec- 
tively to block Off various portions of the blade. To demonstrate this blocking, the 
wire mesh blades were retested with the back two-thirds portion of the suction sur- 
face sealed. AU.the coolant, then, was ejected from the forward ohe-third of the 
suction surface and the entire length of the pressure surface. 

A comparison of the total -pressure wake traces for this test is made in fig- 
ure H-18. A considerable difference in the pattern of the wake traces can be noted. 
For die full ejection case on the left, there iVas the large buildup of boundary layer 
on the suction Side referred to earUer. For the partially blocked blade on the right, 
the thickness of the boundary layer on the Suction surface became substantiaUy less’ 
and, of course, because a larger portion of the airovas ejected ou‘ the i»*essure 
surface, the boundary layer on the pressure side became substantially greater 
Therefore, if the general width and depth of the two boundary layers are compared 
the partially blocked blade on the right should have a higher performance. This is’ 
true as shown in figure R-19, where stator efficiency is presented as a function of 
coolant flow for the two blades. To calculate efficiency, both blades were charged 
With the same coolant pressure drop to eject a given amount W coolant flow. As 
Indicated, a small improvement in efficiency resulted. 


SUIVIMARY 

to summary, concepts to increase blade loading may be useful tools to control 
large amounts of diffusion efficiently, provided that the maximum local Surface ve- 
locities are Subsonic. One indicated arpa of.appllcatiOn could be high bypass ratio 
fan drive turbines, where the required low blade speed results In a generally low 
level of Mach number throughout the turbine. 

For turbine cooling, the effect Of the coolant on turbine deficiency has been shown 
to be a function of the location tnd direction of the coolant ejection and tke energy 
level of the coolant. Although the blades tested were hot designed for actual cOolirig 
the results indicate that the aerodynamic penalty cart he significant and should be 
considered when evaluatihg a given cooUng application. Some of the actual turbine 
coolant cohslderations are discusSed in the paper by Ellerbrock and Cochran 
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in. TURBINE COOLING RESEARCH 
Herman H. Ellerbrock and Reeves P. Cochran 

The tread in both military and commercial aircraft gas ttirbine engines is to- 
ward tnrbofan engines having a compact, high -temperature, high-pressure gas 
generator or "core. »• As the turbine inlet temperature is increased, it is necessary 
to increase the compressor pressure raHo to obtain minimum specific fuel consump- 
tion; therefore, increases in turbine inlev tenuperature will generally be accompa- 
nied.by increases In the compressor pressure ratio, Witii preSent-day technology, 
plus the ^pected development of improved turbine cooling processes, advances in 
turbine materials, and advances in vane and blade fabrication techniques, it seems 
probable that turbine inlet temperatures equivalent to those achieved by stoichio- 
metric combustion will be em;4oyed in future gas turbine engines. Por 3P type 
fuels burning at stoichiometric fuel-air ratios, the resulting combustion gas tem- 
perature will be of the order of 3500° to 4000° P, or higher, depending on the fUght 
speed and altitude of the airplane in whidi the engine is installed. For these very 
high gas temperatures, the associated compressor pressure ratio may be of the 
order of 30 or 40 to 1. It appears, therefore, that future gas turbine aircraft en- 
gines may operate at turbine inlet temperatures of the order^rf 4000° P and gas 
pressures as high as 600 psia. 

The NASA Lewis Research Center is currently engaged in investigating turbine 
cooling for application to aircraft gas turbine engines at gas temperatures up to 
about 4000° P and gas pressures up to about 600 psia. Present faciUtieS permit 
experimental research at gas temperature and jmessure of about 2500° P and 125 
psia, respectively. Proposed faciUties will extend4he range of ekperimental en- 
vironments to the higher levels. 

The purposes Of this paper are threefc’d, namely, (1) to discuss tiie objectives 
of toe Lewis turbine Cooling program, («) to Indicate how and with what facilities 
the research is conducted, and (3) to present some results that have been obtained 
to date. ]bi brlef^ toe turbine cooling research goals are 

(1) To develop improved methods and to modify existing theories for predicting 

vane and blade local temperatures for all ty^S oi Cooling processes 

(2) To develop methods for predicting vane and blade life 
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(3) TO Investigate cooling poneeRts for future high -temperature, high-pressure 

engines 

(4) To investigate advanced metal joining techniques that can be employed to 

fabricate vanes and blades having high cooling effectiveness 
tip to the present time convection cooling with air has been the primary means 
of cooling the vanes- and blades at aircraft gas turbines. In some instances augmen- 
tation of the convection cooling has been achieved by the use of film cooling from 
holes or slots located in eortaia critical regions ®f the vane or blade airfoil. For 
the severe cooling conditions anticipated for future high -temperature, high-pressure 
engines, it is unlikely that convection cooling will be adequate; therefore, more 
effective coolit« processes such as full -coverage film cooling and transpiration 
cooling will be required. Reference 1 discusses these various cooling methods, 
analyzes their limitations, and indicates their future potential in terms of turbine 
inlet temperature, gas pressure, coolant temperature, and relative coolant flow re*- 
quirements. Reference 2 discusses the cooling potential ot convection -cooled tur- 
bines, including the effects of reduced cooling air temperature, for Mach 3 fl^ht 
conditions. References 3 to 11 report research that has been conducted on film and 
transpiration cooling; references 12 and 13 discuss impingement cooling, 

Sresently most convection -cooled turbine vanes and blades are made from one- 
piece castings of nickel-base high -temperature alloys. For some cOoling applica- 
tions, sheet metaLlnserts are placed within the finished castings to provide impinge- 
ment cooling. In order to utilize some of the most elective advanced convection 
cooling Concepts, the vanes and blades may have to be fabricated in separate sub- 
assemblies and then joined together. For practical application, such fabricated 
vanes and blades must employ metal Joining processes that result in highly ^icient 
Joints. Two promising Joining processes that might be used to bond vane and blade 
Subcomponents together with resulting high Joint efficiencies are activated diffusion 
brazing and gas pressure welding. Both of these processes are dlscuSsod in refer- 
ence 14. 

The turbine cooling research program at the Lewis Research Center includes 
both Irt-house work and contractual efforts by universities and industry. The tn- 
house research is being conducted on both an experimental and analytical basis. The 
major Lewis Research Center experimental research facilities for turbine cooling 
consist of a Static cascade facility, a modified J-t6 research engine, and a flow 
apparatus for studies Of airflow within vanes, blades, atrf turbine disk fe-omponents, 
all of which Will be discussed in this paper. Some of file initial results obtained 
from these facilities are presented in this paper, aS well as results obtained frOm 
contractual research. 
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Experiraental reauUs from -the static cascade and engine facilities cover com- 
bustion gas temperatures-ranging from about 1046° to 2564° F, gas pressures 
about 18 to 45 psia, and coolant temperatures from.75° to 600° F. 


METHOOS-FOR TURBINE COOLING 
Description of Cooling /Methods 

Four methods of turbine cooUng are illustrated in figure IH-l. The least cdm- 
pHcated method is convection cooling (fig. ni-l(a)). In this cooling method, the 
heat that is picked up by the blades from the hot gas is conducted 'hrough the Wade 
wall to cooling air that is flowing through internal passages in the blade. Generally 
fins are used on the inside (coolant side) wall to increase the surface area exposed 
to the Cooling airflow. The heat transferred by convection from the inside b lade 
wall to the cooling.air is a function of the exposed surface area, the wall-to -cooling- 
air temperature difference, and the convective heat -transfer coefficient. 

A variation of convection cooling that can be used in certain areas on the Wade 
is impingement cooling, which is illustrated in figure m-l(b). In impingement 
cooling, jets of cooling air are directed against the inner surface of the blade wall 
to transfer heat from the metal to the coolant in a more efficient way than can be 
done with normal convection cooling. The heat transfer in impingement cooling is 
higher than that of normal convection cooling because of the very high stagnation 
point heat -transfer coefficients that can be obtained at the points of Jet impingement. 

Even more ^ficient uSe of the codlir^ air can be made by combining cool- 
ing with convection cooling aS shown in figure m-l(c). In this method, cooling air 
is passed through holes or slots in the blade wall to establish a film of relatively 
cool air on the outer surface of the blade. The cooling air picks up heat Convec- 
tively in the holes through the blade waUs and thus reduces die metal temperature. 
Then, die film of cooling air that is formed on the outer waU further reduces the 
blade temperature by reducing the quantity of heat that is transferred from the gas 
stream through the film to the blade. The cooUng effect W this film dissipates 
quickly in the presence Of the gas stream and must be renewed with 
downstream holes If more than local film cooling is desired. 

The moat efficient use of cooling air Cmi be attained by passing the air throigh 
a porous wall to establish a complete and continuous blanket of cool air on the outer 
surface of the blade as shown in figure m-l(d). The air that transpires through the 
porous wall idcks up heat Very effeCUVely from the waU by convection. The uniform 


film establl^ed on the outer wall results in an even greater reduction of gas-to- 
wall heat -transfer coefficient than was accomplished In film cooling. 


Examples of Cooled Configurations 

Two typical blade configurations Incorporating the various cooimg methods are 
shown In figure in-2. In the upper configuration (fig, lH-2(a)), three of the four 
cooling methods are combined. Cooling air enters the blade In several parallel ra- 
dial flow paths, Air in the forwardmost flow path impinges on the Inner surface of 
the leading edge of the blade through a radial array of holes. This air then flows 
chordwlse toward the rear along the inside wall on both sides of the blade to con- 
vectively cool the forward portion Of the blade immediately behind the leading edge. 
Slots in the blade wall transfer the air to the outer surface of the blade to establish 
a film -cooling layer. Air in the midchord region flows radially outward In channels 
adjacent to the blade outer wall. This airflow makes a 180° turn at the blade tip to 
enter the central midchord cavity. The air then flows radially inward and dis- 
charges from the central cavity through trailing edge slots over the blade span. 

The lower configuration (fig. IH-2(b)) is a tfanSplratloh -cooled blade. A fluted 
support Strut is the structural part of the blade. The poious material which forms 
the blade wall Is attached to this fluted strut. The channels formed by the flutes act 
as radial coolant flow passages. From these channels, the coolant passes through 
the porous wall and forms a protective film on the outer surface of the blade. 


Potentlalsulf Cooling Methods 

Simplified comparison of cooUnfc methods . - Convection COoUng (including im- 
pingement cooling) is currently being used on operational gas turbine engines, widi 
some augmentation from film Cooling in critical regions. At the severe cooling con- 
ditions expected in future engines, it is likely that convection cooling will, be in- 
adequate, and more advanced cooling SdiemeS such aS film and transpiration cooling 
will have to be used. The potentials of the various Cooling methods as applied to a 
blade can be determined in a relatively ^mple manner by considering the blades aS 
heat exchangers and evaluating the cooling requirements on k basis of the heat 
capacity of the cooling air flowing through the blades. An example of such an evalua- 
tion is given in reference 1 attd is repeated In figure IU-3. This example Shows re- 
lative coolant flow ratio required aS a function of turbine inlet temperature. For this 
evaluation, a convection efficiently Of 0 . 1 Was assumed. Convection efficiency is 


definod as ths ratio of tho rise in cooling air temperature to the maximum potential — 
rise in cooUng air temperature, Mathematically this can be expressed as 


'conv 


'^C.o 


(*) 


(Ail symbols are defined in the appendix. ) It is further assumed that the outside 
metal temperature ^ is 1800° P, the coolant temperature ^ is 1000° P, 
the gas stream, pressure is 20 atmosrfieres, and the blade wall thlcimess is 0. 08 
inch. As a basis of comparison, the coolant flow ratio required to cool the blade 
convectlvely at a turbine inlet temperature ctf 8600° P was assigned the vatae of unity. 
All other coolant flow ratios wore referenced to this base. \e can be seen in fig- 
ure m-3, the required convection coolant flow rises very rapidly over the z^nge of 
turbine inlet temperatures considered. At 3000° P, the required coolant flow-ratio 
ia three times that required at 2500° P. 

Also shown in figure m-3 are carves for full -coverage film - and transpiration- 
cooled blades. The same conditiotts-were used to develop these curves as were used 
for the convection curve except that the efficiency of film cooling was assumed to bSL_ 
0. 6 and the rfficiency of transpiration cOoUng was assumed to be 0. 8. The defini- 
tions of these rfficienciea are the same as those for the convection ^iclehcy ^ept 
that the blade wttside surface temperature is substituted.for the blade inside sur- 
face temperature. Prom figure m-3 It can be seen that the required coolant flow 
ratios at 2800° P are 62 and 42 perce^ of the required convection coolant for fuU- 
coverage and transpiration cooling, rei^pecttvely. When turbine inlet temperature 
IS Increased to 3000° P, the required coolant flow ratio increases by 83 percent for 
full-coverage film and by 43 percent for transpiration cooling. Even at 380(f* P, 
the required coolant flow ratios for these two cooling methods compare favorably 
With the required coolant flow ratio for convection cooling at a turbine inlet tempera- 
ture of 2600° F. 

Possible improvements In convection cooling , - At temperature levels Where 
convection cooling can provide adequate protection, ttiis method does have several 
advantages over film and transfUratiott cooling. The boles or slpts in the blade wall 
that are required for film cooling and the porous wall that is required for transpira- 
tion cooling result in structures that are inherently weaker than the solid walkof a 
convection -cOOled blade. Also, diese openings in the blade walls are suscepttbie to 
vibration and fatigue failures. Foreign object damage and clogging of the very 
small coolant passages fay surface oxidation or dirty cooling air Can be serious pro- 
blems In film- or transpiration-cooled blades. Fabrication techniques for film- 


and transplratton-cooled blades are usually more complicated and more unconven- 
tional than the fabrication techniqtues for convection-cooled blades. As pointed out 
in the paper on turbine aerodynamics by Moffitt, Nosek, and Roelko, the entrv of 
low-energy cooling air into the gas stream along the blade surface in film and trans 
piratlon cooUng can have a detrimental effect on turbine performance. Therefore, 
ways of inproving convection cooling should be investigated. 

Some possible Improvements in convection cooling at a gas temperature level 
of 2750 P are shown-ln figure m-4. This temperature level is also shown as the 
square symbol In-flgure ni-8. The other assumptions that were made in this com- 
parison are Indicated by the values at tine tops of the bars in figure III -4. First, 
consider the possible Improvement with increased convective efficiency. If a vmw 
cooUttg configuration with an ideal, but unobtainable, 100 percent convection effi- 
ciency could be produced, tlie relative coolant flow ratio could be reduced as shown 
by the bar on the left in figure m-i, The same magnitude of coolant flow reduction 
can be obtained by reducing the vane wall thiekness to 0. 03 inch as i^own by the bar 
on the right in figure ni-4. Thinner walls result in a- smaller temperature drop 
through the walls. For a cottstaht outside wall surface temperature, which may be 
determined by mcidatlon limitations, a smaller temperature drop through the wall 
results in a larger temperature difference between the inside wait temperature and 
the cooUng air temperature. This larger temperature difference permits better 
utiUsatiOft of the cooUng air by allowing higher cooUng air temperature rises. It 
can be concluded from this that the wall should be made as thlhas possible consis- 
tent with structural considerations such as foreign object damage, gas pressure 
forces, and oxidation effects. 

fiven greater Improvements in convection cooUng can be t^talnedby reducing 
the coolant temperature or increasing the allowable vane metal temperature. The 
bars in figure m-4 Show that the effects of a 400® P reductibn in cboUng air tem- 
perature or a 200® F increase in the aUowable vane WaU temperature to 20d0^ P 
reduce the coolant flow required to about half tiw original vahie. This 
shows that reductions in CooUng air temperature or increases in allowable metal 
temperature are far more effective in permitting either higher turbine inlet tem- 
perature or lower coolant flow ratios than will ever be possible by improvlog the 

cooUng effectiveness <rf convection -cooled turbine vanes. 


EFFECT OF CHORD SIZE ON COOLANT REQUIREMENTS 
Trend In Blade Size 

The trend in future engine design is toward the "core" type engine whichOias 
higher gas temperatures and compressor predsurs-ratioa than engines currently in 
use. The turbine van .s and blades of these core engines are much smaller than 
those used in most present-day engines, These advanced engines will operate at 
temperatures up to 4000® F and pressures as high as 600 psia with blade Spans of 
about Ig- inches. Future helicopter and lift engines will operate at less severe con- 
ditions with turbine inlet temperatures reaching 2600® F at pressures of approxi- 
mately 150 psia. However, these latter engines Will have blades with spans of about 
0. 75 inch. 


Eftect Of Chord Size 

Because <rf these trends toward small-siSed turbine hardware, a study of the 
effect of blade size on the coolant requirement has been initiated within the NASA 
Lewis program. This study is being done under NASA contract NAS 3-18205 by 
AiResearch Manufacturing Company. In this Contract study, an analysis is being 
made to determine the effect on cooling performance of scaUng down given turbine 
blade cooUiig configurations Within fabrication constraints. Any attempt to deter- 
mine the effect of chord size on cooling performance in a wide variety of engine 
applications would be prohibitively Complex. As a consequence, for the analysis 
Simplifying assumptions were used. Some of th^ morn important assumptions were 
(1) a fixed mcternal aerodynamic shape, (2) cott-;„.,:: solidity and constant corrected 
velocity triangles, (3) chords of 0. 75, 1, and 1. 6 inches, (4) a constant turbine 
blade Span which was consistent with the radius raUo and aspect ratio for tike 1-inch- 
chord blade, (6) turbine inlet and cOoling air inlet pressures and temperatures 
would be expected in advanced engines, and (6) a Creep life of 1006 hour«^ for tiie 
blade material. 

For a specific engine design when blade SoUdlty is held constant, a reduction In 
chord length (i. e. , larger aspect ratio) will result in higher aerodynamic efficiency 
and a tighter weight turbine. However, fabrication limitations cah make the cooling 
of short -Chord blades difficult. Usually proportional reductions of the already -small 
dimensions of the internal passages and Wall thicknesses Of the blades are rtot prac- 
tical. Therefore, the ratio of internal to external heat-transfer areas and the, hitio 
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of cooUngt.ftlifnow to gaa flow areas decrease as chord siae decreases. These lac- 
tors can result in lUgher coolant flow requirements at a_given turbine inlet tempera- 
ture or in reduced allowable-turbine inlet temperatures where cooling air pressure 
drop Is a limitation. 

The results of- toe analysis of one of toe convection -cooled blade configurations 
considered In toe study are shown in figure in-8. The blade is of cast construction 
with transverse cast-in fins at the leading edge and cast-pin fins on a triangular 
spacing la the remainder of the blade. At toe leading edge, air flows radially out- 
ward to exit at toe Up. to the remainder of the blade, air flows boto radially out- 
ward to exit at the tip and horizontally (chordwise) to exit through holes in the trail- 
ing edge. The results with this blade design p.re Shown for a turbine inlet gas tem- 
perature of gl00° P. This gas temperature was toe maximum allowable gas tem- 
perature for a 1000 -hour life for the 0. 16-inch chord blade. This figure shows an 
increase in cooling flow requirement as chord size decreases. This trend held true 
for cooling air supply temperatures of both 800° and 1200° P. It can be concluded 
from this study that conVecUon cooling of short-chord blades will be difficult. 

The analytical study diowed that for bUdes cooled by a combination of convec- 
tton and film cooling, a consistent trend with chord size did not necessarily result, 
to some of these designs, local thermal stresses induced by the film cooling re- 
sulted in the 0. 75- and i-ineh-chord blades having allowable temperatures higher 
than the 1. 5-inch-chord blade. AddlUonal InformaUon on the effect ot chord size on 
weight and cooling is contained in reference 15. 


EXPERIMENTAL APPROACH FOR EVALUATION 
OF COOLED CONFIGURATIONS 

Experimental evaluaUons are required on air-cooled Configurations to verify 
that the criteria used in the design of these configurations are ^^Uid. These design 
criteria are based on the best at^lable knowledge of the heht-^ansfer processes in 
and around the configuration. To provide accurate inputs for cheddbg the design 
calculations, toe temperature, pressure, and flow rate of both the gas stream and 
the cooling air are measured in the experimental testing. The design criteria cuA 
then be modified and refined on the basis of comparison between analytioU-and ex- 
perimental results. The improved design Criteria can then be used to pitoduce bet- 
ter configurations. Ideally, these well-designed configurations will not have to be 
subjected to mfpensive developmental testing to determine unknown effects that Were 
not accounted for In the design. Typical procedures for determining cooling air, 


gas stream, and metal temperature conditions experimentally are Illustrated in this 
section. 


Cooling Airflow Distribution Studies 


On tho cooling air side, the distribution of the cooling air in tho various pas- 
sages within tho configuration is vory important, This flow distribution can bo do- 
tormlnod from airflow studios on the actual configuration. Such a study on a typical 
air -cooled vane configuration is described in tho following paragrai*. 

Ooscrlption of typical air-cooled vane . - A typical air-cooled vane is shown in 
figure m-O. This vane was designed for operation in a gas environment of 2600° P 
temperature and 180 psla pressure with a flow of 750° P cooling air '>quai to about 
percent of tlie total engine flow. The airfoil portion of the vane is a single -piece 
castit^ with a slotted tubular Insert at tho leading edge and a perforated sheet metal 
insert in the midchord section. A cast cap is used on the vane tip to enclose an In- 
tegral tip cooling air chamber and provide a cooling air inlet tube. Cooling air 
enters the vane through the short radial tube on the tip platform. Inside this hollow 
platform, the cooling flow divides into two paths. Some of the cooling flows radially 
Inward Inside the slotted tube in the leading edge section. The air then passes 
dirough a linear array of radial slots to impinge on the Inside surface of the vane 
leading edge. After impingement, the air flows chordwise to the rear on both sides 
of the blade to convectively cool the section immediately behihd.the leading edge. 

This air then flows radially inward behind the leading edge supply tube to be dis- 
charged at the vane hub (see arrow). 

The remainder of the cooling air entering the vane flows into a central midchOrd 
cavity formed by the perforated Sheet metal Insert. This air impinges on the Inside 
walls in the midchord section and then flows chordwise to the fear to further con- 
vect* jly cool this region. At the trailing edge, the airflow separates Into three 
flows. One flow exits through a radial row of slots to film cOol the suction surface. 

A Second flow exits through similar slots on the pressure surface for film cooUng. 

The remaining flow passes trough a series of staggered pin -fins in the split tr ail - 

ing e^e to convectively cool this part of the blade. 

Airflow distribution test apparatus . - To determine the distribution of Cooling 
airflow within the complicated vane passages, static flow tests were made as illus- 
trated in figure in -7. Oh the left in this figure is a cross -sectlprial sketch showing 
pressure tap locations for measuring coolii^ air pressure losses in the midchord 
section. The Cooling air discharging from the single exit path at the leading edge 
and from the three exit paths at the traiUng edge flows into separate collectors as 
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shown On tbo right in figuro III •’If, Th6 cooling nic pressures In theso collectors aro 
set at-levels. representative of gas streanvjjonditions during engine operation. Thus, 
the quantity of cooling air discharging from, each exit path can be measured. Ih-this 
way the apportionment of air to the various parts of the vane can-be determined over 
a range of flow or pi’essure conditions. A detailed description of a-cooling airflow 
distribution study on this vane and the apparatus is given in reference ifl. 


Static cascade Testing 

The next stop is to determine the eifoct Of thla flow distribution on vane temper- 
atures in a hot-gas environment. To do this, four vanes were installed ir e static 
cascade shown schematically in figure m-8. This static cascade was doslgnod-Xor 
continuous operation at an average gas stream temperature of 2600° P and a gas 
stream pressure of 160 psia. Short-time operation at 3000° P gas stream tempera- 
ture is also permissible. Oas stream pressure and temperature are measured by 
probes at the Inlet to the cascade test section. Static pressure Is also measured 
downstream of tiie vane row by a Une of wall taps. A picture of the cascade Is 
shrwn in figure m-d. 

The two central vanes in the cascade are used as the test specimens. The two 
outside vanes are used as guard vanes to complete the flow channels and partially 
shield the test vanes from view of the water-cooled walls. Cooling air is suppUed 
to the two test vanes from a metered and temperature-controlled source. Condi- 
tions of cooling air temperature, pressure, and weight flow are measured in the 
supply line. A separate cooling airflow is supidied to each of the guard vanes. A 
detailed description of the static Cascade is given in reference It. 

Vane metal temperatures are measured at local positions with thermocouples 
embedded la the vane wall. In addition, observation ports In the cascade walls 
(as shown la fig. in -8) can be used to obtain thermal radiation measurements by 
various methods. One method is Infrared photography. An image of the hot vane is 
recorded by a camera containing infrared photographic film, and the changes in 
density on the film image are resolved by calibration into an Isotherm map of the 
vane surface. An example of this method is Shown in figure m-10. Oh the left in 
figure m-iO is a thermal image of a hot vane as recorded on 35-millimeter infrared 
film. A reference thermocouple Is locab-,d in the field of view of the camera to 
establish a base temperature for evaluated density changes, The image is Scanned 
by an optical Instrument which automatically converts the continuous tone film image 
into Isodenslty contours as shown on the right in figure m-lO. By using the tem- 
perature of thr reference thermocouple and caubratioft curves for film characteris- 


tics, temperature levels can be assigned to the isodensity contours to make this 
plot into an isothermal map. This method of temperature measurement gives the 
detailed local metal temperatures that are essential to a thorough evaluation of the 
heat transfer taking place on the cooled vanes. A detailed description of this me- 
thod is given in reference 18. 


Research Engine Testing 

Promising vane cooling configurations are installed in a test bed turbojet re- 
search engine for testii^ under actual engine environment. A schematic view of 
the turbine section of this engine is shown in figure lH-11. This engine can be op- 
erated continuously at an average turbine inlet temperature of 2500° F; the gas 
stream.mressure is 45 psla. An extensive description of the research engine is pre- 
sented in reference 17. 

A cascade of five test vanes is installed in the vane row of this engine. This 
cascade is cooled by an airflow that is controlled in temperature and flow rate 
separately from the cooling airflow for the remaining vanes in the engine. The 
cooling air for the five test vanes is ducted directly to the inlet air tube on each vane 
to m i n i m ize leakage and thus maintain accuracy in the measurement of cooling air 
to the vanes. The remainii^ vanes in the row can be continuously cooled With a con- 
servative coolant flow and temperature while the test vanes are being evaluated over 
ranges of coolant flow rates and temperatures. This engine is also used to test air- 
cooled blade configurations. 

A five-blade test cascade is installed in the blade row of the engine as shown in 
the inset sketch in figure m-11. This test cascade is also cooled by an aitflow that 
is metered separately from the cooling air for the remaining blades in the row. The 
test blade cooling air is ducted through a balanced pressure labyrinth seal assembly 
and radially outwatd along the rear face of the tuhbine disk to the test blades, this 
seal assembly minimizes the leakage of cooling air at the tranter point between the 
stationary and rotating ports of the engine. An experimental study of this type of 
seal is presented in r^erence 19. A combination experimental and analytical study 
of the entire test blade cooling airflow path from the ei^ine centerline through the 
blades is presented in reference 20. A |fl»otograph of the rear face of the turbine 
rotor is shown in fig<ire Ql-12. 

Gas stream condition j in the engine are determined from pressure and tempera- 
ture measurements ahead on the turbine and weight flow measurements at the engine 
inlet. Cooling air conditions are measured in the cooling air supply lines. Metal 
temperatures on the blades and vanes are measured with thermocouples. Currently, 


the thermocou^e signals from the rotating blades are transferred to stationary 
readout equipment through a sUpring assembly. Because of the inherent mainte- 
nance and electric noise problems of sUprings, development work is now in pro- 
gress on a rotating shaft -mounted microelectronics data System which will accom- 
pli^ this signal transfer more efficiently witli a rotary transformer. This latter 
data system is discussed in reference 21. A rotating assembly with ten pressure 
transducers is also being developed to make rotating pressure measurements on the 
blades. Signals from the pressure transducer outputs also will be tranrferred 
through the shaft data system. 


COMPARISONS OT EXreRlMENTAL AND ANALYTICAL RESULTS 


The ultimate objective of the heat-transfer invest^ations described herein is 
to develop correlations that can be appUed generaUy to the design of cooled .vanes 
and blades. Whmi properly developed, such correlations could result in better de- 
signs that would not require so much developmental testing to qualify as flight hard- 
ware. To accompUsh this objective, the analytically predicted cooUng performance 
of vanes and blades designed from currentiy available correlations Is compared with 
ekperimental performance determined under actual or simulated engine environ- 
ments. Modifications or refinements are made in the current correlations to obtain 
good ^reement between analytical and experimental results. 

Vane and blades of various cooling configurations have been tested in the static 
cascade and the research engine just described. The cooUng characteristics of 
these cooUng configurations have been evaluated also by two analytical methods. 

The first of Uiese methods is a simple extrapolation of experimental vane tempera- 
ture data obtained at low values of gas and coolant temperatures to predict vane tem- 
peratures that would occur at higher gas and coolant temperatures. The second 
method is a thorough analysis of the heat-trattSfer processes in and around the vanes 
using the best available heat-transfer correlations. The analysis is made on a high- 
speed digital comimter. Comparisons oi the results from both analytical methods 
with experimental results are given in this section. 


Exlrapolatlon of U>w-Temperature Results to Hlgh-Teifiperatufe Conditions 

Experimental heat -transfer investigations of cooled vanes and blades at high gas 
stream temperatures are costly and time-consuming because of the deteriorating 
effects of the test environment on the test apparatus and the associated instrumenta- 
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tlon. For example, thermocouple wires that can be used on thin-walled vanes and- 
blades are nacesaarily small (approximately 3 rails dlam). These small -diameter 
wires are highly susceptible to failure when Subjected to the effects of hot gas 
streams. To conserve the service life of test apparatus and instrumentation, a 
method was developed for extrapolating experimental vane temperature data (Stained 
at low gas and coolant temperature levels to predict vane temperatures that would 
occur at higher levels of gas and coolant temperatures. 

A comparison of extrapolated and experimental data for the vane shown in fig- 
ure m-6 is presented in figure m-13. The experimental data points (circles) 
shown in . the lower part of this figure were obtained during low -temperature cas- 
cade operations. The operating conditions were a gas temperature of 1030° F, a 
gas pressure of 18 psia, and a cooling air temperature of 70° F. The solid line was 
drawn through these experimental data. The average vane temperature under these 
environmental conditions was 880° F. Prediction of the vane temperatures at high- 
er gas and cooUng air temperature levels was based on the assumptions that the 
gas Reynolds number, the gas Mach number, the coolant Reynolds number, the 
coolant Mach number, the coolant flow ratio (W^/Wq), and the ratios of coolant to 
gas temperatures (Tq^ were constant for both h4>h- and low -temperature 
cases. A gas temperature of 2864° P was Selected for the high -temperature case. 
From the ratio of coolant to gas temperature at the low -temperature level, the cor- 
responding value of the coolant temperature was determined to be 608° F. Then, 
by assuming a constant ratio of the difference between gas and average metal tem- 
peratures to the difference between the gas and inlet coolant temperatures (i. e. , 

P “ constant), the extrapolated value of the average vane tem- 
perature was determined to be 18£0° F. FinaUy, by determimng ratios at local, to 
average vane temperatures (Tjj/Tjj) for the low -temperature data and applying 
these ratios to the average vane temperature for the high -temperature case, a i 
chordwlse distribution of local vane temperatures was <*tained. This extrapolated 
distribution of local vane temperatures is shown by/ the dashed line at the top of 
figure m-l3. The validity of this data extrapolation was checked by experimentally 
testing the vane at the gas and coolant conditions that Were assumed for the extra- 
polation. The experimental local vane temperatures are shown by the Square $ymr 
bols in figure lR-13. The agreement between experimental and extrapolated tem- 
peratures is very good. This agreement Shows that, for the levels at ghs tempera- 
tures and Wall temperature gradients considered, this ^rapolation method can be 
used for preliminary experimental evaluation of the cooling performance dt vaneS 
and blades designed for high -temperature application Without testing experimentally 
in the high -temperature environment. 


Prediction of Vane Temperatures by Analytical Method 

The objective of good deslgti criteria is the accurate prediction of die tempera- 
ture of an air-cooled vane knowing the vane geometry and the gas and cooling air 
environment in which the vane wlU operate. To establish a calculation procedure 
that can be used for this purpose, detailed knowledge of the coolant flow distribution 
within the vane, the internal heat-transfer coefficients, the cooling air temperature 
and pressure, the gae stream temperature and pressure, and the external heat- 
transfer coefficients is required. The more accurately these factors are known, the 
more reliable are the predicted vane temperatures. For the vane shown in fig- 
ure m-6, the cooling flow distribution was determined as described previously. The 
appropriate heat-transfer coefficients were -determined from the best available cor- 
relations, and the Inputs of gas and coolant conditions were determiufsd by measure- 
ments in the test faclUtles (the static cascade (fig. ltt-9) and the research engine 
(fig. in-12)). These measurements included the gas temperature, the local gas 
pressure distribution around the vane, the gas flow rate, the cooling air temperature, 
and the cooling air presaire. Fundamental heat-transfer investigations of traasplra- 
tton and film cooling are being done under NASA sponsorship by Frofessor Kays of 
Stanford University (NASA grant NGR-06-02-134) and Frofessor Eckert of the 
University of Minnesota (NASA contract NAS 3-13200), respectively. Detailed me- 
thods of obtaining local cooling airflow rates and disc^rge coefficients for thltic 
plate orifices with approach flow perpendicular and incUned to the orifice axis are 
reported In references 16 and 22, respectively. Additional detailed flow studies are 
in progress at General Electric under NASA contract NAS 3-13499 for large-scale 
models simulating portions of turbine vanes. Studies are also in progress concern- 
ing the amount of heat picked up by the cooling air under an impingement cooling 
contract (NASA contract NAS 3-11176) by Professor Hrycak of the Newark College 
of Engineering. 

By employing the best available heat -transfer and flow information, metal tem- 
peratures were calculated on a digital computer for the vane of figure lU-d. The 
digital comiMter prc^ram combines an internal airflow analysis with a three- 
dimensional heat conduction analysis; iterations between the two phases are per- 
formed until a final converged answer Is obtained. The vahe is divided Into a nodal 
network which varies for each vane profile and internal cooling configuration. 

The internal friction factor law (for both turbulent and laminar flow) Is of the 
following form: 


The conatatite in this law and the entrance and exit loss coefficients are established 
by forcing the predicted flow distribution to match one of the experimental static 
flow distributions. When-these distributions agree, the program is ready to predict 
flow distributions for any olber set of test conditions. 

Cooling air temperature and metal -to -coolant heat -transfer coefficients are 
calculated in the program from, existing correlations. A stagnation impingement 
correlation is modified fc/ use Ju ihe leading edge, while an average impingement 
correlation lor an array of circular jets is used in the midchord region. 

An experimental correlation of stagnation Nusselt numbers for a linear array of 
circular jets is presented in reference 23. To make use of this correlation In the 
present at^lication, each slot jet on the vane was treated as a circular jet having 
equal area. The center -to -center nozzle spacing of the slot jets was retained as 
the cen -r-to-center nozzle spacing of the equivalent circular jets. The resulting 
correlation for the heat-transfer coefficient, after having been evaluated at the 
equivalent geometry, appears as follows; 

hn « 0. 06549 ReP* ^ ( 3 ) 

” b 

The average impingement correlation used in the midchord region is given in 
reference 24, In the terms of this paper, this correlation is expressed as 

hj^ a 0. 286 Re*^‘ ^6. 63 — ^ - (4) 

Other inputs to the program consist of the cooling air temperature, flow rate, 
and inlet and exit pressures as well as nodal values tor the effective gas tempera- 
ture and the gas-to-wall heat-tranSfer coefficient. The gas pressure profile from 
which tile cooling air exit pressures are obtained can either be calculated or meas- 
ured. This pressure |u*ofile and an isentropic, perfect gas relation are then used to 
determine nodal values of velocity over the entire surface of the vane, from which 
follows (he nodal values of both the effective gas temperature and the gas-to-waU 
heat-transfer coefficient. The equations which are used for these final determina- 
tions are as follows: 


’’G,e“'^T 

' 2gJc_ 


(5) 
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where A >=■ Pr^^® for turbulent flow, 


Hq » 1. 14 Re°- ®Pr°’ ^ 



for flow around a cylinder, and 


( 6 ) 


ho = 0. 0296 Re°’ ®Pr^/® ^ ( 

for turbulent flow over a flat plate. 

On the film -cooled trailli^ edge regions, correlations for the film cooling ef- 
fectiveness from reference 25 are used and appear as follows: 


/ Y 952 

-0.00001^-— j +0.5 (8) 

for the suction surface, and 




-0. 026 (. 


,0.498 




+ 0.5 


(d) 


for the pressure surface. 

This film cooling effectiveness is used to evaluate the adiabatic wall tempera- 
ture, which in turn is used With the convection heat -transfer coefficient to determine 
the heat input to the vane. It is generally recognized that this type of film ^nnU ng 
analysis does not apply Immediately downstream of the slot. However, this analy- 
sis is being used in the present investigations while better methods of analysis are 
being perfected. 

The vane in figure HI -6 has a staggered pitt-fin configuration in the split trailing 
edge With the trailing edge slot width varying between 0. 016 dttd 0. 031 ihch. How- 
ever, the heat-transfer correlation was chosen more for the Slot width than for the 
pin-fin configuration. The metal -to -coolant heat-transfer coefficient in the split 
trailing edge region is obtained from a curve fit of experimental data for square- 
spaced, circular pin fins from reference 26: 


h = 0. 248 Re°‘ 594^^0.333 X 


!, 




I 
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In the preceding equations, the form of toe correJatiOu is part of toe program. 
The constants in the correlation are part of the program input so that a different 
correlation for toe metal "to -coolant beat -transfer coefficient may he used merely by 
changing the constants in the program input. 

The predicted chordwise temperature distribution was determined for the mid- 
span portion of the v^o when operating in the static cascade ^flg, lBt-9) at the fol- 
lowing conditions; Tq b 1060° F, T^, b 87° P, coolant flow rate » 0, 024 pound per 
second, and static -pressure distribution around toe vane surface corresponding to 
a gas flow of 0. 454 pound per second per channel (Wq/Wq » 0. 063). This predicted 
temperature distribution is shown aS the dashed curve in figure lU-14. Experimen- 
tal vane temperature data for the same operating conditions in the static cascade 
are shown by the circled points in fig^ure Itt-14. These temperatures were meas- 
ured by thermocouples imbedded in the vane wall. A comparison 6f experimental 
and predicted temperature for the cascade tests shows good agreement over most 
of the vane. The greatest divergence between these data occurred in the midchord 
region that was cooled by impingement. 

A similar predicted temperature distrflbutionuwas determined for the vane mid- 
^n when^the research engine (fig. Hl-11) was operated at the following conditions: 
Tq = 2250 F, Tq b 78 P, coolant flow rate ■ 0. 027 pound per Second, and a static- 
pressure distribution arour>d the vane surface corresponding to a gas flow of 0. 762 
ppund per second per channel (Wq/Wq b o. 035). The predicted temperature dis- 
tribution for the engine tests is the dashed curve in figure ni-16. The experimental 
data points in figure I1I-16 were obtained from operation of the vane in the engine at 
the quoted conditions. The experimental and predicted temperatures for the engine 
test agree well in all parts of the vane except in the midchord impingement cooled 
area, as was the case in the cascade tests. 

The data comparison In figures m-14 and lH-16 show that current temperature 
prediction methods yield good agreement between analytical and experimental vane 
temperatures. However, more work must be done to improve temperature predic- 
tions for use in vane and blade life calculations. Predicted temperatures are used 
as injxit data into a computer program for tiiis life determination. A description of 
the calculation procedure is given in references 27 and 28. 


SOME RESULTS FROM STUDIES OF EXPERIMENTAL COOLING CONCEPTS 

To date, the investigations being pursued Under the NASA Lewis turbine cooling 
research program have covered (1) design studies of advanced cooling concepts for 
engines for Mach 3 flight operation, (2) flow model studies of anrm ii internal flOw 


paaaagea, (3) analytical atudlea of amall blade configurationa and the effecta of 
chord aize, (4) baalc Impingement cooling atudlea, (B) heat-tranafer Inveatlgatlona 
on advanced cooling concepta, (6) developmental work on joining technlquea for 
aaaembllng air-cooled vanea and bladea, and (7) oxidation atudlea on film- and 
tranapl ration -cooled material, Repreaentatlvo reaulta from aome of theae Inveatl- 
gatlona are dlacuaaed In thla aoctlon. 


Examples of Experimental Cooling Concepts 

Present-day production -type air-cooled blades and vanes are usually made of 
one-piece castings. To obtain better cooUng performance for the higher tempoi’a- 
ture environments of future engines, more sophisticated Internal configurations will 
be required. This aophlstlcatlon will probably mean more finning of smaller thick- 
ness and closer spacing for convection -cooled configurations, perforated inserts to 
direct the jets to the proper places for impingement-cooled configurations, and new 
ideas for supporting the walls of full -coverage film - and transpiration-cooled con- 
figurations. These requirements will necessitate studies of blade and vane con- 
figurations for both heat -transfer and structural characteristics. Some examples 
of such experimental concepts for vanes are shown in figure III-16. 

Film- and convection -cooled vane configuration . - The vane shown in fig- 
ure m-16(a) is cooled by a combination of film and convection flows with impinge- 
ment augmentation in the leading edge. Cooling air enters the midchord cavity of 
this vane as radial flow from the inlet air tube. Some of this air passes through a 
radial array (rf holes to impinge on the inside surface of the leading edge. This air 
then flows along the Inside surface on both sides of the vane to be discharged into 
the gas stream through film -cooling holes. The remainder of the cooling air in the 
midchord cavity enters chordwise finned passages on both sides of the blade and 
flows to the rear. Thin sheets at the tops of the finS confine this airflow to do con- 
vective cooUng in the chordwise passages. All the air exits through a split trailing 
edge to convectlvely cool this part of the vane. Fabrication of a complicated confi- 
guration such as this on a production basis Will be difficult. Prototype specimens 
have been made in the NASA Lewis shops for experimental test purposes. The 
fabrication procedures used were satisfactory for the short operating times required 
for research investigations; however, the joining technique used resulted In joints 
that had neither durability nor resistance to low -cycle fatigue. More reliable 
fabrication methods will be required for production -type vanes. 

To Investigate and develop joining techmques that can be used to assemble 
engine -worthy cooled vane and blade configurations, NASA Lewis is currently spOn- 
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soring two contractual efforts, One contract (NAS 3 "12433) will cover work on 
activated diffusion brazing by the Qeneral Electric Company; the other contract 
(NAS 3 "10941) will cover work on gas pressure welding by the Dattelle Memorial 
Institute. These joining techniques were selected because of apparent potentials 
for attaining stronger, more reliable joints than would be possible with other tech- 
niques such as convetloual brazing, fusion welding, enplosive welding, or hot pres- 
sure welding with dies. It la not within the scope of this paper to discuss the de- 
tails of those investigations. In general, the results showed that joints of suitable 
strength levels for application to cooled vanes and blades could bo obtained from 
both techniques. Whore applicable, activated diffusion brazing is preferable to gas 
pressure welding from tlie standixsint of cost. The Welding process is Inherently 
expensive. A special high-pressure autoclave, careful preparation of the compo- 
nents to bo joined, and internal cooling to support portions of tlie components during 
the bonding process are some of the major factors affecting the cost of the welding 
technique. Details of the work on both techniques and results of strength tests are 
ptesented in reference 14. 

Film - and impingement -cooled vane configuration . - The vane shewn in fig- 
ure lH-16(b) is film -cooled in the trailing edge section and impingement-cooled in 
the leading edge and nudchord secUons. This cooUng Is augmented by convection 
cooling in the split trailing edge and in the midchord region, where the air from trie 
impingement jets exits toward the trailing edge. This is the same vane that is 
shown in figure ni-6 and has been discussed previously. The vane was designed 
and fabricated by Pratt and Whitney Aircraft Division, United Aircraft Corporation. 
This vane is made from a one-piece casting with a slotted tube in the leading edge 
and a perforated insert in the midchord region to provide impingement cooling in 
these two areas. Pin-fins are cast in the split trailing edge to improve the convec- 
tion cooling from air exiting by that route, The film -cooling slots were by 
electrical discharge machining (EDM). 

Full -coverage film -cooled vane configurations . - 

Porous sheet metal vane: The vane shown in figure m-l6(c) is a fuU-coverage 
film -cooled vane made of porous sheet metal. The size and spacing of the »*MeS 
can be varied to distribute the cooUng airflow on the vane surface as required. 

This laminated sheet material and vanes made from this material liaye been and are 
belt^ investigated under contracts with the Detroit Diesel Allison Division of the 
General Motors Corporation (NASA contracts NAS 3-7913 and NAS 3-12431). Most 
of this work is under a security classificaUon. These Investigations have covered 
studies of the internal flow, oxidation, and strength characteristics of the material. 
On the basis of liie results of these studies, a vane configuration was designed, 
fabricated, and tested for cooling performance in a hot static cascade. Results of 
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theso Investigattotis are gUien In refetences 29 anf^O, ’’Xddlttonal testing Is planned 
to determine the low-cycle fatigue and oxidation characteristics of this vane con- 
figuration, 

Laminated platelet var e; In figure m-16(d) Is another type of full -coverage 
film -cooled vane. This vsne Is made from a large number of 0, OlO-lnch -thick 
metal platelets. The outer perlf^ery of each platelet Is shaped to the contour of the 
airfoil profile, The center of each platelet is cut out to provide a central cooling 
air cavity. One of the flet surfaces of each platelet is photoetched to provide cooling 
passages from the contrei-cavity to the outer wall of the vane. These coolant pas- 
sages are of two types a‘id mating passages from two adjacent platelets are required 
to complete the flow path from the central cavity to the outside of the vane (see 
insert in fig. fn-16(d)). Each photoetched coolant passage in the lower platelet 
shown in the inset consists of a flow control nozele and a plenum chamber in scries. 
Each photoetched coolant passage in the upper platelet consists of a radial slot 
through the platelet (in line witlt the plenum chamber in tiie lower platelet) and a 
relatively wide duct connecting this slot to the outer surface of the vane. Cooling 
air flows through the combination of coolant passages in the two adjacent platelets 
and film cools -the outer wall of the vane. The multiplicity of passages provides for 
full -coverage film cooling. Convection cooling of the vane wall also occurs along 
the flow path through the platelets, to the vane illustrated in figure tn-19{d), all 
of the vane outer surface except the extreme trailing edge region is cooled by full- 
coverage film cooling. The trailing edge is convectively cooled by air tiiat is ducted 
through photoetched passages in the platelets tfirl connect the central cavity with the 
trailing edge. 

Local control of coolant flow can be achieved e.t any point on the vane by ad- 
justing the size of the flow nozzles. Because the coolant passages are relatively 
large comi&red to those in transpiration-cooled materials (minimum dimension 
about 0. 002 inch), the material should be less sensitive to the effects of oxidation 
than the porous materials. An investigation of this material is being made under 
contract to NASA Lewis by Aerojet Liquid Rocket Company (NAS 3-10495). The re- 
sults of this investigation are summarized In reference 31, The Investigation Cov- 
ered a study of flow characteristics through the small i^iotoetched passages, the 
effects of oxidation on the coolant flow for platelets made of Tt> nickel -chromium, 
and the strength of a diffusion -bonded Tt) nickel-ehromium platelet assembly at a 
metal temperahire of 1800° f . I’rom data obtained in this Investlgatloh, a full- 
coverage film -cooled Vane was designed for fabrication from laminated TD nickel- 
chromium platelets. This vane has a span of 4 inches and a chord of about 2, 5 
inches. The design operating conditions were a gas temperature of 2800° f, a 
coolant temperahire of 1200° P, and a maximum vane metal temperature of 1800° P. 


78 


Five vanes of this design have been fabricated for experimental testing in the NASA 
liewis 2600° F static cascade (fig. lJt-0), 

T^ ranspiration "Cooled vane c o nfiguration . " A transpiration -cooled vane fabri- 
cated at the NASA liewts Research Center is shown in figure in-16(e). The outer 
wall of this vane is made of wire -wound cloth (Poroloy), The Poroloy cloth was 
formed around a fluted strut (see fig. !U-I6(e)) and attached to the strut by electron 
beam welding to form dm vane airfoil contour. This strut supports the porous vane 
wall and also compartmontaliaes the central part of the vane into separate cooling 
air chambers. Cooling airflow into each of these chambers or compartments is 
controlled by a properly siaod orifice. The cooling air flows from the comiwrt- 
ments through the porous wall to transpiration cool the vane. Research on the 
transpiration-cooled vane shown in figure ni- 16 (o) is being carried on at the Lewis 
Research Center, and otlier research on similar vanes and blades is reported in 
references 32 to 34. 


Experimental Heat-Transfer Results 


Experimental heat -transfer results from the investigation of some of the ex- 
perimental vanes are shown in figure m-17. The data in this figure are taken from 
cascade testing of the film- and Impingement -cooled vane shown in figure in-16(b) 
and from engine testing of the film- and convecUon-cooled vanes shown in fig- 
ure nl-16(a). The ordinate of this plot, the temperature difference ratio {</>), is a 
measure of the heat exchanger effectiveness of the cooling configurations, fn this 
ratio Tq is the average midspan total gas temperature, is the average midspan 
vane metal temperature, and T^^^ Is the coolant temperature at the inlet to the vane. 
The higher the value of this ratio, the more effective the cooling configuration. (Ef- 
fective gas temperature Tq g rather than the average gas temperature is usually 
used in the temperature difference ratio. Because the numerical difference in value 
between these two quantities was very small, Tq w^h used in this case.) 

It can be seen from the plot that the film -impingement vane (configuration B) 
has a higher cooling effectiveness than Uko film- and convection -cooled vane (con- 
figuration A), This comparison shows that impingement cooling is a more efficient 
cooling method than the Usual convection cooling illustrated in figure III-l. 

This correlation is based on four Independent variables (Tq, T«, Tq ., and 
affect heat transfer on the vane. By assuming values for any three of 
the four variables, tiie remaining one can be determined. For example, for condi- 
tions of Wq/Wq c 0. 06, Tq a 2600° F, and Tq ^ = 1000° P, the vane metal tem- 
peratures would be 1820 P for the film - and convection -cooled vane, 1710° F for 


the fUm- and impingement -cooled vane, and 1488° P tor the fnll-coverage fUm- 
coolod vane, 

Another way of showing the relative cooling performance of thede vanes is to 
replot the l^ormatlon in figure in-17 for fixed values of average vane metal tern- 
perature Tj^ and coolant inlet temperature Tq to show allowable gas temperature 
ns a function of coolant jlow ratio, Such a replot is shown in figure IH-18 as allow- 
t^lo gas temperature Tq as a function of coolant flow ratio The value of 

T,^, in this cross plot was 1800° P; the value of Tq j was lOOr P. This compari- 
son shows that at a coolant flow rate ^ 0, 00, the aliowablr gas temperature is about 
2400° P for the film - and convection -cooled vane (vane A) and about 2800° P for the 
film - and impingement-cooled vane (vane Q), Peak metal temperatures on the vane 
can reduce the allowable operating temperature below that indicated by the plot. 

For vanes with largo metal temperature gradients, this reduction in allowable 
operating temperature can be significant. A comparison such as this also does not 
account for any deterioration of aerodynamic performance due to entry of the low- 
enorgy cooling air Into the gas stream. In the overall evaluation of the fuU-coverage 
film -cooUd vanes, this factor must be investigated, Such investigations are in pro- 
gress widiin the overall NASA Lewis program, as was discussed in the paper by 
Moffitt, Nosek, and Roelko, 


Oxidation Problems With Transpiration-Cooled Materials 

A major problem in using transpiration-cooled and fuU-eoverage film-cooisd 
materials for turbine blades and vanes has been the susceptibility of these materials 
to flow restrictions due to oxidation of the metal surfaces in me coolant passages. 
The pores In the wire -wound porous material (fig. lH-16(e)) are of the order of 
0. 0002 to 0. 0015 inch, (The internal structure of the wire-w(Mmd cloth is described 
in ref. 35. ) The minimum dimension of the coolant passage in the laminated plate- 
let vane is about 0. 002 inch. Formation of even thin oxide coatings will represent 
significant dimension changes in these cooling passages, Onde significant «i*ld fl Ho n 
occurs in these materials, the metal temperature xtises because of coolant flow re- 
strictions and thus further accelerates the oxidation and flow restriction process, 

A comFarisort of the oxidation characteristics of specimens of wire -Wound cloth 
having the same permeabilities but fabricated from two different materials (Hasiel- 
loy X and OE 1541) is shown in figure Itt-19, The Wire-wound cloth spedmens made 
of Hastelloy showed complete flow obstruction after 350 hours ot exposure in air at 
1800° P. The GE 1541 specimens showed rto flow reduction after 600 hours expo- 
sure at 1800° F, This represents a significant advance in the state of the art of 
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transpiration cooling at elevated temperature. Prom these results it can be seen 
that the choice of materials for transpiration- (and film-) cooled applications should 
probably be dictated by oxidation characteristics. 

The OE 1541 wire -wound porous materials were developed by the Filter t>ivi- 
sion of the Bendix Corporation under NASA contract NAS 3-10477. The fabri- 
cation problem involved sintering of the GE 1541 wires. The wires have an ex- 
tremely adherent oxide which protects them against further oxidation but 
sintering very difficult. However, Bendix was able to develop a process for produc- 
ing good sinter bonds in porous material made from GE 1541 wire. The main fea- 
tures of this process are (1) winding the wire over a stainless steel mandrel and 
then overwrappii^ it with molybdenum or tungsten wire and (2) sintering tiie assembly 
in a vacuum furnace for 4 hours at 2200° p Pressure is applied to the GE 1541 
wires during sintering by the differential thermal expansion between the overwrap 
and the mandrel. A parting compound is used to prevent the GE 1541 from being 
bonded to the overwrap or the mandrel. 

Twelve oxidation-resistant alloys for turbine blade transpiration cooling have 
been screened in investigations conducted mxder the NASA Lewis program. The re- 
mits of these invest%atiOns are reported in rrferences 36 and 37. fa reference 38, 
a method is presented for analytically determining the flow reduction from oxida- * 
tion of wire-form sheets over a wide range of permeabiUties using only oxidation 
data from wire specimens such as were obtained in reference 37. 


SUMMARY 

This discussion can be summarized as follows: 

1. Analytical methods that have been developed for predicting metal tempera- 
tures in cooled turbines give good agreement with experimentally determined tem- 
perature. More investigation is required to determine correlations that take fuU 
account of the complicated heat -transfer processes that occur Wititin the 

coolant passages of the vanes and blades. 

2. Advanced concepts of cooiii^ configurations that incorporate film and/or 
transpiration cooling will be required at very high gas temperatures. However, 
some trade>>ffs will have to be made to match gains in operating tenhperature Witii 
losses in turbine performance and airfoil life when using these cooUng methods. 

3. To make these advanced cooling concepts feasible, improvements must be 
made in fabrication techniques and material properties, particularly in resistance to 
oxidation. 
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4. Oxidation and the resultant blockage of coolant passages will probably dictate 
the choice of materials to be used for film and transpiration cooling. 

5. For a convection-cooled turbine, more significant reductions in required 
coolant flow can be obtained by reducing coolant temperature or increasing allowable 
metal temperature than can be obtained by improving convection efficiency of the 
configuration. 

6. Convection cooling becomes more difficult as chord size decreases. 


APPENDIX - SYMBOLS 


equivalent slot width 
Constanta 

distance between centers oi adjacent impingement noaales 

specific heat at constant pressure 

diameter 

friction factor 

gravitational constant 

heat -transfer confident 

mechanical eq\’ (valent of heat 

thermal conductivity 

surface length from leading edge to trailing edge 
leading edge 

<PV)c/(pV)q 

pressure 
Prandtl number 
Reynolds number 
slot width 
temperature 
average temperature 
trailitig edge 
wall thickness 
velocity 
Weight flow 

distance from downstream edge of film cooling slot 
distance along surface from stagnation point 
impingement nozzle to plate spacing 
thermal effectiveness 


0 angular displacement from stagnation point on leading edge 

A recovery factor 

p density 

<p temperature difference ratio. - .M 

'^0’'^C,i 

Subscripts: 


b 

equivalent slot width 

C 

coollt^ air 

coav 

convection 

6 

effective 

fc 

film Cooling 

Q 

gas 

h 

hydraulic 

1 

in or inside 

le 

leading edge 

M 

metal 

0 

out or outside 

T 

total 
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TYPICAL AIR-COOLED VANE CONFIGURATIONS 
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(b) TRANSPIRATION-COOLED ILADE CONFIGURATION. 
Figure III-2 
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COMPARISON OF EXPERIMENTAL AND EXTRAPOLATED 
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IV. " COMBUSTION 

JackGrobman, Robert E. Jones. Cecil J. Marek, 
and Richard W. NIedzwieckI 

The trend toward higher temperatures and pressures in primary combustors 
has necessitated research on liner cooling and development ot shorter combustors 
to reduce the cooling-air requirements. One experimental short-length combus- 
tor has demonstrated efficiency, pressure loss, and pattern factor equal to those 
of a conventional combustor which is 50 percent longer; further work is needed to 
Improve its altitude relight performance. Another experimental comttistor has 
been operated to an outtet temperature of 8616° F with 100 percent efficiency, low 
pressure loss, and a pattern factor of 0. 11. The experimental short-length com- 
bustors produce very little mchaust smoke. Recent tests reveal that one of these 
combustors emits only one-sixth as much nitric oxide as a conventional combus- 
tor; this improvement is attributed to the reduced dwell time in the combustor. 

This report reviews some of the present-day requirements for gas turbine 
combustors and shows how the latest engine operating conditions are affecting 
the problems in combustor design. The research approaches being used to solve 
these problems are discussed. By way of review, the various criteria that are 
used in the design of gas turbine combustors are considered. Combustion effi- 
ciency, total- pressure loss, durability, ^it iemi«rature profile, and altitude 
relight are important for obvious reasons. Combustor sise and weight are Im- 
portant because they influence the overall Weight of the engine. Combustor length 
affects the turbine shaft length and the bearing requirements. Reducing combus- 
tor length also reduces the amount of air required to cool the combustion liner 
by reducing Itoer surface area (ref. 1). Mmirniztog exhaust emissions such as 
smoke and gaseous poUutants is a relatively new requirement. All these criteria 
are used as yardsticks as the r^ults of recent NASA Lewis combustor research 
are discussed. 

Figure IV- 1 illustrates the trends In combustor operating conditions with time. 
These data are representative of engines that are either operational or to develop- 
ment. The date indicated for each engine was taken to be at the time of its mUl- 
tary qualification test or other qualifying acceptance test. The dates beyond 1P70 
are dates estimated for engines to the development stage. All data shown are for 


eea-ievel takeoff eonditione. It is apparent from this figure that there has been a 
Steady increase in both inlet pressure and inlet temperature In the combustion 
chamber. The effect is due, of course, to increasing compressor pressure ratios. 
Also there has been a steady increase in combustor exit temperatures from about 
1600® F during the early I960*s t»j projected values of exit temperature in excess 
of 2500® P for engines currently in development. The trend to higgler combustor 
exit temperature has, of course, followed the use of turbine cooling and has in- 
creased as improvements have been made in turbine materials and cooling 
methods. Figure IV- 1 also shows that there has been no significant Increase in 
reference velocity with time. This is probably due to the fact that combustor 
pressure drop is a function of reference velocity squared and, in order to main- 
tain good specific fuel consumptions and cycle efficiencies, pressure drop has not 
been permitted to increase. 

Figure IV- 2 shows the combustion efficiency of a typical annular combustor. 
Combustion efficiency is plotted against a correlating parameter made up of in- 
let pressure, inlet temperature, and referaice velocity. The figure shows that 
combustion efficiency increases as pressure and temperature increase and de- 
creases as combustor velocity increases. It has been mentioned that the use of 
higher compressor pressure ratios has resulted In increases In both inlet pressure 
and inlet temperature for the combustor. The use of higher cruise speeds also 
leads to an increase in combustor inlet pressure and inlet temperature. Typical 
values of the correlating parameter for seai-level takeoff and cruise of present-day 
annular combustors fall far to the right of toe bend in the Curve. Therdore, there 
are not any significant problems in obtaining good combustion efficiency for take- 
oft and cruise with present-day combustor designs. This is (julte a dlfferftit 
situation than 15 years ago, when there was concern about high-altitude subsonic 
flight using low-compressor- pressure- ratio engines in which low values of com- 
bustor inlet temperature and pressure created a problem in obtaining good > 0 - 
bustion efficimey. 

This paper discusses four main topics of combustor research that hav,' been 
influenced by recent trends In engine operating Conditions and performance re-- 
quirSments. The first section describes the effect of higher pressures tad tem- 
peratures on liner surface temperatures and the problem of cooling the combus- 
tor liner. The second section reviews the results of recent NASA Lewis research 
on short-iength combuStons. The tiilrd section describes the performance of a 
short modular combustor designed to operate at near-stolChiometrlc exit tem- 
peratures. Tile final section discusses the jet aircraft ekhaust emissions prob- 
lem. 
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LINER COOLING 

with the trend towards higher pressurea along with higher Inlet and exit tem- 
peratures, liner temperatures are Increasing, thus affecting the durability and life 
of the liner. The liner temperatures were measured within a combustor to deter- 
mine the severity of the problem. Shown In the inset of figure IV- 3 Is a sketch of 
the combustor. The measurement point was In the primary aone, 1 Inch down- 
stream of a cooling slot. The flame temperatures In this none ranged from 3440** 
to 3940® P, as measured with a radiometer. 

The liner temperature rises proportionately with Increases In Inlet air tem- 
perature, as shown In figure IV- 8. The direct dependence on Inlet air tempera- 
ture Is caused by both the heat-sink capacity of the air decreasing and the pri- 
mary zone temperatures Increasing. The calculated temperatures show the 
same trend as the experimental data. The calculated values were adjusted based 
on the 600° P Inlet temperature data to correct for conduction In the wall and for 
the entrance lengths for the convective coefficients. 

Liner cooling Is a problem at high Inlet air temperatures. When the Inlet 
air temperature reached 1200° P, the liner temperature at the Ulnch- 
downstream location Was 1470° P. Since this Is only 1 Inch from the fllm-cooUng 
slot exit, the wall will have approached 1600° P before the next cooling slot at 
4 Inches downstream. This is the maximum Wall temperature that should be used 
In order to avoid oxidation and loss of strength. 

The effect of Increasing pressure on radiant output from a flame was obtained 
within the same combustor and Is shown In figure lV-4. The data for combus- 
tor A show that the radiation from a flame Increases rapidly with pressure. 
Doubling the pressure doubles the measured radiant output. It might be expected 
that the liner wall temperatures would Increase significantly with pressure due to 
this increased radiation. 

Plgure IV- 8 shows the liner Wall temperature data plotted against Increasing 
pressure for combustor A. The rise In liner temperature is not as great as 
might be expected from observing the Increases in radiation. Doubling the pr^- 
sure did not double the liner temperatures for the same percentage cooling air- 
flows. This IS a result of the increases in convection. The convective rate in- 
creases as, the density Increases at a fixed reference velocity. The Calculated 
values agree well with the experimental data. 

Prom the radiation output curves ShoWn In figure lV-4, It Is apparent that 
there can be a wide variation In radiant output at the same pressure for two simi- 
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Ur combustors. Combustor A has a low smoke output that is well below the visi- 
ble threshcUd and that at low pressures approaches the nonlumlnoos values of radi- 
ation output. Combustor B is of the same geometry but has a rich primary none 
which produces a high carbon- particulate concentration. The radiation level of a 
smoky combustor at low pressure can be as high as that of a low smoker operating 
at a 80 to 1 pressure ratio. The effect of this high radiant output is shown In 
figure IV-6. The calculated results fur combustor B show that the increase in ra- 
diation due to the carbon particulates in the primary aono produces sighlficant in- 
creases in liner temperatures. The only way to remove thia added heat is by in- 
creases in convection. Note the unusuid trend that the liner temperature do- 
ereasoa with increasing pressure, This is due to the fact that at high wall tom- 
peraftires increases In oonvooUen are more effective in lowering liner tempera- 
tures. to summary, the cooling proWera is not as severe at high pressures as 
might be expected for eloan-buming combustors because the radiation increase 
with pressure is compensated for by the increases in convection. 

With the trend towards higher exit temperatures, cooUng-alr requirements 
wUl Increase. This Increase in cooUng-aIr temperature will limit the maximum 
ave^e exit temperature that can be reached, ae shown in figure IV- 7. With 
600° V inlet air the maximum temperature that can be achieved at a stoichio- 
metric fuel-air ratio for ASTM-Al fuel Is 8950° f. If the cooliftg-alr require- 
ment to maintain the wall below 1600° F is as little as 10 percent, the maximum 
temperature which can be obtained is 8800° F. When the coollng-alr require- 
ments are still greater, the maximum average exit temperature will be less, to 
combustors operating at 8200° F exit temperaturas, over SO percent of the air 
could be available for cooling. However, if these large amounts were used, poor 
exit temperature profuea would be obtained. Therefore, the coolli«-alr require- 
ments should be reduced to a minimum. 

The data which have been presented were for one type of slot geometry, to 
order to optimize the cooling- air requirements. It Is Important to consider the 
itffect of geometry. Four typical geometries are shown in figure tV-6. fa the 
first configuration, continuous slots of various heights are used, with some Small 
spacers to maintain slot height. A second configuration IS slots with metering 
holes. With this configuration the coollng-alr flow is relatively Unaffected by 
warpage of the plate. Another important feature of this slot is that the injection 
angle is Such that the Jeta Impinge on the upper Up and spread to form a eontihu- 
ous film of air. A third conflguratlOrt uses a wiggle strip, which is placed in the 
slot to maintain slot height. This also gives the slot rigidity for accurate meter- 
ing of the air. Of current interest is the use of a channeled wall with extended 


eurfacee, designed to Incroaae the convective heat tranafer, The channeling rune 
the complete length of the plate, which prevents mixing between the convectlvely 
heated air and tha annular air. 

The first three configurations with various slot heights and hole sixes were 
studied within a combustor, using film cooling only. All the data are plotted as 
cooling effectiveness against x/Ms In figure IV"6. The cooling effecttveness Is 
the temperature difference between the hot gas and the wall divided by the maxi- 
mum tom^raturo difference (the hot gas temperttiurc ndnus the Inlet eooUng-alr 
tomperaturo). The conventional fllm-eooUng parameter used Is x/Ms, ’where x 
is the distance downstream of the slot, a Is the slot height, and M Is the mass 
flux ratio of cold gas to hot gas. All the data for 10 different geometries fall on a 
single curve. Within a combustor there was no significant difference between slot 
geometries at the same value of x/Ms. Therefore, slot geometry dees not seem 
to be a major parameter which affects fllm-cooltng effectiveness. 

There Is, however, a large difference between, the combustor data and fllm- 
coohng correlations published In the literature. When a relatively simple mixing 
model wae used, the difference between the combustor data and literature corre- 
lations was a result of the Increased turbulence in the combustor. Literature 
correlations are based on data taken In ducted flows, where the turbulence le low 
and varies from 1 to 3 percent. The combustor turbulence level was approxi- 
mately 16 percent.. Curves from references 2 to 4 shown In figure IV-9 are typl* 
cal results of literature correlations. 

The eolld line passing through the data in figure rv-9 is the predicted curve 
given for *Jie lUgher turbulence level. The equation which was used to predict 
film- cooling effectiveness is given by 


where is the mixing coefficient and has been set equal to the turbulence 
level. The Increase In turbulence resulted tn the literature correlations overpre- 
dlctlng the fUw-coollng effectiveness by a factor of 8 or more. Other combustors 
may have a dUferent level of turbulence, which would produce either a higher or 
lower fUm-cooling effectlvenesa. in fact, even within the Same combustor, the 
turbulence level might be expe Hed to vary. 

Thus, turtAdence is an Important parameter In determining the film-cooling 
effectiveness. One way of reducing the cooling- air requirements would be to 


lower the turhuience level in the neighborhood of ttie wall. Other meane are being 
Investigated to increase the eltectiveness of the cooling air. For example, the use 
of reverse cooling flow on the annulus side of the wall would introduce the air fur- 
ther upstream so that it could be used for combustion. A rather simple way to 
sienlficantty reduce cooling- air requirements is to reduce the surface area which 
must be cooled by shortening the combustors. 


SHORT COMBUSTORS 

We are presently studying many ways of shortening the combustor. Hie fol- 
lowing discussion relates the several different approaches being used to obtain a 
high-performance short combustor and how these approaches differ from the con- 
ventional turbojet combustor design. 

Figure IV- 10 shows how the length of turbojet engine combustors hea been 
dependent on the engine size; as exemplified here by the engine sea-level takeoff 
airflow rate. Three different tjrpes of combustor are compared: the can, the 
can-annular, and the annular. Annular combustors are becoming the conventional 
practice, as this design uses the engine volume available for the combistor more 
efficiently flian the other types. The short- combustor program at NASA Lewis 
assumes a fairly large engine having a takeoff airflow of 280 pounds per second. 
All the NASA combUBtors are 20 Inches long. By comparison a typical present- 
day annular combustor of a similar-size engine would be about SO inches long, 
or 60 percent longer than the short combi'stors. 

A typical combustor is shown In figure lV-11. This annular combustor 
all the features that are common in present-day combustors. A relattvely long 
diffuser is used to diffuse the compressor exit airflow to a high static pressure. 
Often a snout or flow splitter is used to assist in dividing the diffuser airflow 
properly. Fuel is Injected by a pressure atomizing nozzle and combustion is Ini- 
tiated and stabilized in the primary zone. The remaining airflow IS Injected into 
the combustor secondary zone through holes or slots and mixes with the hot gases 
of the primary zone to complete the combustion reaction and achieve the desired 
exit temperature profile. The difference between the conventional combustor 
and the short combustors are noted in the following discussion. 

The first short combustor is called the double-annular ram- induction com- 
bustor. A cross-sectional sketch of the combustor Is shown in figure IV-12. 

This combustor consists of two concentric comoustor annuli; the exhatuit of eadh 
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anniiltifi blending together in the exit transition region. This cotobustor has a very 
Short diffuser since the ram-induction concept requires that a high dynamic pres- 
sure be maintained at the diffuser exit. Therefore, the diffuset is shorter than 
those conventionally designed. The airflow is captured by shrouds and ducted into 
the combustor primary and secondary sones through rows of scoops. Each scoop 
has turning vanes to minimize the losses in turning a high-velocity airstream. 
Each annxilus of this combustor is conservatively designed in terms of its own 
length-to-annulus-height ratio. The combustor is effectively shortened by using 
a double-ann\dus geometry and the ram-induction concept, which requires high- 
velocity airstreams and hence a slrart di£hiser. Further details regarding the 
construction and performance of the double-annular ram-induction combustor can 
be found in references 5 to 7. Figure IV- 13 is a view of the double-annular conv 
bustor looking upstream toward the headplate. The scoops are clearly shown, 
those furthest upstream beii^ toe primary zone scoops and those downstream 
being in toe secondary zone. The turning vane in each scoop can also be seen. 

Another short combustor presently being investigated is called the one-side- 
entry combustor. Figure IV- 14 is a cross-sectional sketch of this comnustor. 

This combustor is differmit from toe conventional combustor in togt all the pri- 
mary and Secondary air is ducted into toe combustor from only one side; in this-., 
case, the outer-diameter side. This is also a ram-inductioh combustor, as 
S300PS are used to turn toe high- velocity air into toe combustor. The require- 
ment to maintain a high dynamic pressure in the airstteam (ram- induction ap- 
ptoach) shortens the diffuser. The diffuser has also been shortened by being 
radially ^tended and overlappang toe combustor. A small portion of toe aif, 
approximately 10 to 15 percent, is captured by chutes r^ularty spaced around 
toe diffuser inlet. This air is passed through toe swirler around the fuel 
nozzle in toe headplate and is also used to cool the lower liner. This combus- 
tor is of particular interest because its exit temperature profile is extremely 
insensitive to radial airflow profile distortions coming from toe compressor. 

This insensitivity results from all the flow being dUcted into toe combus- 
tor from only One side and that flow being ca^Xured by scoops that mtttmd to 
toe full height of toS airflow passage. Therefore, regardless of the Shape of toe 
radial airflow profUe leaving the compressor, toe same amount of air is Saptured 
by each scoop and turned into toe combustor. Thus, the mixing patterns Inside 
the combustor are not chsmged and toe milt radial temperature profile is un- 
changed. Figure IV- 15 is a view of a portion of the side-entry combustor. The 
slots for the admission of the primary and secondary air can be seen on the outer 
wall. The segment tests of this combustor are described in reference 8. 


103 



The third short combustor being Investigated Is still more unconventional In 
design approach. This combustor Is the modular swirl- can combustor, which Is 
shown In cross section In figure IV- 16. The combustor consists of 120 Individual 
swirl- can modules arranged In three concentric annular rows. The modular com- 
bustor has no well-defined primary or secondary zones as In the coiventlonal 
combustor. Nearly all the airflow, except for that required to cool the liner, 
passes directly through or around the modules. Each module combines the func- 
tions of fuel Injection, vaporization, and combustion stabilization. The combus- 
tor can be shortaied because of the rapid burning and mixing that occurs down- 
stream of each module. The modular approach tends to maximize the area be- 
tween the hot gases leaving each module and the air flowing around each module. 
Only a small fraction of the total airflow is required to cool transition liners as 
they are physically displaced from contact with the hottest combustion gases. 
Figure IV-17 Is a view of this combustor. The inner transition liner has bemi 
removed so that the modules can be seen more clearly. The three rows of swirl- 
can modules can be seen. The inset In the figure Is a closeup view of the com- 
bustion modules. The combustor is very simple and a minimum of metal is ex- 
posed to the flame so that combustor durability should be good. The modules 
themselves are very simple. Figure IV- 18 shows the detailed construction of a 
tj^lcal combustor module. Each module consists of three basic parts: a car- 
buretor, where air and JP fuel are Introduced - the air coming through the Inlet 
and the fuel being injected tangentially on the outer wall; a swlrler, where the 
fuel and air are further mixed and a swirl imparted to this mixture; and finally, 
a flame stabilizer, where the combustion is Initiated and maintained. The air 
flowing around the outside of the module mixes wltii the hot combustloh gases in 
the wake of each module. There the combustion reaction is completed and mixing 
of the gases to the desired exit temperature is achieved. Segment tests of this 
combustor are described in references 9 to 12. The modular concept IS not new 
at Lewis. ^ The swirl can was originally developed In 1966. At that time there 
was a great deal of interest in buring hydrogen In turbojet combustors and the 
swirl can was developed as a new combustor concept for that fuel. Refer- 
ences 13 to 15 document that Work. Figure IV-19 Shows one of these early swirl- 
can combustors, fils was a quarter-sector of a Combustor used to Simulate the 
performance of a full- annular design. This particular combustor is of interest 
because it was tested with vaporized JP fuel and demonstrated performance 
nearly as good as that achieved with hydrogen fuel (ref. 15). That result gave 
Impetus to the belief that a small-diameter combustor module could give good 
performance using liquid fuel. 
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Performance teets have been conducted with all three short combustors. The 
following discussion compares their performance with the performance of a typical 
annular combustor of this size, which would be about 5o percent longer. The first 
combustor criterion mentioned In the introductory paragraphs of this section was 
combustion efficiency. Since these combustors are designed for a modem en- 
gine, the combustor operating conditions, at takeoff and cruise for instance, are 
extremely favorable for efficient combustion. The combustion efficiency of all 
three short combustors is 100 percent at these conditions. Thus, reducing the 
combustor length by 33 percent had no effect on combustion efficiency. Pig- 
urn IV- 20 compares the pressure loss of the three short combustors with that of 
the longer annular combustor. The side-entry and swirl-can combustors have 
total-pressure losses similar to that of the conventional annular combustor. The 
double-annular combustor has a much higher pressure lose. This combustor has 
been redesigned by Increasing its open flow area and the pressure losses have 
been reduced to 4 percent at a diffuser inlet Mach number of 0. 25, as shown by 
the solid square. These test results are for a quarter-sector. Reducing the 
total-pressure loss caused no chaise in the other combustor performance param- 
eters. Thus, it appears tha* short-length combustors can have low pressure 
losses similar to those <rf longer length combustors. 

Figure IV- 21 compares the exit temperature pattern factor of the short com- 
bustors. The pattern factor is a measure of the quality of the exit temperature 
distribution. It is defined as the difference between the maximum local combus- 
tor exit temperature and the average combustor exit temperature divided by the 
average combustor temperature rise. Low Values of the pattern factor httllcate 
more uniform temperature distribution. The pattern factor for the typical an- 
nular combustor varies between 0. 2 and 0. 3. The double-annular combustor 

has demonstrated a pattern factor variation of 0. 2 to 0. 26. Pattern factor values 
as low as 0. 16 have beto achieved In sector tests. The swirl-can combustor 
and the one-Slde-entry combustor have pattern factors somewhat higher, indi- 
cating that more woi* needs to be done to improve them. But as is i nd ti * a t ed 
here by the open portions of the bars, both Combustors have demonstrated very 
low pattern factors in previous segment tests. Good pattern factors should also 
be achievable for these combustors in their annular form. 

Another important combustor crlteriott ls that of altitude rellghl. We are 
also concerned with combustor blowout, aS the combustor Uowout limit is the 
minimum point where relight could ever be achieved. The best relight pertohm- 
Is the result of opHm*aing many varfables, such as Spark plug position, fuel-air 


ratio, and nozzle spray angle. While not ignoring the relight problem, we are 
devoting more effort to measuring and Improving the combustor blowout limits. 
Figure lV-22 compares the blowout performance of the short combustors With 
that of the more conventienal annular combustor. This is the one area where 
some of the short combustors have not yet achieved performance similar to that 
of longer combustors. At a reference Mach number of 0. t, both the double- 
annular and the swirl- can combustor blow out at pressures considerably higher 
than the longer annular combustor. The blowout limits of the side-entiy combus- 
tor are, however, practically identical to those of a hunger combustor. The 
blowout performance of the double- annular and swirl- can combustors Should be 
improved. Many ways of improving the combustor blowout limits are being 
investigated - for instance, a reduction in combustor reference velocity. F^- 
ure IV- 23 Shows the magnitude of improvement that can be made by reducing the 
reference Mach number from 0. 1 to 0. 06 for the double- annular combustor. A 
reduction in reference Mach number means a reduction in combustor airflow 
rate. This air might be bled from the engine or bypassed around the combustor. 
Some form of variable-geometry combustor might also be used. Any such ap- 
proach would only be needed during an actual in-flight relighting process. Once 
the combustor was relit, the bleed or bypass flow would be reduced until the 
combustor was again operating at the proper throughflow condition. 

Attempts to improve the blowout limits of the swirl- can combustor are 
focused on improvli^ the overall combustion Stability range of the individual 
module, in the past, special Start fuel nozzles have been used with the preva- 
porizing type of combustor. These fuel nozzles have also been tested With sWirt- 
cah module combustors; they do extend the ground start capability and presum- 
aMy will also improve altitude relight limits. Because altitude relight is an Im- 
portant combustor design criterion, continuity efforts Will be made to improve 
the relight limits of short combustors. 

Another component whose length affects the overall combustor length is the 
diffuser, hi order to realize the full bSn^it of short- combustor technology, the 
diffuser length must be kept to a minimum While the Same inlet- to exit- area 
ratio is maintained. The resulting wide-aiyle diffusers will have flow-separation 
problems unless special techniques are used td keep the flow attached to the 
walls. One such technique is the use of bOUndary-layer bleed. 

This air can be drawn oUt through the Walls of the Combustor diffuser. The 
effect this could have on shortening the diffuser Is illustrated iti figure lV-24. 

The top sketch is the swirl- cah combustor with wedge-shaped inserts to maintain 
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the proper flow splits. The bettoin sketch illustrated how the diffuser might be 
Shortened by using boundary-layer bleed on both walls. In this way, the compres- 
sor bleed can be doubly useful by improving diffuser performance as well as by 
cooling the turbine. As was pointed out in the previous sections of this report, 
large quantities of compressor bleed may be needed to cool the turUne. 

Figure IV- 2B shows how small an amount of bleed flow is rajuired to im- 
prove the performance of a large- area- ratio short diffuser. Here are r^ults of 
tests on a two-dimensional diffuser that had an area ratio of 4 to 1. When there 
was no suction applied to either surface, the diffuser was in jet flow. With only 
4. 3 percent of the total airflow bled away, there is a Very marked lowering of 
the center velocity and a corresponding increase in flow at the upper and lower 
walls. Surprisingly, increasing the bleed rate to 7 percent did not produce much 
more of aainiprovement. Therrfore, some bleed is very beneficial} but the rate, 
once above some minimum value, is not critical to diffuser performance. 

Figure IV- 26 shows how the diffuser pressure losses are affected by 
boundary-layer bleed. Note that the diffuser total-pressure loss decreases as the 
percent of bleed flow increases. As before, increasing the quantity of bleed flow 
above some minimum value has a diminishing improvement on diffuser perform- 
ance. So a small amount of bleed flow is Very beneficial and large quantities of 
bleed air are not required - though the use of large bleed flows is in no way det- 
rimental. 


HIGH-EXiT-TEMPEftATURE COMBUSTOR 

An interesting application of Short- combustor technology is the high-Sodt- 
temperature combustor research program. The program aim is to evolve full- 
annular combustors capable of performing with fuel-air ratios approaching stoi- 
chiometric values. Initial results have been most encouraging. A swirl-can 
modular combustor was used to extend good combustor performance to exit tem- 
perature over 3600® P. 

A modular combustor design has always appeared to be desirable for engines 
requiring very high turbine inlet teittperaturet. However, before undertaking ttie 
operation of a combustor at high temperatures, it wa<i first necessary to obtain 
satisfactory performance levels at lower temperatures. Swirl- can combustors 
have been investigated for many years at NASA Lewis. The initial iVork in 1966, 
(r^s. 13 and 14) was conducted with hydrogen fuel. Later work (ref. 16) used 
vaporized hydrocarbon fuel. The more recent work described in references 9 


to 12 wafi <»todu6ted with liquid jet fuel and was devoted to improving the design of 
swirl- can combustors and. extending their operating range to conditions typical of 
modem engines. Tims, it was only after completing sufficient background wo tic 
that combustor operation at near-stoichiometric temperatures was attempted. 

Figure IV- 27 is a schematic of the high- temperature test combustor. It is 
a modular design quite similar to the swirl- can combustor shown earlier. A 
modular configuration was selected because of several apparent advantages ttiat 
modular combustors have for high- exit- temperature applications. These advan- 
tages include a near- homogeneous mixture of fuel and air, minimal liner cOolant- 
air flow requirements, and high attainable heat-rdease rates. 

The combustor utilized 120 fu^ inlets to produce good mixing of fuel and air. 
A homogeneous fuel- air mixture is important since stoichiometric burning re- 
quires the reaction of all the air with the fuel. For comparison, a conventional 
combustor design would contain about 30 fuel nozaies. 

A minimum amount of air was used for cooling the combustor liners since 
this air is g«aerally not available for combustion. Film- cooled lines designs 
were used. The total coolant flow \mder the liners was set at 3 percoit of the 
total airflow for a combustor exit temperature of 1600^ F. Due to increased 
momentum burning loss, this flow increased .to about 8 percent at an exit tem- 
perature of 3600° E. 

Such reiativ^y small coolant flows could be utilized because of the following 
Combustor features: 

(1) The combustor is short, being only 11.4 inches long from the fuel entry 
^Une to the combustor exit. Thus, there was less liner to cool. Also, simple 
liner designs with minimal surface area were used. Since scoops or slots were 
not required to supply dilttcnt air. 

(2) The coolant film was utilized to maximum advantage by reducing die tur- 
iMlence levdl at the liners. This occurred since recirculation zones of hot gases 
were confined in the module wakes and could not wash along the combustor 
liners^ Liners were also extended radially away from the flame streamlines of 
these Wake zones. 

(3) Additional coolant air was supplied betweoi vhe array and the hot-gas side 
of the liners. Since this air was supplied far upstream, it had ample oppertuni^ 
to enter into combustion reactions. 

Modular combustors are also capable of high-intensity burning. Which re- 
sults in hi|^ heat- release rates. The coinbustor is essentially a pre-mix sys- 
tem, with mixing of fuel and air occurring upstream of the burning zone m the 
carburetors. And, Since nearly all the airflow passes through the array, there 
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Is abundant air available dming all stages of the combustion process. 

Combustor performance was monitored by over 400 pressure and temperature 
readings. Average combustor mat temperatures up to 2300° p were measured by 
a circumferential traverse, five-point probe. Higher exit temperatures were 
calculated by using a choked nozzle. An iterative calculation using the following 
equation was employed: 

_ /Kg^/y 2 \(K+1)/2(K-1) 

PACdd +da)"\Ry U + 1/ 


where 

K 

specific heat ratio 

8 

32. 174 ft/sec^ 

R 

63.36ft-lb/(lb)(°R) 

W 

total mass flow rate 

P 

total pressure at nozzle throat 

T 

total iemperature 

A 

nozzle throat area, 132. 50 in. ^ 

Cd(l + da) 

nozzle growth function 


The choked nozzle was calibrated with the traversing probe, and a nozzle growth 
function of 0.98S [i + . T^^blent) (0.018/2500)] waS determined, which 

produced an area growth of 0. 72 percent per 1000° F temperature rise. Effects 

of the nozzle on test conditions and performance are discussed later in this sec- 
tion. 

Plgnre IV- 28 is a view looking upstream into the combustor after a 3600° P 
run. The inner lin-w was removed to better Ulustrate the module array. Mod- 
ules were clustered in groups of three ahd held in place by fuel struts. These 
Struts can be seen protruding through the outer combustor housing. Ibstitimen- 
tatlon leads can also be observed extending from the centerbody arid die outer 
combustor housing. 

Combustor module details are shown on figure IV- 29. The swirl-can design 
was modified for these high-temperature tests. The basic components of carbu- 
retor and sWirler were retained. However the cone flame stabilizers described 
previously, and shoWr >> the dashed lines on the figure, were replaced by flat 


plates. Plates were used to eliminate metal from the burning zoni#. 'The circum- 
ference of the flame stabilizers was also Increased to maximize interfaclal mixing 
area between the hot gases In the module wakes and the air flowing throu^ the 
array. Sharp edges were retained to induce further turbulence. This hexagonal- 
plate flame stabilizer is one of several designs that are currently being Investi- 
gated. 

Combustion efficiency is indicated In figure IV- 30 by a plot of combustor 
exit temperature against fuel-air ratio. These data were generated In a single 
test run of 6^ hours duration. The combustor Inlet air temperature was 600° P. 
Inlet pressure was varied between S and 6 atmospheres and airflows were be- 
tween 49 and 05 pounds per second. A fuel-air ratio span of 0.017 to 0.06 pro- 
duced an exit temperature span of 1630° to 3616° F. The highest average exit 
temperature achieved, 3816° F, is only 337 degrees F below the maximum theo- 
retical temperature, which is 3953° F at these conditions. Nearly all the data are 
within a 2. 6-percent span of lOO** percent combustion efficiency. The source of 
the 2. 5-percent variation Is the choked nozzle calculation. A 1-percent varia- 
tion in the choked nozzle parameters produces approximately a 2. 5-percent de- 
ration in combustion efficiency. The fixed-area, choked nozzle also restricted 
the flow conditions which could be Investigated. The reference velocity with 
600° F Inlet air was 132 feet per second for Isothermal conditions, 98 feet per 
second at 1600° F exit temperature, and 67 feet per second at 8600° F. 

Figure IV- 31 shows the combustor total- pressure loss as a function of dif- 
fuser Inlet Mach number for Isothermal and burning conditions. AcceptaUe 
levels of pressure loss were obtained. A comparison of isothermal pressure 
loss of this combustor (open circles) with the typical annular combustor de- 
scribed pt^viously (open square) shows comparable preosure loss values. Also 
presented are burning pressure losses (solid circles) for three combustor exit 
temperatu.t'es corresponding to combustor- exit to -inlet temperature ratios of 
2, 3, and 3. 85. 

The following discussion covers additional results obtained in the hlgh-Qxlt- 
temperature tests: 

(1) Pattern factor: Combustor exit pattern factors were 0. 32 at a combustor 
exit temperature of 2280° F. The traversing probe was not used for higher tem- 
peratures. However, pattern factors at higher exit temperatures can be in- 
ferred. For examtfle, the pattern factor at 3616° F was 0. 112 or less. Since 
tile maximum theoretical temperature was only 337 degrees F higher. 

(2) Heat release rate: A maximum heat release rate of 13. 3xlc^ Htu per 
hour per cubic foot of combustor volume per atmosphere waS obtained. 
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(5) Smoke formation: Smoke- concentrations at the combustor exit were meas~ 
ured using a stained-fUter-paper method. No smoke could be detected for exit 

temperatures below 8080° f. At 3600° t the smoke level was below the visible 
threshold. 

(4) Resonance: Acoustic resonance or combustion Instability was not en- 
countered. Resonance Is often a problem in high-temperature combustion sys- 
tems. 

(8) Liner temperature: The maximum liner temperature was 1680° F. This 
temperature occurred on the inner liner about l| Inches downstream of the modu- 
lar array and prevented further Increases In combustor exit temperature, 

(6) Damage: Some damage occurred to the combustor during the hlgh- 
temporature run. The damage was minimal and was restricted to five vanes 

from five different swirlers and to a warped spacer ring between the outer houslne 
and the outer film- cooled liner. 

(7) Run times: The sum total of high-temperature run times to are 
4 hours and 80 minutes at exit temperatures over 8000° P and, 1 hour and 
26 minutes at average exit temperatures over 3800° F. 

A more complete description of these tests is given in reference 16. 

The initial results with this combustor have been very encouraging, wigh 
emt temperatures have been attained for a full-annular, large-dUmeter combus- 
tor without sacrificing good combustor performance. Reasonable run times were 
obtained with minimal damage to the combustor. Future work with this combus- 
tor will emfSiasize durability, particularly at higher inlet air temperatures; en- 
durance runs; exhaust emission data; and sitltudB relight performance. 


EXHAUST EMISSIONS 

Lately, the concern over air pollution has dratra the attention of the combus- 
tor dnign engineer to the quantities of exhaust emissions contributed by the gas 
turbine engine. Pollutant emissions may be Classified as either particulate 
matter (i.e. , Smoke) or as gaseous emissions such as carbon monoxide, parttally 
burned hydrocarbons, and nitric oxide. The first pollutant to come under attack 
has been exhaust smoke because the smoke trails that are left by Jet aircraft on 
takeoff and landing are an obvious annoyance to the general public. Ih general, 
exhaust smoke becomes a problem when combustors operate at pressures greater 
than 10 atmospheres and when local fuel-air ratios in the primary zone of the 


coinliustor are In excess of an equivalence ratio of 1 (l.e, , stoichiometric). 

These conditions occur during takeoff and approach for landing. 

Figure IV- 32 illustrates the effect of combustor pressure on smoke number. 
Smoke number is a parametei related to the density of the exhaust smoke. As the 
smoke density Increases, the smoke number increases. In general, the smoke 
becomes visible as the smoke number exceeds a value of about 28. The threshold 
of visible smoke may vaty, however, depending on such things as atmospheric 
conditions, the engine exhaust diameter, and the position from which the smoke is 
being viewed. The data shown for a J-87 combustor are typical of earlier com- 
bustors, which were pruposely designed with rich primary zones to enhance the 
altitude relight characteristics of the engine. Smoke number is whown to Increase 
rapidly with increasing pressure. These data were obtained from a single J-57 
combustor operating at an inlet temperature of 600° F, a fuel-air ratio of 0.018, 
and a reference vdoclty of 64 feet per second. 

More recently, Pratt & Whitney Aircraft has been able to reduce di6 smoke 
number for the JT8D engine from a value of about 60 to a value below the visible 
threshold of smoke. This was done by altering the primary zone design for this 
combustor. Similarly, more recent engines, such as the CFO and JT013, have 
been designed with smoke numbers that are well below the visible threshold of 
smoke. 

The short-length, double- annulus combustor and swirl- can combustor which 
were described previously were shown to have an extremely low smoke number 
at a pressure of about 6 atmospheres. Data at higher pressures are not avail- 
able for these two configurations; however, we ®tp6ct that their Smoke number 
at higher pressures will remain bdow the threshold of visible smoke. Com- 
bustors A and B are two experimental segment combustors that were designed to 
have increased primary zone airflow and increased mixing intensity. The differ-: 
ence in smoke number between combustors A and B is due to a difference in pri- 
mary zone airflow. Combustor A, which has an extremely low smoke number in 
r^ation to the other combustors shown on the curve, does not have a satisfactory 
altitude r^ight capability, and further Work Would be required to improve its re- 
light capability. 

A recoit survey (ref. 17) haS indicated that the contribution to the overaH 
urban air pollution problem by Jet aircraft amounts to leSs than 1 perc^t com- 
pared to other contributors, such as the aiinmobile and stationary power sources. 
However, its contribution to the local pollution in the vicinity of the airport cart 
be significant. Hie gaseous emission level for a typical turbofart engine is com- 
pared to that Of an automobile engine in the following table: 
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Fngtne 

Operating mode 

Emission index, 
Ib/lOOO lb of fuel 

CO 

Hydrocarbon 

NO 

Turbofan 

Idle 


10 to 75 

2.0 

Approach 

7to 9 

Ito 16 

2.7 

Takeoff 

BBS 

0.1 to 0.6 

Bl 

Automobile 

Overall average 


10 

18 


The data shown for the thrhofan were obtained from reference 17 and are r^re- 
sentative of engines such as the JT3D and JTto. The data presented for the 
automobUe are representative of an automobUe that meets the 1970 federal 
standard for hydrocarbons and carbon monoxide emissions and the 1971 standard 
for nitrc^en oxide emission. The automobile data were from th e 

Federal standards, which are expressed in grams per vehicle mile, 1^ aaf i nm iyig 
an average mUeage of 12 mUes per gallon. Three different operating modes are 
listed for the turbofan engine: idle, approach, and takeoff. An overall average 
mode is shown for the automobile. The exhaust emission level is expressed in 
terms of pounds of pollutant per thousand pounds of fuel burned. 

The table indicates that the greatest quantity of carbon monoxide and un- 
bumed Iqrdrocarbons produced by the turbofan occur during idle condltiwis, whUe 
the quantity of carbon monoxide and unbumed hydrocarbon emissions at approach 
and takeoff conditions aro relatively smaU. The nitric oxide emission level pro- 
duced by the turbofan is largest at takeoff, but even here the maximum value is 
apprmcimately one-quarter of that for the automobile. For the present, the most 
significant poUution from Jet aircraft occurs In the vicinity of the airport doe to 
the large emissions of carbon monoxide and unbumed hydrocarbons during opera- 
tion at idle. In the future, the relative contribution by jet aircraft to the overaU 
urban pollution problem may become more significant as air traffic increases and 
as emission controls are applied to the automobile and to mdustry. 

Fi^re IV- 33 Illustrates the effect of combusbr operating conditions on the ■ 
exhaust emission level for a typical gas turbine comtaistor. The data shown were 
obtained from a single J-67 combustion liner. The exhaust emission level in ppm 
is plotted against a correlating parameter (described previously) Which 
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Inlet pressure, inlet temperature, and reference velocity. Data were obtained 
for a range of Inlet pvessuref of 1 to 20 atmospheres, a range of Inlet tempera-* 
tures of 80° to 600° S', and a range of reference velocities of 25 to 150 feet per 
second, the values shown for the partially burned hydrocarbons are expressed as 
the total amount of organic carbon In ppm carbon. The exhaust emissions for tl^e 
unbumed hydrocarbonn and carbon monoxide are shown to Increase as the value 
for the correlating parameter Is reduced. Plotted on the same figure Is a curve 
for combustion efficiency against the correlating parameter. As shown In fig- 
ure IV- 2, as the value of the correlating parameter decreased, the combustion 
efficiency decreased, the Increase In the carbon monoxide and unbumed hydro- 
carbon emission level Is directly proportional to the decrease In combustion effi- 
ciency. 'fhe data shown are for a fixed fuel-alr ratio of 0. 013. At lower fuel- 
air ratios, the drop In combustion efficiency and the Increase In carbon monoxide 
and hydrocarbon emissions become even greater. At idle conditions, the value 
of Pt/V Is low. This factor, combined with a value of fuel- air ratio lower 
than that shown In the figure leads to lower combustion efficlmcy and causes 
even higher hydrocarbon and carbon monoxide emission levels. At high values 
of the correlating parameter such as occur at takeoff and cruise, combustion 
efficiency Is high and the emission of hydrocarbon and carbon monoxide levels off 
and Is at a minimum. 

Nitric oxide Is formed during any combustion process involving air. The 
amount of nitric oxide formed Is a function of flame temperature and dwell time. 
The flame temperature Increases as the combustor inlet temperature Increases 
and as the primary zone fuel-alr ratio approaches a Stoichiometric value. Dwell 
time Is affected by combustor length and velocity. For the range of data shown, 
the nitric oxide emission level gradually Increases and levels off as the correlat- 
ing parameter Is Increased. The variation In nitric oxide level that is shown is 
mainly attributed to increasing Inlet temperatures and to reductions in reference 
velocity, which lead to Increased residence time. 

Nitric oxide emission levels have recently been measured In the blgh- 
temperature modular combustor that was described in the previous section. 

These data are shown In figure lV-34. The nitric oxide concentration plotted on 
the ordinate Is ^pressed In ppm on the left ordinate and in terms of an emission 
index In pounds of nitric oxide per thousand pounds of fuel ou the right ordi na te. 
Data were obtained for an Inlet temperature of 600° F and a range of comlnistor 
mdt temperature from about 1600° to 3600° F. The emission level Is iO ppm at 
an exit temperature of 1600° F. The concentration Increases and levels ofi to a 
value of about 100 ppm at 3600° F. Similarly, the nitric oxide emission Index In- 
creases from a value of about 0. 5 pound per thousand pounds of fuel burned at 
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1600 p to a peak value oi about 2. 6 pounds .per thousand pounds of fuel at 2400° p 
and then decreases and approaches a value of about 1, fl pounds per thousand 

ter different th^ 

for the emission expressed In ppm since It Is affected by the Increasing fuel-alr 

ratio, which approaches stoichiometric as temperature Increases. A reference 
data point shown for a conventional J-6ljcombustor on the same figure has a 
value of about 60 ppm at about 1600° P compared to the value of 10 ppm for the 
modular combustor. The lower nitric oxide emission level for the mnrfitifl.. com- 
bustor Is attributed to reduced residence time. 

“ '^‘*"*'* “y •» 

(1) The ellmtoallM at vlstbl. smoke ts oblaleed by Improytog primary aoae 
luel-alr mlklne ami molding fuel- rich regions In the primary none. However 
smoke number has been shown to Increase wlth-pressure and the trend to higher 
op^aUng ^nres makes the problem more dlfllcnlt. Furthermore, 

used to reduce smoke must not sacrifice the altitude rUlght capabUlty of the air- 

(2) carbon monoxide and ttnbumed hydrocarbon emissions appear to be 

^ f ^ °^ ai>T»rt during idle operation. As has been 

Sho^ra, t^ emission level for carbon monoxide and unbumed hydrocarbons can 
be reduced by improving combustion efficiency. One way of doing this Is to re- 
duce toe number of fuel entry points during idle operation In order to Improve 
fuel ato^zation and to optimize toe local fuel-alr ratio in toe primary zone 

(3) -^e trend to higher Inlet and exit temperatures tends to increase the 

It appears, however, that nitric oxide emission 

hlah temnr^ +, ^ “ ”^“***"8 combustion residence time, as has been done lii toe 
hlgh-temperature modular combustor. 

Zir fZiZ“«°“ ^ wmche. STS not nsc- 

rCZ to imt. 1. sHml- 


CONCLUDING REMARKS 


There are four major achievements of toe short- comfaustor-technology pro- 

^tTh combustors for aircraft turbine engines cah^Lut 

The shoT h T T® “ combustors that are 50 percent longer. 

The short combustors have performance slmUar to toe longer combustors In 
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nearly all resj^cts except tor altltade r^ight. Thlfl program la continuing with 
Increased emi^aels On improving the altitude relight performance of these com- 
bustors. 

One of the short combustors i the modular swirl- can combustor, was oper- 
ated to give turbine inlet temperatures as high as 3000° F. Ferforraance of this 
combustor was very good; however, much additional work will bei-requlred to ob- 
tain satisfactory durability at high inlet air temperatures. 

The lack of visible smoke has been one of the outstaftdlng characteristics of 
the short combustors. This Is due In part to the relatively lean fuel-air ratio and 
the very high intensity of turbulence in the primary zones of these combustors. 
Finally, we have shown that a reduced level of nitric oxide emissions may be ob- 
tained by reducing the residtoce time in combustor. While these results 
must sttll be considered preliminary, control of nitric oxide emissions even at 
very high turbine inlet temperatures should not be difficult to obtain. 
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COMBUSTOR OPERATING CONDITIONS 
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EFFECT OF COMBUSTOR INLET AIR TEMPERATURE 
ON LINER TEMPERATURE 



Figure IV-3 


EFFECT OF PRESSURE ON TOTAL RADIATION 
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EFFECT OF COMBUSTOR PRESSURE ON 
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EFFECT OF COOLING AIR ON EXIT TEMPERATURE 
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COOLING SLOT GEOMETRIES 
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Figure lV-21 


COMPARISON OF BLOWOUT LIMITS 
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IMPROVEMENT OP BLOWOUT LIMITS 
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COMBUSTOR MODULE DETAILS 



STABILIZER 



COMBUSTOR PRESSURE LOSS 



EFFECT OF COMBUSTOR PRESSURE ON SMOKE 



A JTSD ORIGINAL 


U /J-57 
JT8D 

h / modified- 


/LEWIS COMBUSTOR B 


UoUBLE 

‘Annulus ^ / 


THRESHOLD OF 
VISIBLE SMOKE 


SWIRL CAN 


WIS COMBUSTOR A 


0 5 10 15 20 25 30 

COMBUSTOR PRESSURE AtM 

Figure IV-32 


CS-56705 


133 




k 


im 


EXHAUST 
EMISSIONS, 600 
PFM 


400 

200 

0 



FUEL/AIR RATIO, 0.013 


rm 

!r HYDROCARBONS 


20 40 60 BO 100 

CORRELATING PARAMETER, PTA/ 


^ COMBUS 
EFF, 


70 

60 


% 


1 ^ 10 ^ 


Ca-S67U 


Figure iv-33 


NITRIC OXIDE EMISSION 

'i5 


PPM 



LB/1000 LB OF FUQ. 


1600 2000 2400 2800 3200 3600 

COMBUSTOR EXIT TEMP, «F 


CS«S6710 


Figure lV-34 


134 


N 71 -19456 

V. V/STOL PROPULSION 

Newoll D. Sanders. James H. DIedrIch, James L. Hassell, jr./ 

David H. Hickey,** Roger W. Luldens, and Warner L. Stewart 

This pap«r describee the propulaion technology for commercial aiiplanos de- 
signed for short takeoff and landing (STOL) or for vortical takeoff and landing 
(VTOL). Some differences between those airplanes and conventional takeoff and 
landing (CTOL) airplanes are Illustrated by the trajectories in figure V-l. 

The CTOL airplane uses the lift of wings caused by forward speed to get off tho 
ground. A relatively long runway is necessary for acceleration to flying speed. In 
the STOL aircraft, wing lift is augmented by the engine power. Engine power can be 
used to increase the lifting effectiveness of the wings or the engine can produce di- 
rect lift to aid the takeoff. In both cases, the takeoff speed is lowered, and acceler- 
ation distance is reduced. The VTOL airplane lifts off at zero airspeed, and the 
wings do not provide lift at all; engines provide the Uft directly. In forward fUght, 
the wings do provide lift. 

We recognize immediately a greater demand for engine thrust, or lift, as we 
proceed from CTOL to STOL and to VTOL airplanes. Values of engine thrust to 
airplane gross weight might be as follows: 

CTOL airplanes, 0.3 
STOL airplanes, 0. 6 
VTOL airplanes, 1.2 

The desired thrust of the STOL airplane is double the thrust of the CTOL airplane. 
The VTOL airplane requires another doubling of the thrust. These values are gen- 
eralizations; they are intended to convey a sense of magnitude only. Substantial de- 
viations from these values will be evident in this paper. 

Increasing thrusts mean increasing engine weights. Unless the thrust to engine 
weight ratio is inq>roved, the engine weights can become too large for economical 
operation. Today’s CTOL airplanes have engine thrust to Weight tttios near 6. For 
STOL aircraft an improvement in the engine thrust to weight ratio is tteCesSary to 
offset an otherwise 2 to 1 increase In engine size. A value of 7 is suggested, but we 
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would be happy with 20 for all these engines i For the VTOl^, a large Improvement In 
engine thrust to weight ratio Is ne'>!led to offset an otherwise 4 to 1 Increase In engine 
slae. An engine thrust to weight ratio of 10 would cut the potential weight penalty in 
half. , 

As wo all know, today's conventional airplanes are criticized because of the 
noise they create. The noise problem with STOI^ and the VTOl^ airplanes will bo 
more severe because those airplanes will be used at airports in highly populated 
urban areas. A noise limit of 03 equivalent perceived noise decibels (EFNdtl) at an 
altitude of 000 foot has boon suggested. Thin limit Is 10 to 20 decibels more strin- 
gent than the present federal regulation for certifying now CTOIj airplanes. This 
stringent noise limit has a first order effect on the selection of propulsion- arrange- 
ment and tho engine cycle. 

The next item Is safety, particularly with respect to engine failure. Tho CTOL 
lias an onglno-out safety problem, also, but^ because lift at takeoff and landing is 
critically dependent on tho engines In STOL and VTOL airplanes, engine failure be- 
comes even more serious and lias a much greater effect on propulsion system design. 

High cruising speeds, approaching the speeds of CTOL airplanes, are demanded 
by potential operators of STOL and VTOL aircraft. These last two ltems> speed and 
economy of operation, favor the turbofan and the airpump types of engines. Our dis- 
cussion will bo limited to these two engines. 

In the immediately succeeding portions of this paper, STOL airplane propulsion 
Is discussed, and, in the final sections, VTOL airplane propulsion is discussed. 


STOL AIRPLANE PRINCIPLES 

There are, at present, proposals for a wide variety of designs for SToL air- 
planes. One oi the main reasons for this is that the STOL airplane designs are sSti- 
sitlve to the requirements placed on the airplane in terms of field length and ride 
quality, and these requirements are, at present, not firmly defined. We can illus- 
trate this sensitivity first with the factors that determine the thrust required in the 
airplane. In figure V-2 the ratio of the sea level static thrust to the airplane gross 
weight is plotted as a function of FAA field length for tWo wing leadings, 70 and 
loo pounds per square foot. Seme airlines have asked for airplanes with a field 
length of 1500 feet, or about two times a city block. Conventional airplanes require 
field lengths four and five times this value. The short, 1500-foot field would, of 
course, reduce airport land costs in populated areas. 

High wing loadings like those mentioned are desirable fof good tide and for eco- 
nomic high speed cruise. Even for a very efficient lifting system, specifying a 1500- 
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foot field length and a 100"pownd''per"aqu8re-foot wing loading requirea a thrust to 
gross weight ratio of 0, 8, or about twice that of CTOL airplanes. If the required 
field length is Increased only 300. feet to 1800 feet and the wing loading is decreased 
from lOO to 70 pounds per square foot, a thrust to gross weight ratio of 0. 36 can 
suffice. This is a significant difference. 

The specific values of thrust to gross weight ratio depend on the airplane design 
as indicated by the wide shaded area. For example, the required thrust to gross 
weight ratio would exceed 0.6 for a 1800°foot field length. The important point Is 
tliat STOL airph-.nos require high thrust to gross weight ratios whose value depends 
on field length, wing loading, and airplane design. 

If the STOL airplane can take off from a short field, it should also be able to 
laud in the same field length. Whether it will bo able to do so depends largely on the 
lift coofflclont that the wing can develop. This Is Illustrated in figure V-3 where the 
required lift coefficient is plotted os a function of field length for the same two wing 
loadings. To achieve a 1600-foot tending field length with a 100 pountTper Square 
foot wing loading requires a Uft coefficient of 7. 0. If the field length Is increased to 
1800 feet and the wing loading is reduced to 70, the required is reduced to about 
4.0, a large difference. In general, STOL airplanes require high lift coefficients, 
which, as was the case with the installed thrust, are sensitive to field length and 
wing loading. 

In considering how the required high lift coefficients can be achieved, keep in 
mind the high thrusts installed in the airplane. A powerful aerodynamic principle 
for achieving high lift coefficient has been known for many years end is shown In fig- 
ure V-4; it is the Jet flap wing concept. Some of the propulsive force of the ang^^f. 
is exhausted downward along the trailing edge of the wing. In its effect on wing lift, 
this Jet sheet acts like an extensive mechanical flap. Also, the deflected jet itself 
contributes to the lift. 

Impiementating this concept gives rise to a number of problems: 

(1) flow is a spanwise Jet sheet achieved? 

(2) How is flow attachment on the wing upper surface maintained at h<gh lift co- 
efficients? 

(3) How is the failure of one of the engines that produces the Jet sheet dealt With? 

The airplane designers have devised many designs iu attempts to solve these 

problems. Also, as discussed earHer, the exact requirements for a STOL airplane 
are not firmly estabUshed and these have a strong effect on the airplane design. It 
is for these reasons that there is at present many SToL airplane designs under con- 
sideration. 

Tliree types of STOL airplane designs will be discussed, namely, the externally 
blown flap, the augmentor wing, and the multiple fan airpterte. For each design, the 
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concept and propulsion system will be described, and some of its advantages and 
problems will be discussed. 


EXTERNALLY BLOWN-FLAP AIRPLANE 

The externally blown-flap concept is illustrated in figure V-5. The exhaust flow 
from the undersiung turbofan engines is directed onto the highly deflected flaps so 
that the flow is tufned downward. Lift is generated not only as a result of the re- 
directed thrust but also as a result of the jet flap effect which comes from the 
spreading of the flow outward to Cover most of the flap span and the resulting exten- 
sion of the physical flap by the jet sheet so formed. Flow separation on the upper 
surface is prevented because some of the engine exhaust passes through the slots in 
the flaps to energize the boundary layer. Moderate wing sweep, like that of conven- 
tional jet transports, is required for good spreading of the flow. Also, the high by- 
pass ratio fan engines currently being developed are ideally suited for the externally 
blown flap concept because of the high mass flow at relatively low velocity and the 
relatively low temperature of their exhaust. 

A photograph of an externally blown-flap model being tested in the Langley full 
scale tunnel at a very low tunnel speed is presented in figure V-6. The stream of 
smoke passing over the wing and then sharply downward is clearly visible. This 
flow deflection is an indication of lift coefficients two or three times greateV thgn 
for the wing alone. 

An obvious problem with the externally blown-flap concept is angino failxire be- 
cause of the asymmetric loss of lift and the resulting rolling moment. This problem 
can be minimized by locating the engines close inboard, but this placement does not 
eliminate the problem. Correction of engine-out rolUng moments has been inves- 
tigated very thoroughly at the Langley Res«irch Center. In figure V-7, the rolling- 
moment coefficient is shown plotted against lift coefficient. For the case shown 
here, the airplane has four engines and a thrust-to-gross weight ratio of 0. 6. The 
maximum lift coefficient is 9, and, of course, there is no rolling m o m e nt asym- 
metry. The solid curve illustrates the asymmetric rollii^ moment from failure of 
the left outboard engine and also shows that for this case with three engines oper- 
ating at maximum thrust, the maximum lift coefficient has dropped off to about 7. 

The real challei^e has been to devise an aerodynamic control that provides sufficient 
roll control power to trim out the asymmetry of the failed engine without incurring 
additional loss of lift. The rolling moment can be balanced by decreasing the flap 
deflection behind the two active engines and increasing the flap deflection on the side 
with the failed engine. This technique is called differential flap control. Results of 
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tests using this technique are shown by the dashed curve which indicates that the 

roliing moment has been trimmed without further reduction of maximum lift coeffi- 
cient below 7. 


Safety considerations dictate that the airplane operate at some margin above 
stall speed. For a 20 percent speed margin, the safe usable approach lift coefficient 

is about 4. 7. This lift coefficient permits operation into a 1600-foot field With a wine 
loading of 70 pounds per square foot. 

i^ugh they would not be used to trim the engine failure asymmetry because of 
the lift penalty that would occur, spoilers do provide a very healthy roll control in- 
crement for normal maneuvering control as is indicated by the curve at the top 

In an alternate method also tested at Langley, high pressure air is bled frc^m the 
engines and is cross ducted to the opposite ailerons to provide boundary- layer con- 
trol. When engine failure occurs, twice as much bleed air is directed to the drooped 
aUerott on the side with the failed engine as is to the aileron on the side with the two 
active engines. This boundary-layer control system is quite powerful and provides 
rolling moment trim very similar to that shown with the differential flap control 
technique, m addition, such a system has the distinct advantage of operating pas- 
sively in that most of the rolling moment asymmetry would be trimmed without action 
ra ^ part of the pilot. Engines capable of supplying sufficient bleed air to power 
the boundary-layer control would be required or provision for auxlUary power from 
another source would be necessary. 

A candidate engine for the blown-flap STOL airplane is shown in figure V-8. The 
trend in engines for conventional transports has been to higher bypass ratio and lower 
fan pressure ratios. Conventional twin-spool engines of today can meet all require- 
ments for this service except a noise timit of 95 EPNDB at an altitude of 500 feet. 
Acoustical treatment of existing turbofan engines with bypass ratios of 6 could put us 
within 6 PNdB of this limit. The next section will show that still lower core jet ve- 
locities, low fan pressure ratios, and sound absorbing treatment are required to 
meet the 95 EPNdB noise Umlt goal. New fan technology employing propeller tech- 
niq^ues mig^t be applied to these new engines* 

In sununary, wind-tunnel experiments show that the desired lift coefficients and 
control of engine-out rolUng moments can be achieved with an airplane thrust to 
gross weigdit ratio of 0. 6. Further development of the trend to lower fan pressure 
ratio ei^nes is required to meet the noise Umits. 


AUGMENTOR WINGAIRPUNE 


The propulsion requirements for an augmentor wing airplane will be considered 
now. The question of installed thrust required, core thrust - fan thrust split, and 
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fan and core pressure ratios Will be examined. 

Like the externally blown flap concept, the augmentor wing concept is a deriva> 
tiye of the Jet flap principle. Figure V-9 shows a cross section of an augmentor 
wing. The augmentor is a two-dimensional ejectorformed bythe biplane flap system 
and the pressurized duct containing the primacy nozzle. The augmentor increases 
the thrust of the pcimacy Jet by about 30 percent. The secondary inlets for the ejec- 
tor are shown in the cross section. The inlets on the top flap remove the boundary 
layer so that the mcternal flow follows the highly deflected flap. The discharge from 
the augmentor forms a Jet sheet and genertites high lift coefficioits by the Jet flap 
feet. As shown on the plan view, the augmentor typically covers from the fuselage 
to 70 percent of the span. For additional lift, the ailerons (typically covering the 
outboard 30 percent of the wing) would be drooped and have boundary layer control. 

The engine-out characteristics of this concept are ohe of its Strong points. The 
interconnected ducting aa shown in the figure minimizes upset moments due to engine 
failure by providing uniform distribution of air into the flap System despite the failure 
of any one of the engines supplying the pressurized air. This feature, along with the 
high Itftii^ efficiency, makes a two- engine commercial fTOL aircraft fmisible. 

Figure V-10 shows a conceptual installation of a two-spool, two-stream engine 
(i. e. , the core stream and bypass stream) in a nacelle. At takeoff and landing, all 
the bypass air passes up through the pylon into the Wing ducts and out the duct nozzle. 

braking on the ground is required, the forward valve might be opened, eliminating 
the augmentor lift and providing a retarding force. During cruise, the valves to the 
wing ducts are closed, the f l^s are retracted to a Streamline position, and the valve 
at the rear of the pylon is opened to augment the forward cruise thrust provided by 
the core Jet. 

The Canadian government, deHavllland of Canada, and NASA have been working 
on the augmentor wing concept for several years. Figure V-11 shows a large-scale 
model mounted in the Ames Research Center 40- by 80-foot wind tunnel. The model 
span is approximatnly 40 feet. The augmentor inlet is Shown along the trailing edge 
of the wing. Ailerons were drooped and had boundary- layer control applied at the 
knee. Boundary- layer control was also applied at the slot across the top of the fuse- 
lage. A special punq) for the augmentor air was mounted in the fuselage. The pump 
consisted of a J-85 engine driving two Viper compressors; hence, the three inlets on 
the fuselage visible in the photograph. An augmentor Wing airplane would not have 
these fuselage inlets. 

Data from this model are shown in figure V-12. Lift coefficient is plotted as a 
function of drag coefficient. This curve is for an augmentor and boundary- layer con- 
trol thrust to gross weight ratio of 0. 21 and a flap deflection of 10°. Even for this 
low thrust, the maximum lift coefficient is above 7, which should be sufficient for a 
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1500-foot field length airplane. 

These data define an engine specifically for an augmentor wing aircraft, but 
first a landing approach design point must be selected. Figure V-13 is the same as 
the previous figure, but more information has been added. An airplane descends at 
an angle determined by the ratio of drag-to-Uft. Lines of constant descent angles of 
3,6, and 9 are shown, and of course the vertical axis corresponds to level flight. 
A design point at a 6° angle of attack and 30 percent above stall speed was chosen. 
This design point provides a 15° angle of attack and a 13-knot stall margin, which 
exceeds the margin recommended by some authorities. At the lift coefficient of 5. 1, 
an airplane with a wing loading of 77 pounds per square foot could land in a 1500-foot 
field. At this design point, the descent angle of 5° and the 5° angle of attack gives a 
horizontal fuselage altitude. 

One of the requirements of commercial aircraft Is that they be able to arrest the 
'rate of landing descent with a minimum loss of altitude after the pilot's decision is 
made to go around. This is done conventionally by rotating the airplane, increasing 
power, and in some cases reducii^ flap deflection. However, as attempts are 
to lower weather minlmums, these techniques become less acceptable. With the aug- 
mentor wing, this characteristic can be improved by designing the engine So that the 
core thrust will be sufficient to arrest the rate of sink (corresponding to 0. 09 thrust 
to gross wei^t ratio) and make the thrust immediately available for emergencies. 

To provide this capabiUty, a fast-acting thrust modulator for the core is necessa^. 
By including a thrust reverser in the modulator, the airplane can have a descent 
angle between 0 and 8° at fixed power. With the provjjslon of the thrust modulator, 
handling qualities have probably been improved because the modulator provides a 
descent control independent of lift or airplane airspeed. 

The figure contains enough information to define important characteristics of the 
augmentor wing engine. With a duct loss of 20 percent, an augmentor auguentation 
of 80 percent, and a flight speed of 65 knots, the reqiiired installed gross thrust to 
gross weight ratio required is 0. 3. Commercial transport regulations will require 
this performance with one engine failed, thus the installed thrust for a four-engine 
airplane is 0.4. The information also establishes that the ratio of the core thrust to 
the total engine thrust is 30 percent. The remaining 70 percent of the thrust is de- 
livered by the fan to the augmentor. Of course, other core thrust ratios can be ob- 
tained With different airplane variables or matching philosophies, but the case de- 
rived here is representative. 

Thus far two questions have been ignored. One is the UmitaUons on duct sizes 
imposed by the wing cross-sectional area, and the other is the practicaUty of the 
engine cycle and its adaptability to noise reduction technology. These questions will 
now be considered. 


finough air can be passed through the wing by resorting to hig^ pressure ratios, 
but pressure must be minimized because of cruise specific fuel consumption and 
noise from the augmentor. The relative duct areas required to pass the augmentor 
flow at Mach 0. 3 in the most critical wing section is shown in figure V-14 as a func- 
tion of fan pressure ratio. A duct loss of 20 percent thrust is included. The ca- 
pacity of the ducting system shown in the sketch was estimated for a wing loading of 
77 pounds per square foot and a 12 percent thick wing With spars at IS and 50 percent 
chord. The relative duct areas available are shown for wing aspect ratios of 6, d, 
and 10. At an aspect ratio of 8, a pressure ratio of 2. 3 is required. However, the 
curves indicate a wide range of possible compromises between the engine, aerody- 
namics, and noise. For example, with a wing aspect ratio 6, the data indicate that 
a 1. 6 pressure ratio fan may pump the required amount of air. This, as a single- 
stage fan, will reduce compressor and augmentor noise significantly but Would in- 
crease the required airplane thrust to gross weight ratio by about 10 percent. Studies 
to evaluate these compromises are required. 

As d^ned here, the engine should, have 30 percent of the thrust from the core 
and 70 percent from the fan. Furthermore, the jet exhaust Velocity should be low to 
minimize core jet noise. Figure V-15 shows the core thrust fraction as a function of 
the core jet velocity for an 1800° F turbine inlet temperature. Fan pressure ratio 
is 2. 5. The core jet velocity must be around 800 feet per second to ke^ the core 
jet noise down. The desired core thrust fraction is obtained at the moderate turbine 
inlet tenq>erature of 1800° F. These figures represent one Solution to the engine- 
airplane matching problem. As With the blown flap, conventional engines could have 
been used, but the core jet noise is prohibitive; thus, a new engine is required for 
noise reduction. This engine will probably be well within the state of the art; how- 
ever, no engines like this are being built today. A new or highly modified engine 
will probably be developed specifically for the augmentor wii^ airplane. 

This has been a review of the augmentor wing state-of-art. The augmentor wing 
is an efficient high lift system. It is possible to get the required duct sizes into the 
aircraft wing. A two- spool engine of special design can generate the required wing 
duct flows and pressures With a low jet core exhaust noise. Considerable Work is 
still required to optimize the matching between the engine, airframe, and noise. 


MULTIFAN AIRPUNE 

I 

The major factors affecting STOL airplane design are noise, eflgine-out, and a 
lateral spreading of the jet sheet to achieve high lift coefficients efficiently. Given 


these factors, the use of multiple* low-pressure-i?atio fans is an approach to a StOL 
aUplane that may have some advantages. One possible airplane layout is shown4n 
figure V-16. On the airplane* 16 fans are spread along the wing trailing edge. 

These fans have a pressure ratio of 1. 25 so that the propulsion can be quiet* and the 
same fans provide both the takeoff and the cruise thrust. The large number of 
gives a good spanwise extent of the Jet sheet. The fans are mounted on a hinged flap 
to achieve a downward deflected jet for high lift. The fan inlets create a massive 
suction to maintain flow attachment on the wing upper surface. The effect of one 

fan-out is small because the thrust of each fan is only a small fraction of the total 
thrust. 

The fans are driven by hlgh-presSure air from four air pumps that deliver air 
at a pressure ratio of about 7. This pressure ratio allows the duct sizes in the wing 
to be small compared with the wing cross sectional area. 

To help determine if this arrangement has merit, the model shown in figure 
V-17 was built. It is a semispan model* and* hence* has eight fans. They are 
driven by Midi pressure air, and the whole system is mounted on a force balance. 

The tests were run in the Lewis 9- by 15-foot V/STOL test section. A typical set of 
results is shown in figure V-18. 

Lift coefficient is plotted as a function angle of attack for two conditions: a 30° 
flap deflection corresponding to takeoff and a 60° flap deflection correspond!^ to 
landing. The data extend to a 30° angle of attack* and the wing has not for 
either flap deflection. These data have been interpreted in terms of a STOL airplane 
with a 100-pound-per-square-foot wing loading* a 1500-foot field length* and an in- 
stalled thrust-to-wMght ratio of 0. 57. Takeofi would occur at a lift coefficient of 
about 4.0 at about a 10° angle of attack. At this flight condition* the wing can easily 
tol^rat^ a 30«*foot-per-second vertical gust. 

The landing apprc^ch would occur at a lift coefficient of 7. 0 With the engines 
partly throttled and a thrust to gross weight ratio of 0.44 (the installed value IS 
0,57). Again* at tMs flight condition, the wing has a 30-foot-per-Second vertical 
gust tolerance. This performance together with the fact that it is achieved with po- 
tentlaUy low-hols6 fans makes this a configuration of interest. 

The propulsion system is described in more detail next. A drawing of one of 
the fans is shown in figure V-19. It has a single-stage rotor with a pressure ratio 
of 1.25. Turbine drive air enters an annular scroll, passes through the turbine 
nozzles and turblhe blades mounted on the tip of the fan to drive the fan* ahd then 
exits to provide part of the thrust. The drive air temperatures are loW enough so 
the ducting, scroll* and turbine materials can be titanium. 

Hi|d> pressure drive air is provided by the air pump shown in figure V-20. It IS 
a two-spool engine. The first spool generates a pressure ratio of about 7. 0. IMlf 
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of this air is ductsd off to drive the fans; the remainder is routed through the second 
spool, is burned, and is used to drive the turbines for both spools. 

The consequence of an airpump failure depends on the ducting system. It is 
proposed that the ducting be arranged so that each fan receives one*-qnarter of its 
drive air from each airpump. The loss of one airpump causes a one-quarter loss of 
power, but all the fans continue to run uniformly so no roll or yawing moments are 
developed. Also, because this is a power interconnected system, the one-quarter 
power loss ideally causes only a one-eighth loss in thrust. Thus, this concept is 
tolerant of either a fan or airpump loss. 

Studies and tests to date indicate that a multiple low -pressure- ratio fan configu- 
ration has the potential for low noise, good engine failure tolerance, and has very 
high usable lift coefiUcients. As a Consequence of the high usable lift coefficients, 
the multifan concept can yield airplanes with a wing loading of about 100 pounds per 
square foot for a 1500-foot field. What is it worth to increase the wing loading from 
70 to 100? The decrease in wing weight corresponds to an increase of about iO per- 
cent in payload weight. The cruise lift-drag ratio at Mach 0. 75 and at an altitude of 
25 000 feet is improved about 10 percent, and there is qualitative improvement in 
ride quality. 

hi brief, the multiple fan airplane appears to have a number of significant advan- 
tages. but there are also problems that require further study such as cruise drag, 
aeroelastic stability, and system weight. 

VTOL AIRPLANE PRINCIPLES 

VIOL airplanes employ engines for lift as shown in figure V-21. This drawing 
is purely schematic and is not proposed as a favored configuration. A multiplicity 
of engines are required to provide the enormous lift and to provide safety in case of 
engine failure. The engines also must perform new control functions. At zero lift- 
off (^eed, there are no aerodynamic forces acting on the control surfaces. The 
power System must provide the control. The lift engines shown in the wing tips are 
for roll control, and fore and aft engines shown are for pitch control. In addition, 
engines must provide cruise thrust for forward flight. Separate engines are shown 
for each of these functions; it is probable that some of these functions can be com- 
bined into fewer engines. 

The remainder of this section is limited to a discussion of lift fans. Although 
the lift enginer are required only at takeoff and landing, we must drag them along for 
the entire flijdit. To avoid the drag penalty of these inactive ehgines as much as pos- 
sible, the airiflane designer tries to bury the engines in the Wing, in small pods, in 
extensions of the fuselage, or in the fuselage itself. Consequently, the engine designer 
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is required to make the engine as short and as small as possible. 

Another problem concerns an unusual flow situation arouhd the engines. After- 
liftoff, the engines must operate while the airplane is in forward flight ufttil complete 
wing lift is established. The flow of external air across the inlet causes severe dis- 
tortions of flow at the engine face. The engine and engine Installation must he de- 
signed to withstand these flow distortions. 

The minimum engine thrust, or lift, must be at least as great as the gross 
weight of the airplane. Additional lift is required for acceleration and maneuvering. 
To allow for engine failure, the Installed thrust must be great enough to provide Uft 
and maneuvering acceleration with an engine out. The failure of an engine causes 
upsetting moments; correction of these moments requires still more 
When all of these factors are considered, the Installed thrust to gross weight ratio 
will range between 1.2 and l.fl. 

The Importance of engine thrust-to-weight ratio is Shown by the result of a 
parametric study of VTOL airplanes (fig. V-22). The plane in this figure can carry 
100 passengers 600 miles, and its engine thrust to weight ratio is 1.3. Aircraft 
gross weight is plottsd as a function of the ratio of engine thrust-to-engine weight as 
installed in the airplane. Curves corresponding to lifting times of 5 and -10 minutes 
are shown. You may recall that the engine thrust to weight ratios of today’s airplane 
engines are near 5; such engines are totally unsuitable of this service. A thrust to 
weight ratio of 10 gives an airplane gross weight close to 100 000 pounds for a llftiog 
time of 10 minutes. DCO's and 737’s are approximately this Size a nd carry tqiproxi- 
mately the same number of passengers. We Would like, therefore, to have engines 
with thrust to weight ratios of lO or better. New engine designs and new technology 
will be required to produce these engines. 

The figure also shows the effect of varying specific fuel consun^tion (SFC) on 
airplane gross weight. Increasing the Specific fuel consumption from 0.4 to 0.5 has 
minor effect of airplane gross Weight because these fan engines are already very ef- 
ficient and the fuel consumed in the 6 or 10 minutes of operation is not great. 

The noise limitation drives us to very hlgh-b]rpass>ratio, low-pressure-ratlo, 
and low-tip-speed fans. 

In summary, the installed lift must be 1.2 to 1.6 times the gross weight of the 
airplane. The engine thrust to weight ratio must be high, probably above 10; the 

engine must be compact, have low noise, and be tolerant to the external flow across 
the inlet. 


EFFECT OF EXTERNAL FLOW ON VTOL FAN PERFORMANCE 


A picture of a fan installed in the 0" by 16=foot V/STOL wlftd"tunnel test section 
is shown in figure V"23. The model lift fan has a diameter of IB Inches and is 
mounted in a wing which spans the tunnel test section. The wing was mounted vertt» 
cally to facilitate the measurement of forces. The fan is driven by a compact, high" 
pressure air turbine which is mounted In the hub of the fan. The fan haft a design 
pressure mtio of about 1.3 at a Up speed of approximately 1000 feet per second. 

The axis of the fan Is perpendicular to the direction of the tunnel airflow. Con" 
sequently, the air is forced to turn 00^^ to enter the fan. This is termed the cross* 
(tow environment. 

The oncoming airstream is forced to turn sharply to enter the fan on the up- 
stream edge of the fan inlet. At high crossflow velocities, the flow separated and 
blocked a portion of the inlet area. This is potentially a severe problem; but in this 
particular case, the maximum inlet area blockage amounted only to about 6 percent. 
Blockages like these can be tolerated by the lift fan and aircraft as will be shown 
later. 

Another problem caused by crossflow is more serious: the change of rotor In- 
cldenee angle (see fig. V-24). The inset is a planform of the fan in crossflow. The 
rotation of the fan Is indicated by the long arrow. Each fan blade advances and re- 
treats relative to the crossflow as the fan rotates. This causes positive and negative 
relative incidence angles of the flow, as shown in the inset. In the figure the theo- 
retical change in incidence angle is plotted as a function of the circumferential posi- 
tion. There Is a cyclic pattern which Is aggravated as the crossflow velocity In- 
creases from 0 to 160 mph, When rotor Incidence angle changes, rotor pressure 
ratio changes. Confirming experimental data are shown in figure V-26. 

The rotor total pressure ratio is shown as a function of circumferential position. 
Static Conditions resulted ih a uniform pressure ratio. As Crossflow increased to 
100 and 160 mph, the predicted cyclic behavior was observed. However, the curves 
were not symmetrical in the advancing portion of the cycle. The data r^ched a 
Umlting value which was independent of the crossflow velocity. This effect produces 
a net reduction of the mean rotor total pressure ratio as the crossflow velocity in- 
creases. Consequently, we would expect the fan thrust to fall off With increases in 
crossflow velocity. 

Figure V-26 shows model lift fan total thrust per unit frontal area as a function 
of the tunnel air velocity. Data are shown for a Up speed of 980 feet per second (or 
design conditions). Two additional curves are superimposed for comparison pur- 
poses. The top curve is an Ideal fan performance curve, which assumes recovery 
of all the momentum of the tunnel airstream. The lower curve is the lift fim thrust 


requirement of a VTOI^ aircraft converting to wing-supported flight at X40 mph. We 
have referenced the two curves to the static thrust of the model lift fan at design 
speed. 

For tha design conditton, the experimental fan thrust falls off with increasing 
crossflow velocities. The performance ot this fan Is far from ideal. The crossflow 
environment degrades the fan performance by a considerable amount, but there 1s 
Sufficient margin to provide the required thrust for the example shown. 

This is Just one case, and further tests are being planned with low-pressure 
ratio, low-tip speed, low-noise fans to see if these trends are maintained. 


\rrOL FAN PROPULSION SYSTEMS 

As has been pointed out before, noise constraints have resulted in the require- 
ment of rather low pressure ratios, 1. 2B or leas, for lift fans. These fans in them- 
selves, then become rather well-defined and are flat and. light weight. The reasons 
we get into various fan systems lies in the question of how the fans are driven. 

In general, the drive systems can be put in two categories, as shown in fig- 
ure V-27 . The integral drive fan engine is self-contained with a hub drive turbine 
and its own inner spool. It is, in principle, a conventional twb-spool, high bypass 
ratio turbofan engine. The lower part of the figure shows examples of the remote 
drive systems, in such Systems the power source is in a location remote from the 
fan itself, With pneumatic energy trartsmltted to the power turbine through ducts Or 
pipes. These ducts can be configured in such a way that fans and power sources can 
be interconnected to reduce the engine failure and control problems. The fan mod- 
ules are rather short in depth. This, and the ablUty to orient the power source 
along a different axis results in a potential reduction in Installation problems as 
compared to the integral drive system. 

Two remote systems are shown. One is a gas generator system, in which a 
conventlonai turbojet engine is employed. The hot pressurised gas, rather tMu 
being used for thrust, is diverted through appropriate ducting to the fan-drive tur- 
bine Inlet. This fan system has been used in Some of the direct lift research air- 
craft that have been examined in recent years, notably the XVS. The Other system 
uses an airpump. This airpump would be a very low bypass ratio, high-pressure 
ratio turbofan engine. The pressurized air, which is considerably cooler than the 
gas generator exhaust, is routed through ducts to the lift fan. An auxiliary combus- 
tor heats the air Just before it goes into the faft turbine drive. 

The ultUnate choice of the fan drive system is a function of many factors, some 
related to the engine Itself, such as weight, system fuel cohsUmptloh, volume, and 
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depth and othare related to aircraft operation, euch as control and engine-out. The 
discussion here will be confined to the engines themselves and their features, 


INTEGRAL DRIVE FAN 

Some of the features of the integral drive fan are shown in figure V-28, which 
presents a cross-sectional view of one fan currently being considered. This is a 
single-stage, relatively tow-speed fan (duo to the required low pressure ratio). It 
has the potential of being very light weight because of the possible use of advanced 
composite structures. The fan Is shown with the flow to the compressor split off 
from that of the bypassed flow. Such a fan geometry is attractive because it permits 
the pressure rise at the hub section to be lower than that of the main fan, thereby 
permitting a tower fan inner radius and, therefore, a smaller diameter engine. The 
inner spool includes a multistage compressor driven by a single-stage turbine. The 
combustor sluwn is a reverse-flow type. Such a combustor geometry is considered 
to be attractive because it shortens the length of the engine, thereby minimizing Its 
depth and volume. 

The inner spool must be rather simple and corapaet for this application. For- 
tunately, the engine cycle parameters, namely, pressure ratio and turbine inlet tem- 
perature, are such that this is possible. The results of engine Cycle calculations 
made to find the optimum cycle pressure ratio and turbine Inlet temperature are 
shown in figure V-29. The engine weight plus 5 minutes fuel is shown on a relative 
scale as a function of the turbine inlet temperature at three compression ratios. 

The optimum temperature is 1800^ F, which is surprisingly tow and a conservative 
value by today’s standards. Thfi optimum pressure ratio is also surprisingly low, 
being about 8. Low optimum temperature and pressure ratio are obtained because 
the short operating time of the engine minimizes the importance of specific fuel con- 
sumption. These modest cycle tenmeratures and pressures greatly simplify the gas 
generator. 

From figure V-28, it can be seen that the fan is driven by a multistage tui*ine.. 
Because of speed restrictions on the fan and because the turbine diameter is sub- 
stantially less than that Of the fan, the turbine blade speeds and associated stresses 
of this turbine are quite low. Therefore, the turbine is potentially light in Weight 
through the generous use of thin sheet metal in its Construction. 

From an aerodynamic standpoint, this turbine has requirements that are con- 
sidered to be beyond that of conventiohal practice. The reason for this is indicated 
in figure V-30, where stage efficiency is plotted as a function of turbine stage Worit 
factor. (Stage work factor relates the work being extracted per pound of air per 




stage to the kinetic energy of the rotating blades.) Increasing the work factor re» 
suits in decreasing the turbine efficiency. Current cruise engines usually operate 
at work factors of 1 to 2 because of the desire to have Mgh turbine efficiency and, 
thus, low specific fuel consumption. Studies of the integral engine have shown that, 
when considering both turbine weight and efficiency, work factors tn the range from 
4 to B become necessary. Such high work factors are encountered because the blade 
speed is low, as previously mentioned, and the work per pound is high because of the 
low flow through the gas generator. Shown is a broad band of micertainty in the ex- 
pected efficiency at these high work factors, thus indicating that there are major 
questions regarding the ultimate efficiency in this range. Programs are currently 
uodor way to attempt to anowor thoae quoattone. 


TIP TURBINE FAN SYSTEM 

The low blade speed encountered in the turbine for the integral engine is one of 
the reasons why other approaches permitting Increased blade speeds are desirable. 
Introducing a gear system would be one way of accomplishing this. To date, how- 
ever, the added complexity and weight has not resulted in this approach being shown 
to have a net advantage. 

Another idea to increase the turbine blade speed - also considered to be un- 
practical for the integral engine - is the use of a turbine located at the tip of the fan. 
These tip turbines are located where the blade speed is greatest, thereby resulting 
in more modest values of stage work factor, about 2. Tip turbines are used in the 
remote drive systems described prevlotjsly. Because of the location of the turbine, 
rather large scrolls are required to direct the high pressure gas, to the turbine en- 
trance. Also, turbine inlet temperatures on the order of 1400° P are being consid- 
ered for the drive systems, resulting in the whole outer Section being at. high tem- 
peratures. These outer elements, of course, require insulation and major attention 
to maintain the structural integrity end Ufe of toe hot parts. 

A cross sectional view of one of these fans is shown in figure V-31 for the gas 
generator system. The fan rotor, its stator, the scroU, and the single stage Up 
turbine are shown. Although the gas generator and air pump drive systems appear 
to be similar (fig. V-27), there are substanUal differences. These differences oc- 
cur principally because of the difference in the available pressure raUo across the 
turbine. Since the gas generator is basiOaUy a turbojet engine, toe pressure avail- 
able to toe tip turbine is modest - perhaps on the order of 3 atmospheres. The air 
pump system, on the other liand, can deliver pressures cohSiderably greater than 
that. We have been examining deUvery pressures as high as 8 atmospheres in order 
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to allow tha pump to operate with a single spool and to miniinize the size and weight 
of the associated ducts. These ducts could be at a sufficiently low temperature to 
permit titanium to be used. 

A substantial Impact of these differences in pressure ratio is felt on the scroll 
and turbine. Figure V>32 illustrates these differences. Shown is tine volume flow to 
the hot scroll as a function of turbine pressiure ratio. The flow for the gas generator 
system is seen to be over fouc-times that for the air pump system, and this results 
in a largec-and heavier scroll for the gas generator system. On the other hand, the 
low pressure ratio across the tip turbine for the gas geneiator i^stem permits a 
single-stage turbine to be used. The high pressure ratio across the tip turbine for 
the air pump case has forced us to consider a two-st^ t4> turbine for this system. 

Cross Sectional views of the t4» regions for these two cases are shown in fig- 
ure V-33. The differmice in the scroll size and the number of turbine stages can be 
seen. Some otiier foctors that a^ect the turbine and fan performance can be 
seen. First, generous axial clearances must be provided to accommodate large mo- 
tions of the fan tip. Second, the very short blading, particularly for the aiipunq) 
turbine, has an adverse effect on the elfllciency. Third, leakage at the front face of 
the fon« which occurs due to the pressure differential betwemi the turbine stator out- 
let and fan tip inlet, reduces efficiency. This leakage penalizes the turbine by di- 
verting the flow and penalizes the fan by the introduction of hot gas into the fan at the 
tip. This is a rather serious problem since these seals are in a r^km that is 5 feet 
in diameter, jaore investigation Is needed to determine the best Seal geometry for 
this application. 

This discussion has pointed up some of the features and problem areas internal 
to the lift fat s themselves. Little was discussed about w^^t comparisons since 
considerable design improvements must be made before practical values can be db- 
tained. The discussion has ^own, however, that the efficiency of Mgh worir foctor 
turbines must be determined for the int^ral engine. On the other hand for the re- 
mote drive fons, major questions arise regarding the tip turbine performance, par- 
ticularly as related to the clearances and Imikages. There is also the questian of 
accq|>tability of all the hot components that are located outside the fan. These an d 
other questions must be answered to determine which configuration is best for the 
VTOL transports. 


CONCLUDING REMAl^KS 

For the blown-flap airplane, the engine thrust must be cloSe to d. 6 of the gross 
weight. The problem of engine-out rolling moments has beeh investigated with 
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models in a wind-tunnel, and the results encourage ns to believe that these moments 
can be managed by differential flaps or boundary- layer control and proper airplane 
proportioning. Engines similar to existing CTOL engines can meet all propulsion 
requirements except low noise. A speeial engine having a high bypass ratio, low fan 
pressure ratio, and sound treatment will be required to stay within the noise goals. 

The example augmentor wing airplane required an installed thrust-to-welght 
ratio near 0. 4. The airplane has good engine-out characteristics. However, a spe- 
cial engine design is required to give a thrust split of approximately 70 percent to 
the augmentor and 30 percent to the core jet. In addition to achieving the noise 
goals, the core velocity must be held to a low value near 800 feet per second. A 
major problem with this airplane is the control of the noise from the augmentor. 

The novel multifan system is promising, but further research is required for 
evaluation of its potential. 

For the VTOL airplane, we have shown Some of the features and problems of 
the integral drive fan, the tip-turbine fan driven by a gas generator, and a tip- 
turbine fan driven by a compressed air generator. In all cases, advanced technology 
will be required to produce useful engines. 
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VI. NOISE REDUCTION 

James J. Kramer, David Chestnutt, Eugene A. Krejsa, 

James 0. Lucas, and Edward J. Rice 

Ibci^ased ude oi Jet transporte along with a growing concern for the quality of 
the environment has resulted in cmisiderable emphasis on noise reduction efforts in 
the past 5 years, fe order to discuss the noise an aircraft engine makes, it is 
necessary to define several tteras: where the observer is withj-espect to the plane, 
the engine power setting, and the units of noise measurement. Noise energy levels 
are measured on a logarithmic scale in decibels. What we are really Interested in, 
however, is not how much energy is in a certain sound but how angry it makes the 
person who hears it. We want to measure the human response. A new unit, the 
perceived noise decibel, was developed to reflect the varying human response to the 
different kinds ot sound, distinguished by their frequency spectra. Sounds whidi 
have hig^i energy ccmtent in the frequencies to which humans are most sensitive are 
wei^ted so aS to have higii PNdB or perceived noise decibel values. These fre- 
quencies of hi^ annoyance are in the range of 1000 to 5000 cycles per second or 
hertz. Other factors are known to affect human response - most importantly the 
duration of exposure and the presence of discrete tones in the spectrum. Correc- 
tion factors have been developed and when these are applied, the resultant levels 
are in effective perceived noise decibels or BFNdB. 

Both conventional takeoff and landing (CTOL) and vertical/short takeoff and 
landing (V/STOL) aircraft noise is discussed. The subsonic aircraft flight proMe 
is considered first. Noise is a factor for subsonic aircraft when they are 
and taking off. These aircraft land on a 3° glide slope, so that their altitude above 
the community is fairly well defined as a function of distance from touchdown. The 
engine power setting varies as the pilot maneuvers doWn the glide slope, but gen- 
erally the engines are at about 25 percent of takeoff thrust. During takeoff the al- 
titude above the community depends oh the operating weight of the aircraft and the 
power setting. It is possible for the pilot to reduce power after he has achieved 
some safe altitude. This power reduction results in less noise. 


*NASA-Langley Research Center. 


CTOL AIRCRAFT 


Recently, the FAA issued an airci^aft certification standard for noise. The 
PAA-selected measuring stations for conventional takeoff and landing (CTOL) air- 
craft are below the aircraft 1 nautical mile from touchdown on approach and 3. 6 nau- 
tical miles from brake release on takeoff (fig. Vl-1). Power cutback is permitted 
during takeoff if other safety requirements are met. For approach on a 3° glide 
slope, the aircraft is 370 feet above the ground at 1 nautical mile from touchdown; 
and at 3. 5 nautical miles from brake release, the aircraft is anywhere from 600 to 
1200 feet in altitude, or higher. The sideline station is at 0. 3S nautical mile for 
four-engine aircraft and 0. 25 nautical mile for two- and throe-engine aircraft. The 
maximum permitted noise levels at these stations are sh'>wn in figure Vl-2. 

Consider a 707/DC-8-class long-range transport. It produces about 118 PNdB 
of noise at 1000 feet altitude at full takeoff power. If a replacement aircraft were 
to be built, it could make no more than 103 EPNdE according to this FAA Standard, 
the actual permitted noise levels are a function of aircraft size, with the variation 
in elective perceived noise level (EPNL) a function of aircraft gross wei^^t as 
shown in figure VI-2. Generally, the levels required now are about 10 to 15 PNd3 
lower than pirevious levels. 

At Lewis we have been working for several years on a low -noise engine siiitable 
for use on a CTOL airplane. The engine will incorporate all available sound reduc- 
tion features in an effort to consolidate and advance the technology of noise reduc- 
tion. The engine is called the Quiet Engine. This engine in conjunction with an 
acoustically treated nacelle should permit the attainment of noise levels about 
10 PNdB below the current FAA certification levels. Currently being built under con- 
tract With General Electric is a high-bypass -ratio engine developing 22000 pounds of 
takeoff thrust. A cross-sectional view of the engine is shown in figure VI-3. In this 
program, several fans and turbines for the engine are being built, linings for the 
cold and hot ducts are being investigated, and some potential noise reduction devices 
are being tested on a half -scale model fan. We expect to be testing the engine at 
General Electric in about 6 months and to take delivery here at Lewis in late 1972. 
This engine serves as the basis for the following discussion of our noise research. 


Noise Sources 

Gas turbine engine noise can be divided into two general categories; internally 
generated noise, usually associated with the rotating machinery; and eaternally gen- 
erated noise, or jet noise. Any noise reduction program must consider all sources 
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and bring them all down to an acceptable level. 

The cutaway view of the Quiet Engine shown in figure VI-4 reveals the sources 
of internally generated noise. These primary sources are the fan, the compressor, 
and the turbine. In this engine, as ia most high-bypass-ratio engines, the fan is 
the dominant source of the internally generated noise. The fan noise propagates 
out both the engine inlet and the fan discharge duct, the compressor noise propa- 
gates out the engine Inlet, and the turbine noise propagates out the let exhaust noz- 
zle. 

There are two sources of externally generated noise In a turbofan engine. In 
figure VI-5 the mixing regions which produce the jet noise are shown. One is lo- 
cated downstream of the fan exhaust duct and the other at the nozzle exliaust. 

There is an important distinction between the internally generated and exter- 
nally generated noises. The internal noise can be suppressed in the engine pas- 
sages, whereas the external noise obviously can not. The most effective control of 
extemaUy generated noise is to keep the jet velocities as low as possible. Pig- 
ure Vl-6 shows how acoustic treatment might be applied to the engine passages for 
the reduction of internal noise. The fan noise is reduced by inlet and fan exhaust 
suppressors. The compressor noise is mostly absorbed in the core engine inlet, 
While the turbine noise is suppressed inside the core exhaust nozzle area. 

The relative magnitude of the different noise sources can vary from to 
engine, and even for a given engine they can vary with operating conditions. This 
is illustrated in the figures VI-7 and VI-8. All noise sources have to be lowered 
since overall sound pressure level is determined by the highest level source. Fig- 
ure VI-7 shows the perceived noise level for a Boeing 707 or DC-8 aircraft at take- 
off and landing approach. The Pratt & Whitney JT-3D engines for these aircraft 
have a bypass ratio of 1. 43. At takeoff the jet noise is greater than the engine Inlet 
noise and nearly as loud as the fan exhaust duct noise. Therefore, internal noise 
suppression would provide very Uttle noise reduction* At landing approach, how- 
ever, the jet noise is much less than the noise radiated from the engine inlet and 
fan exhaust duct, m this case, internal accustic suppression would result in sub- 
stantial reduction in perceived noise level. 

In figure Vt-8 the same type of plot is shown for the Quiet Engine. With a by- 
pass ratio of S. 5 to 1, the noise relation has changed considerably. For both take- 
off and approach the jet noise Is considerably below the noise radiated from both the 
inlet and the fan exhaust duct. This is due to the hlgh-bypasS feature, which ex- 
tracts significant propulsive energy from the main jet. TWs feature has been in- 
corporated in some of the newest engines now in production. Thus, internal floise 

suppression results In substantial perceived noise level reductions at both aparoacH 
and takeoff. 
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Jet noise . - There are two external noise sourees in a turbofan engine such as 
the Quiet Engine. These are shown schematically In figure VI-0, One source of 
external noise Is the turbulent mixing region produced when the fan jet mixes with 
ambient air, The other source of external noise Is the mixing region produced when 
the core Jet mixes with the fan Jet and ambient air. 

When two alrstreams at different velocities mix, considerable turbulence is 
generated and some of this turbulent energy Is radiated as Sound. As the difference 
In Velocity Increases, the Intensity of the turbulence Increases and, hence, the 
noise Increases. 

Figure VI-10 shows the relation of the sound power generated by Jet mixing to 
the Jet velocity. The data points shown were obtained from noise studies on Jet 
engines and on nozzles supplied with hot and cold air. These data points were 
in the velocity range Which Is typical of turbojet and turbofan engines. The slope of 
this line on the log plot Indicates that the noise Is proportional to the Jet velocity to 
the eighth power. Due to this strong dependence, a moderate reduction In Jet ve- 
locity will produce a considerable reduction In noise. For example, a reduction 
from 2000 feet per second, which is a typical Jet velocity for a turtojet at takeoff, 
to 1600 feet per Second, which is a typical Jet velocity for a low -byiass -ratio turbo- 
fan at takeoff, produces about a lO-dB. reduction In noise. Further reduction in the 
Jet velocity to that of the Quiet Engine would result iniurther reduction In the noise. 

The Quiet Engine operates with a core Jet velocity of about 1160 feet per second 
and a fan Jet velocity of about 900 feet per second. These Jet velocities are at - 
statls' conditions. The takeoff community noise measurement point is at 3. 5 nauti- 
cal miles from brake release. At this point the airplane Will have a forward veloc- 
ity of about 260 feet per second. Since the noise produced depends on the relative 
Jet velocity, the Jet noise will be determined by exhaust velocities which are about 
250 feet per second lower than those Shown. 

Data have been taken on Jet engines In this lower velocity range and are shown 
In figure VI-11. These data, shown as circular points In the lower velocity range, 
fall above the eighth-power curve. The reason that the data fail above the eighth- 
power curve Is that In this velocity range the rtolSe Is dominated by the Internal 
machinery noise. 

Recent work here at the Lewis fan noise facility has demtaistrated tliat. If the 
Jet noise Is extracted from the total noise, the Jet noise does follow the eighth-power 
curve. These points are the square points in this figure. They fall slightly below 
the curve but generally follow the eighth-power law. 

Figure VI-12 shows the Jet noise produced by a 360 000 -pauhd-gross -weight 
airplane having a thrust of 90 OOO pounds. The core Jet produces a noise indicated 
by the upper band. The fiolse produced by the fan Jet is indicated by the lower band. 


At this pressure ratio the 


The Quiet Engine will operate at a pressure ratio of 1,5, 

Jet noise will be about 90 or 96 PNdB. 

Fan noise , - One of the major noise problems of the high-bypass-ratio turbofan 
engine is internal noise associated with turbomaehlnery. For the purpose of dis- 
cussion we will consider the propulsion system for a 300 000-pound subsonic air- 
pl^e of the DC-8 or 707 class. A new airplane of this size would have a thrust- 
weight ratio of about 0. 3 and, hence, would require 90 000 pounds of thrust. If 

^ alrplattes, they will each have about 
22 000 pounds of thrust, which is the size of the Quiet Engine shown in figure Vl-3 

M engine of this type is normally found to produce most of its internal noise in the 
fan component and this is quite understandable for several reasons. First noise 
essentially is generated by the moving of air, and the fan has a higher airflow than 
any other en^e component, in fact six times higher in an engine of this type. In 
addition, the fan is the component most exposed to the observers view and, hehce, 
its noise has the easiest path to the observer. Also, the fan is physicaUy the 
largest component, and it has quite high velocities relative to the air. All this 
adds up to make the fan a potentially large generator of noise. 

The fan produces noise of three types: broadband, discrete tones, and multi- 
ple pure tones. Broadband noise is essentially the noise from turbulence Inihe air 

fen surfaces, it can be seen from figure Vl-lS 
hat the spectral plot of broadband noise shows essentially a straight line at a con- 
stant decibel level. Discrete tones are thpse at the frequency of rotor blade pas- 
sage md its harmonics, and they are influenced greatly by the flow conditions over 
the rotor blades and by impingement of rotor wakes on the stators. Multiple pure 
tones, shown on the figure as a small field of fine spikes at a low frequency, are 
mos^ pro^Iy ^aerated by shock patterns on the rotor blades caused by supersonic 
local relative Mach numbers. They can occur anywhere in the spectrum and at any 
level. Broadband noise is associated with any flow process and, hence, will always 
be present in the spectrum of a fen noise. The discrete tones or multiple pure tones 
my or may not be prominent in a particular spectrum, depending on the fen design 
and the opyatlng conditions. The extent to which they are present in the spectrum 
can affect the characteristics of the fan-generated noise greatly. On the typical 
spectrum shown in figure VI-13 the noise with the highest decibel level is the dls- 
wye tone and this tone would dominate the noise that the observer hears. This, In 
fact, is the whine that is so characteristic of the noise heard from current jet air- 
planes having turbofan engines. Somids dominated by multiple pure tones tend to 
have a raspy, buzzing quality to them. 

Before details of our fan research program and some of the results of the pro- 
gram are presented, mention must be made oPthe other Internal noises, those from 
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the cor6 engine and the fan turbina. Normally, these produce a level of noise which 
Is low enough that It Is insignificant In the total engine noise. However, lf.the fan 
component were quieted sufficiently either by design or by suppression treatment, 
the noise levels of the core engine and the turbine could possibly become dominant. 
Indeed this can happen, and for this reason the Quiet Engine has some acoustic 
suppression treatment in the turbine exhaust duct. 

The faciUty shown in figure VI-14 was built to acoustically evaluate a series of 
full-sise fans. Drive is by an electric motor of 37 000 horsepower through the 
shaft to the inlet of the fan-rotor. Far^fleld noise is measured by mlcroi*ones on 
poles, some of which are shown in the figure. A cutaway view of the ^ nacelle 
(fig. VI-15) shows such internal details as the drive shaft, rotor blading, stator 
blades, cowling, and exhaust nozzle. The basic aerodynamic design of the hm, such 
as its thrust and bypass ratio, is very closely determined by the performance re- 
quirements of the engine itself. The fan designer then would like to select an op- 
timum combination of tip Speed, pressure ratio, wei^t flow, and-mechanicsL 
arrangement to yield the lowest possible noise output. To do this he must know the 
relations between these various design parameters and the types and amounts of 
noise produced. These relations are not known at pyesent, but they should become 
evident as the result of a test program with a series of full-size fans of varying de- 
sign. These designs are shown in figure VI-16, where they are defined in terms of 
tip speed and pressure ratio. Tip speed is used because it is an important noise 
pa>mneter which indicates the expected level of relative Mach numbers on the 
blading. Thus, it affects the generation of all three types of noise. Fressure ratio 
is used in this figure simply as an Indicator of blade loading at a given speed, or 
how much tumii^ the blading has to do oh the air passing by it. These fan< are all 
about 72 Inches In tip diameter; they are all single-stage fans; and most of them 
were designed for about 22 000 pounds of thrust. A pressure ratio range of about 
1. d to 1. 6 is of interest for the CTOL airplane and most of the fan designs are con- 
centrated in this area. In the aerodynamic design of a fan a trade-off can be 
between tip speed and loading. Among other things, the designer must khoW how to 
balance these two parameters to yield the lowest possible noise output. This can be 
determined by systematically varying each parameter separately and stuping the 
noise generated. Testing a series of farts designed at the same tip speed, for exam- 
ple, will indicate hoW the blade loading affects the noise output. Similarly, tests on 
a series of fans designed at a particular pressure ratio will show how tip speed 
affects the noise generation. As a result of these tests, the Irtterreiatlotos ammig 
blade loading, rotor tip speed, and noise generation Should become (qpfparent. One 
fan, designed at low tip speed and low pressure ratio, represents the type of design 
which may be required for a high-bypass STOL engine, or for a VlOL engine. In 









designing these fans, generous advantage was taken of some of the prevtonaly known 
torques for reducing noise generation. For example, these fans were designed 
With a ^de spacing between the rotor and stator blade rows to allow the rotor blade 
wates to dissipate before hitting the stators, thus lowering the generation of dis- 
crete tones. in addition, in most of the fans the number of rotor and stator blades 
was chosen to minimize the propagation of discrete tones. 

thkt designed at llOO-feet-per-second tip speed and a pressure ratio 
of 1. 5, has already been tested, it was found that the maximum forward-projected 
fan nofae occurred about 40° off the fan inlet axis. Figure V1J7 presents a Spec 
trum of sound pressure level taken by a microphone at that location. This spec- 
trum was obtained With the fan operating at takeoff speed with the standard exhaust 
ntezle. The base level on the spectrum at "bout 75 to 80 dB is the broadband part 
of the overaU noise. The tall spike is the discrete tone which occurs at rotor blade 
passage frequency (in this case about 2700 Hz), and the two spikes at higher fre- 
quencies are its harmonics. Atabout 400 and 1500 hertz there are smaU contri- 
buti^ of multiple pure tones. Obviously, the loudest sound in this particular 
s^ctrum is the discrete tone and the observer below the airplane would hear the 
whine previously described. When the fan is run at the same speed but with the ex- 
^ nozzle area increased about 10 percent, thus increasing the level of relative 

spectrum (shown in fig. vi- 18 ) is considerably dif- 
ferent. It still has about the same broadband base level but now the discrete tone 
1^ droi^ considerably, as have its harmonics. The most striking dltterence be- 
een these two spectra is the presence now between 1000 and 1500 hertz of a band 
of very loud multiple pure tones. In this case the observer would hear the raspy 
sound of a noise dominated by multiple pure tones. The interesting feature of this 
wmparison is that the increasing presence of multiple pure tones is accompanied 
by a considerable lowering of the discrete tone which is in the high-annoyance fre- 
quency r^ge. The result is that the calculated perceived noise level of the fan is 
som^hat lowered. These two spectra were obtained at rotor inlet relative Mach 

n^bers of 0. 97 and 0. 99, respectively, which indicates a very sensitive relation 
of the multiple pure tones with Mach number. 


Gallons were made to estimate, on t e basis of the best available data, the 
fan machinery noise to be expected from turoofan engines of varying design. aU 
sized to provide a total of 90 000 pounds of thrust from four engines. Figure Vl-19 
presents the calCula* d perceived noise level of single-stage fans at takeoff oper- 
atloh as a function of the fan pressure ratio. The curve is shown as a band of sev- 
eral dB Width, Which reflects the uncertainty in the calculation. Data points for 
the fan Just discussed and for a half -scale model of one of the Quiet BnglnS fans are 
shown to verify the level of the curve. The Quiet fingine fart. Which operates at a 
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preactard ratio of 1.4 during takeoff, is shown to produce about 105 PNdB of noise, 
which Will nearly satisfy the current FAA regulations for new airplanes. An upper 
limit to the-pressura ratio that can be obtained from a Conservative single-stage 
fan is shown on the figure at around 1. 7 or 1. 8. This means that if a higgler pres- 
sure ratio is needed for some particular engine cycle a two-stage fan would be re- 
quired. Some thou^t has also been given to using a two-stage fan, even at lower 
pressure ratio, to decrease blade loading. For these two reasons, figure VI-20 
presents the same curve_as figure Vl-19, with the addition of an equivalent noise 
prediction curve for the two-stage fan. The level erf the tWo-stage-fan curve is sup- 
ported by data points from the JT3D engine and from a modified TF-39 engine. The 
two-stage fan is shown to typically produce about 7 or 8 PNdB more noise than the 
single-stage fan. This is the result of interaction effects caused by the additional 
blading. Some propulsion Schemes do require hi^ pressure ratio and, of coarse, 
must accept the noise penalty of the two-stage fan. m the lower pressure ratio 
range, however, the single-stage fan is clearly the better. It has been shown that 
the single-stage-fan engine by itself will nearly meet the FAA regulations; more- 
over, its noise can be lowered still further by acoustic suppression treatment, 
whi<di is the subject of the following section. 


Suppressors 

Large noise reductions can be achieved by the use of acoustic sui^ression in 
the internal passages of an engine. This discussion stresses the use and results of 
a typical suppression configuration in the Quiet Engine. 

The cutaway view in figure VI-6 reveals the acoustic liners of the Quiet Engine. 
The forward-radiated noise of the fan Is partially absorbed by the inlet suppressor 
consisting <rf the treated cowl and splitter rings. The long fan exhaust duct is 
treated on the inner and outer walls to provide suppression of the aft-radiated fan 
noise. The internal passage leading to the compressor is also lined. The acoustic 
lining in the core noszle will remove turbine noise. 

The mechanisms behind the operation of the acoustic liners can be shown by 
observing the ducts in a little more detail. A small section of the acouaUc liner is 
shown enlarged in figure VI -21. A perforated plate over a honeycomb backing cav- 
ity is further magnified in the inset. When the acoustic pressure is hi^ on the duct 
Side of the plate, a jet will be formed flowing into the back cavity. The jet will flow 
out of the orifice when the acoUstic pressure drops below ambient. The absorption 
of acoustic power is accomplished throuedi the turbulent dissipation of the kinetic 
energy of these Jets. The resonant properties of the liner can be adjusted to provide 


m«ta«m aj^lU power dissipation at a glva. Irs,„sno,, such as the Ireduenc, ol 
K^proi^ the greatest aruoyance. This Is done hjr ad^astment of the back 

latflty depth and the sheet thickness and porosity. Adjusting these parameters 

^ows us to obtain the proper wan acoustic Impedance to optimise the coupling be- 
tween the line)* and the duct. * 

(^er wall constructions could also be used. The face plate couM b« made of 
very fine wires or screens. The back cavity could be packed With a bulk absorber 
as fiber glass, la these constructions the main dissipation mechanism would 
be the viscous shearing effect in the very small passages of the material 

in the fan and compressor passages, common materials, such as aluminum, 
are sufficient for the absorber. In the core engine exhaust, moderately htgh- 
temperature materials must be used. 

A 6-foot-dlameter turbofaa similar to that of the Quiet Engine has been tested 
er ewis. Figure VI-22 shows the- inlet suppressor used with this fan> The 
su^ressor is made up of a lined outer coWl.and three splitter rings lined on both 

fkf uu ring has a lined length of about 3 feet. All liners are constructed 

of aluminum perforated plate bonded to an aluminum honeycomb backing. The brlet 
is shown With a bellmouth which is used for static testing only 

suppressor on the narrow-band noise 

si»rtrum at the position of maximum front-end noise. This occurs at 40° ot the 

mletaxis. The fan was operated at takeoff speed for this data. The upper curve 

represents the noise for the hard-cowl configuration. The lower is for the acous- 
°°^«“«tion. The liner absorbs noise over a very wide frequency 
substantial reductions between 400 and 10 000 hertz. The maximum 
^soijrtion is near the blade passage frequency. The harmonics of the discrete tone 

-- — 

1 ♦ perceived noise level reductions of 12 PNdB at ste- 

^ed takeoff conditions and 13 PNdB at approach. It Is felt that a l5-l»NdB re- 
uc ion could be realized with proper suppressor design and balance. This Is re- 
flected in figure VI-24. The predicted PNL versus fan pressure ratio is shown 
The upper curves represent the turbomachinery noise for one- and two-stage en- 

suppression. The lower curves indicate the results with the expected 
lo-PNdB reductions. 


Choking 

Aerodynamic choking la detlned an the acceleraUoo ot airflow to sonic relodty 
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by Inducing the flow area to a crttlcal value. The concept of choking for noise re- 
duction Is shown dlagrammatlcally In-flgure Vl-25. The noise being generated 
propagates to the left against the airflow until It reaches the choked- region, where 
the air velocity Is equal to the speed of sound. The sound waves begin to reflect 
but are believed to lose their phase Identity due to the Irregularity of the shock 
wave. This condition Is termed "hard" acoustic choking; that Is, none of the noise 
generated downstream can propagate upstream beyond the choked region. If this 
phenomenon Is going to be used In an aircraft engine inlet, it must be variable since 
the engine requires Varying airflows for its operation. Figure Vl-26 shows a variety 
of mechanisms that can.be used to accomplish this. The first type of mechanism 
indicates variable geometry vanes, some of these vanes may be translated, rotated, 
or expanded; the second type indicates that the cowl may be contracted; the third 
type includes variation of the cCnterbody by either expanding it or translating it. 

In figures Vl-27 and Vl-28 are typical results obtained by rotating the inlet guide 
vanes to cause choking. The outer curve In figure VI -2? shows the unchoked noise 
level at all azimuthal locations in a forward quadrant. The inner curve shows the 
corresponding choked noise level. Figure VI-28 shows spectra taken at the point of 
maximum sound pressure level (SPL), whldi was at the 30° azimuth from the com- 
pressor centerline. These measurements were made using a model compressor 
operating at high rotational speeds, hence, the high frequency noise. The upper 
curve Shows a typical unchoked spectrum. The maximum peak is that associated 
with the fundamental blade passing frequency. The lower curve shows the choked 
spectrum taken at the same azimuth. Not only have the fundamental frequency and 
its harmonics been drastically reduced, but the broadband level has been signifi- 
cantly reduced also. 

Since the choking concept is so promising acoustically, we will now AvamtHo the 
design requirements associated with using a choked mechanism in a production en- 
gine for commercial flight operations. Of particular concern is operational safety. 
Whatever medianism is chosen for choking must be fall -safe. » is most desirable to 
use a device that is mechanically simple. A certain amount of effort is being di- 
rected toward this goal. In addition, there are design considerations to minimize 
the effects of inlet pressure recovery, inlet distortion at the fan rotor, cowl drag, 
and wei^t. 
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CTOL Summary 

Based on-the preceding discussion Of the two types of noise (Jet and fan) and 
n^e Urcratt. we ean eetimate .he .Cl prieWoe Zm 

noise. Unsuppressed fan noise follows trends like those shown .n figure VI-29. A 

possible. Noise reduction can be achieved 
y I^sive linings or choked inlets. These techniques can give reduced machinery 
noise, as shown in the figure VI-29. The jet noise from the core and bypass 
stress follows the trend shown. Suppressed fan and jet noise sources are pretty 
well ^ced around a fan pressure ratio of 1. 6. the ratio for which we desirJd 
our <^et Engine. Noise is even lower at lower fan pressure ratios, but engine 
diameter Increases and drag losses rise. All levels in figure VI-29 are for 90 000 
imunds of thrust at 1000 feet altitude at full takeoff power. Th« levels that appear 
to be achievable are in the range of 90 to 98 PNdB. These values are about 10 PNdB 
below current EAA regulations for new CTOL aircraft. 


STOL AIRCRAFT 

traimportatlon system of the 1980»s will include not only CTOL alrcmft 
tot wm also probably include substantial numbers of STOL and VtOL aircraft 
An adv^t^ of short-takeoff-and-landlng (STOL) aircraft is that the airport can be 

therefore be lower than for 

^L aircraft Short-takeoff-and-landing field requirements result in consider- 

** conventional aircraft. And this 

ter f rt! The reason 

o the high thwst is that part of the propulsion is used to augment the lift. There 

^ several im augmentation schemes, and these may themselves be noise sources 

Two of these lift augmentation systems - the blown flap and the augmentor wihg - 
are examined. * 


Blown ^Flap Noise 

In considering the blown-flap geometry, the emphasis is on noise production 
when the flap is lowered into the engine exhaust. 

ti ^ ^ augmentation is shown in 

figure VI-30. It looks very similar to conventional aircraft, except that the flap is 
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raudh larger in comparlaon to the main wing section. This can be seen in the wing 
cross section at the lower rlgjit comer of the figure, 

Two important questions about bloWn-flap noise need to be answered: 

(1) Can the flow Interacting with the flap become a significant external noise 
source 9 

(2) Can the flap redirect internally generated fan noise ? 

In order to got some preliminary answers to these questions, noise measurements 
were made on the blown -flap model that was used in the 8TOL wind tunnel tests. 

In figure Vl-31 a cross section of the blown-flap model is shown. The mmUmum 
flap angle of 60®, to simulate approach, is shown. Noise measurements were also 
made for takeoff conditions with 30® flap deflection and for cruiso conditions with no 
flap deflection. 

This model is showij in figure VI -32. The model is roughly 1/10 scale based on 
a 100 OOO-pound-gross-weight aircraft. Only one 8 -Inch -diameter fan was used. A 
60® flap deflection corresponding to the approach condition is shown. Noise was 
measured in the plane perpendicular to the wing looking at the underside, and in the 
plane of the wing looking at the end. 

A typical noise spectrum produced by the model is shown in figure 1^-33. 

Sound pressure levels versus frequency are shown for no flap deflection. Of course, 
all the frequencies are hlg^i because of the small scale of the model As might be 
expected, when there is no flap interaction with the flow, the spectrum is typical 
of any fan. At the hi^er frequencies there are Internally generated fan noise spikes 
at blade passage frequency and its harmonics, along with some broadband fan noise. 
In the experiments no significant changes in fan noise strength or directivity Were 
found as the flap was lowered into the flaw. 

At lower frequencies there is some evidence of externally generated Jet noise. 
The sU^t bulging of the curve is associated with this jet noise. The change in this 
low-frequency hump which occurs when the flap is fully lowered into the exhaust 
flow is shown in figure Vl-34. While fan ttolse remained about the same, the lOW- 
frequency hump was substantially increased as the flap was lowered to the 60° 
approach condition. This increase is due to the fan flow interacting with the flap. 

The band indicates differences associated with different measurement angles. Re- 
sults for a 30® flap deflection at takeoff conditions fell between the 0® and 60® flap 
cases, as would be expected. 

If the model fan had been acoustically treated or designed With quieting features, 
the high-frequency fan noise woittd be lowered and the loWer -frequency fl^ inter- 
action noise could become the dominant source. 

The experimental interaction noise data were scaled to full scale, and perceived 
noise levels were calculated. Such scaling involves shifting the data to lower fre- 
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fluencies, so that some uncertainty results. However, scaling does allow the use of 
the model results to make estimates of how the interaction noise contributes to the 
total noise of the blown-flap propulsion system. 

First, consider the noise produced by the turbofans alone, as shown in fig- 
ure VT-3t). A 600 -foot distance is used here since the a'TOl, aircraft will operate 
very close to densely populated areas. The Jet noise becomes the dominate source 
above pressure ratios of about 1.4 

in figure Vl-36 a third band is added, which is the flap Interaction noise that 
was obtained by scaling the model results. It includes both the noise of the redi- 
rected jet and the noise produced in the process of redirecting it. The interaction 
noise becomes the dominant nols© source at a pressure ratio of about i. 3, whereas 
Jot noise alone dominated at 1.4. 

The two questions posed earlor have now been given at least preliminary an- 
swers. First, a significant interaction noise can be generated-ln the process of 

turning the engine exhaust flow. Secmid, no significant redirection of the internal 
engine noise was observed. 


Augmentor-WIng Noise 

Shown in figure VI-37 is a schematic of the augmehtor-wlng propulsion system. 
High-pressure air is ducted to the wing during takeoff and landing. This air ex- 
hausts through a slot In the wing and flows through an ejector made up of flaps on 

the wing trailing edge. TMs arrangement provides the high lift coefficients needed 
for short takeoff and landing. 

Since the pressure ratio across the wing Slot is high, about 2. 5, considerable 
noise could be generated when this air mixes With ambient air. v' yever, since 
most of the mixing occurs between the flaps, some beneficial b.ueldlng may help 
reduce this noise. To study this noise source, an augmentor-wing noise test fa- 
cility was built at Lewis. This facility is shown in figure VI-38. Pressuriaed air 
is fed to the wing through the pipe shown. The wing is a 6 -foot span of an approxi. 
mately 1/2 -scale wing for a 100 000-poufld-gross-weight alrplahe. The air flows 
out of the slot and flows between the two flaps. Noise measurements were made 
over a range of pressure ratios for several slot heights. 

Figure Vl-39 shows a typical directivity pattern of the noise produced by this 
wing. These data were taken with, a slot height of 0. 7 inch and a pressure ratio of 
2. The two-lobed pattern centered about the jet exhaust is typical of jet fiolse. Due 
to the angle of the flaps, the lower lobe Is almost directly below the Wing. During 
flyover, sound In this lobe is radiated straight downward toward the ground. Sound 
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from the other lobe travels farther before hitting the ground. Thus, even though the 
nolee power of the two lobes is nearlir equal, the noise represented by the lower 
lobe appears louder to an observer on the ground. 

Figure VI"40 shows the spectrum of the noise in this lowar lobe. The noise is 
broadband, which is typical of Jet noise. There are no spikes in the spectrum, as 
there were in the spectrums of machinery noise. These data were also taken with a 
slot heii^t of 0. 7 inch and a pressure ratio of 2. The location of the microphone 
relative to the wing Is shown in the schematic in the upper right comer of the figure. 
The spectrum peaks at about 3000 hertz. The frequency of this peak is predictable 
from the slot -height. Since the slot height is-small, about 1. S inches for the full- 
scale plane, the noise generated by the wing will be in the frequency range that the 
ear is most sensitive to. 

In order to study ways of reducing the noise produced by the wing, the flaps 
were lined with acoustic absorbing material, as shown in figure Vl-41. The ma- 
terial is similar to that used In the fan tests. It is made of a perforated sheet 
bonded to a honeycomb backing. The material was placed on the flaps as shown in 
the figure. 

The effect of this material on the noise spectrum is shown in figure VI -42. 

Data for the unlined flaps are shown as circular points, and the square points are 
the data obtained with the lined flaps. About an 8-dB reduction was obtained at 
5000 hertz. Even though this lining produced only 2 PNdE reduction in the overall 
noise, the test did indicate that the noise produced by the wing can be attenuated by 
lining the flap suifaces. 

The results of these tests were scaled to a 160 OO0-pound-gro8s-wei(dit air- 
plane and are shown in figure Vl-43. For a plane of this size, about 30 000 p <w ii ide 
of thrust would be obtained from the wing. The estimates indicate that a plane of 
this size would produce about 105 to 115 PNdB with no lining on the flap surfaces. 

If the flaps are lined, ttte noise may be reduced to about 100 to 110 PNdE. 

Conventional aircraft noise technology and experimental work has been applied 
to STOL aircraft noise prediction and has led to the prediction of engine inlet noise 
as the dominant noise source, as shown in figure VI-44. These predictions are 
scaled to the anticipated size of the augmentor-wing prototype aircraft, hi addition, 
the engines are assumed to be designed for low Jet exhaust velocities and, hence, 
low Jet noise. In order to obtain a high pressure ridio for small ducts in the wing, 
the unSuppresSed fan inlet noise is estimated to be in the range of 120 PNdE, as 
shown. This is for two or three stages of ccmipression. H larger ducting with 
lower pressure ratios could be tolerated, a distinct tioise advantage (about 10 PNdE) 
could be realized. This is Shown by the lower band for fan inlet noise at low 
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P suare ratios. This decrease in noise is associated with the use of a single- 

nl t suppressors. The inlet suppressor system is shown in figure VI-4B The 
suppressors shown in this figure are estimated to be capable of noTse reduction of 
the order of iO PNdB. If a wing slot pressure ratio of T4 weracl^^^^^^^ 
S"BNdB goal might be reached. If a higher wing slot pressure ratio is required a 
hoklng mechanism in the inlet is Indicated. A candidate choking mechanism is 
shown in figure Vl"46. This choking device is called a grid inlet it la marto t 

thooo,a«,B ore l„oe,oroI rows. Who. ohoW„* olUhero^oTo 

brought together to reduce the inlet area. This technique has been tested success 

and 12-inch^liameter model fans Choklne ” 

However r ‘‘'f the w’pNdB^fl 

However, the noise created at the wing slot will now dominate, and some method 

must be found to further reduce this level before 9B PNdB can be realised. 


STOL Summary 

The limited amount of blown-flap data available indicate that this auamentetinn 

tho mT,°‘ •»>' <“*• "ko™ «n .iopn«-i-~ . of 

I Oise. The amount of ampUflcatton la eatlmated at about S PNdB for the wlmt 
t^^rmiou at tatteoff. At a«.roaeh, th. amplifl«tlo. ta targer ^ 

targer nap Immerston In the Jet. Hmrever, the Jet veloeltlee are lower at anmLh 

e jet noise becomes a dominant source above a fan pressure ratio of about 1 3 

cous ic Msults on one model of an augmentor wing show rather high noise levels 

ablest.” « ^ further work in developing a wing configuration with accept- 
able acoustic and aerodynamic chaiacteristics. uionwunaccept- 

IZ augmentor wing and the blown flap it Is clear that considerable 

effort is required to produce systems with low noise output. 


VTOL Aircraft 

out trf propulsion system stand 

out. nrst, of course, the very reason for existence of the VTOL alrplatle is to 

a^low it to operate from population centers, which means that people wUl be very 
Clouu .0 ,h. rn^plmm during lu Ukeoff and lm.dh.g npu«dIo»u. dl^Sl, 
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these operations, the aircraft velocity wUl be quite low, and hence the relative jet 
velocity will be about equal to the absolute Jet velocity. This ImpUes an increase 
In Jet noise generation over the CTOL or STOt airplanes. Also, lift fans will be 
used to generate the low-pressure.-ratlo Jets for vertical thrust, and they will tend 
to be installed very compactly to permit good cruise performance. As a result, it 
will bo difficult to surround them with a generous amount of acoustic suppression. 
Fitmlly, an enormcus amount of thrust will bo installed on the VTOt airplane so 
that its thrust-to»gross-wolght ratio will exceed unity, and the added thrust will 
represent an increased source of noise. Those characteristics combine to make the 
VTOlj noise problem difficult. Because there is only a limited amount of data avail'* 
able on VTOL lifting systems, machinery noise data and Jet noise data have boon 
used to estimato the noise performance of Some VTOL propulsion syst a. 

In a similar format as was used for the CTOL and STOL systems, figure VI-47 
presents calculated perceived noise levels at 600 feet from the takeoff point of a 
VTOI. aircraft. The propulsion systems have been generaliaed so they can operate 
at different pressure ratios. The calculations assume a 100 000 -pound -gross • 
weight airplane having twelve 10 000 -pound-thrust units. The fan machinery noise 
of these 12 engines unsuppressed follows the trend shown. As discussed earlier. If 
space were available, this fan machinery noise could be suppressed by 18 PNdB. 
Acoustically there is no reason why such suppression would not be possible. How- 
ever, there may be a severe mechanical problem in Just fhiding suftlcient area to 
treat in the small engine nacelle. Because of this, the overall feasibility of 16- 
PNdB suppression is problematic at this point and needs further study. The Jet 
mixing noise of the VTOL lift fans will produce the trend shown, obviously falling 
off rapidly as the pressure ratio of the fans decreases. The overall implication of 
these curves is that VTOL lift fans must operate at a fairly low pressure ratio if 
they are to produce low noise levels. In addition, a serious effort must be made to 
introduce sufficient acoustic suppression into the housing around these lift fa n e to 
reduce the machinery noise. 


SUMMARY 

For conventional aircraft there is a potential for substantial further noise re- 
ductions below present FAA certificac'ou limits. Complete system Work is Underway 
wititin NASA in the Quiet Fngine Program. 

STOL aircraft require even lower noise levels. While at the same time adding 
another noise producer In the lift augmentation system. Both extfernally-blowh- 
flap and augmentor-wing concepts heed considerably more research effort In order 
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to doHne itecuratolr «ie snortty of ttlolr gouw and to dovlse ludso reduction 
schemes. TO achleye noise levels as lo» as «5 TNdB at 500 leet win ceoulre tech- 
no ogyb^ond that currently awulsble. Thl. technology, however, may weU be de- 

^^d 11 se^ attention is given the problem, as has been done in the case of 

CTOL aircraft. 

’<^OL aircraft using Uft fans have two noise problems: Installation of enpu^ 
acousttc treatment to suppress the fSn machinery noise is difficult in the typical 
Mmpac^stallation. Low -velocity Jet noise appears to follow the eighth-power law 

but in order to have a low-jet-nolse signature these lift fans WIU have to operate at ’ 
low pressure ratios. ^ 
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QUIET ENGINE 
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QUIET ENGINE: WITH SUPPRESSION 
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VII. LOW-COST ENGINES FOR AIRCRAFT 
Robert L Cummings and Harold Gold 

Gas turbine engines have now almost completely taken over the Held of large 
aircraft profiulsion. Their small size and weight also make them very attractive 
for light aircraft. A major obstacle, not technical but economic, is the very high 
cost of -Current g;as turbine engines which Substantially restricts their use. The 
approximate cost of several current general aviation engines are shown in the fol- 
lowii^ table: 

Turbocharged piston engines and prop 


Direct-drive 285-hp engine am onri 

Direct-drive 290-hp engine . . 
Geared 426-hp engine 

. . . . iff Artrt 

Turbine engines: 


Low pressure ratio 1025-lbf thrust turbojet 

Turboshaft 605 -shp engine . . . 

. - . . ^iu% 

Turbojet 2850-lbf thrust engine. . . 

Aa Kiici 

Panjet 200-lbf thrust engine 65 000 


It Should be kept in mind that the general aviation light plane must be suitable for a 
retail sales price of around $30 000 for a single -engine aircraft and $46 000 for a 
light twin -engine aircraft. The turbocharged piston engines are themselves (julte 
costiy. For the high flight speeds that we will consider, a 425-horsepower engine 
would be required, but the price of over $17 000 is already tod hli^i. The currently 
available turbojet, turboshaft, and fanjet engines are much too costly, with prices 
ranging trom $22 000 to over $65 000. 

Looking at these prices, we can now understand the competitive impact a 
really low-cost gas turbine engine with a 1000-pound static Sea level thrust having 
a total manufacturing price of $5000, or $5 per pound of thrust. Such an engine 
would provide important performance g^ns for light aircraft and also have a very 
important price advantage over either current piston engines or current Jet engines. 
In order to sell at 1/8 the price per pound of thrust of current jet engines, however, 
this engine would require really major design simplifications and manufacturing 
cost reduction. 
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This paper discusses the major results of a program which is concerned with 
such low-cost engines. This small Lewis program has had only limited assistance 
from contractors. U has been essentially exploratory, covering a number of pro- 
blem areas: The main areas covered in this paper are (1) engine cycle analysis and 
airplane performance studies relating to the cost -performance tradeoff question, 

(2) engine configurations which are being emphasized, (3) new compressor and tur- 
bine rotor construction methods and results from spin tests, (4) construction and 
test results on a low-cost annular combustor, (6) results on a new type of hydro - 
mechanical fuel control, (6) work on low-cost accessories, and (7) current plans for 
construction and test of complete turbojet and fanjet engines. 


ENGINE DESIGN 

To achieve low cost on a device as complex and critical as a gas turbine engine, 
we must be willing to give up some performance to limit the design temperature to a 
level low enough to obtain reliable machinery, requiring only low cost materials, and 
to limit the pressure ratio to reduce the tip speeds, the stress levels, and the num- 
ber of expensive stages. The decisions as to just how far to go with this approach 
are a matter of judgment involving a tradeoff of engine performance against its ini- 
tial cost. 

The performance tradeoffs on fuel consumption and thrust are shown in figures 
Vn-1 and vn-2, where we have the specific fuel consumption and specific thrust of 
turbojet and fanjet engines plotted against pressure ratio. These results are for a 
fl^ht speed of 450 mph at an altitude of 25 000 feet, which are being used aS a 
typical advanced general aviation aircraft design point and for a turbine inlet tem- 
perature of 1300® F . This choice of a low turbine temperature was made to promote 
economy and reliability in the design. 

Prom figure vn-1 we can see that choice of a low pressure ratio of 4. 0 does in- 
deed cause about a 25 percent higher fuel consumption than if 13. 0 were chosen. The 
pressure ratio of 4. 0 can be achieved with about half the number of stages required 
for a pressure ratio 12. 0, however, and this is the type of tradeoff we must make if 
we are to achieve low coLt. For the turbojet, it is our expectation that the main ap- 
plication would be for missile and drone engines. The design point for the turbojet 
has therefore been chosen, as shown on the figure, at the lowest pressure ratio tha t is 
consistent with moderate performance. 

The fanjet engine design point takes advantage of the added fan stage to operate 
at a higher overall pressure ratio. The fan stage also provides additional propulsive 
mass flow. Both of these factors Improve the engine performance. Note in fig- 
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ure vn-2 that thf fanjet design point uses a radderate bypass ratio of 2. 6 and a fan 
pressure ratio of 1. 3 and thereby achieves a. Significant performance improvement, 
compared to a simple turbojet. At the design point a specific fuel consumption-of * 

0. 90 pounds per hour per pound of thrust is achieved with only one additional stage. 
The fanjet engine, thus, has. moderately good fuel consumption and should be tiie 
most attractive for aircraft propulsion. 

Both the turbojet and the fanjet engines in figure Vn-2 have very useful specific 
thrust levels, in the range of from 4S to 55 pounds per pound per second of core en- 
gine airflow. Here the core engine airflow is considered as the relevant parameter, 
since the core engine contains the expensive components. This specific thrust level 
means that 1000 pounds static sea level thrust can oe obtained with either a turbojet 
or a fanjet engine with an Inlet diameter of less than 10 inches. The gas turbine en- 
gine is, thus, much smaller than the piston engine it would replace. A further factor, 
which should be noticed in figure VH-2, is the specific thrust advantage of the fSnjet. ’ 
tor the same thrust level, the fanjet has a sise advantage that would tend to offset 
the cost penalty due to the added complexity of the fan stage. 

With design points diosen, as shown, the performance obtained for both the 
turbojet and the turbofan is substantlaUy lower than most modern jet engines of the 
type described elsewhere in this publication. The critical question, however, is 
whether these performance levels are good enough to provide useful range and op- 
erating cost for a light aircraft. The performance figures for a light twin-engine 

airplane, which is designed to cruise at 450 miles per hour at an altitude of 25 000 
feet are as follows: 


Design cruise at 25 000 ft, mph 

Airplane characteristics: 

Twin engine gross weight, Ibm 

Fuel weight including 3/4 hr reserve, Ibm ... . 

Takeoff thrust, Ibf/englne 

Cruise thrust, Ibf/engine 

Takeoff wing loading at « 2. 5, Ibf/ft^ 
Approximate takeoff and landing speed, mph . . . 
Performance at cruise: 

Specific fuel consumption 

Takeoff distance, ft 

Useful range, mi 

Comparative fuel cost (reciprocating engine a 1. 0) 


450 

6000 

2000 

1050 

350 

40 

80 

0.90 

1050 

lOtO 

0.81 
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It has a typical fueUto-gross-waig^ht eatlo and fuel tsserve and a wing loading low 
enough to provide the low tftkeolf and landing speed of 80 miles per hour. For this 
airplane the two XOOO -pound takeoff thrustengines are capable of achieving a low 
takeoff distance of only 1050 feet. The very useful range of over 1000 miles is also 
obtained at an operating fuel cost level less than piston engines of equivalent thrust. 
These cost estimates, of course, take into account the lower cost of jet fuel com- 
pared with aviation gasoline. 

This airplane must be stressed to operate at flight speeds at least twice as 
great as current light airplanes and be capable of cabin pressurization. To achieve 
these qualities at reasonable cost, work will be necessary on the airplane frame as 
well aa^e engine. For the present, nowever, the discussion will be limited to the 
engine. 

During the course of this program, numerous turbojet and fanjet designs have 
been considered and compared. For application to light aircraft, the improved 
range and the lower noise levels of me fanjet caused major interest to be centered 
on this type engine. The Objective of the fanjet design study was to obtain the 
economy of its smaller size core engine without adding costs because of com- . 
plexity. 

A configuration being studied for the fan engine is shown in figure vn-3. This 
figure Shows a geared fanjet engine, which is not only a low noise, low tip speed 
fan but also a single-shaft, two-bearing design, for the core ei^ine. The lOOO- 
poum •thrust engine uses a 15-lnch-diameter fan, a 10 -inch -diameter, five-stage 
compressor, and a two-stage axial turbine. It also uses a 660-horsepower g^ 
box with a speed reduction ratio of 2 to 1. This gear box allows me turbine stages 
to operate at high speed and to share me work and, merefore, me diam- 

eter and me number of stages required. 

The design of this gear box has been studied by me AlUson Divisiott of Ceneral 
Motors under a NASA contract, and titeir results indicate.that a conservative^ 

650 -horsepower, coaxial gearing q^stem can be produced at a total Cost of approxi- 
mately $600. Using such a gear box avoids me complexity of coaxial 
its additional high DN bearing and seals. The sheet metal compressor and turbine 
shown in me figure will be described later. This geared fan engine configuration 
has a numbe^ of advantages. However, omer fan engine designs are adaptable to 
me low-cost fabrication teriiniques and are also still under consideration. 

In addition to general aviation appUcations, Lewis has been working in coopera- 
tion wim me U. S. Navy to determine me appUcablUty of the low-cost designs and 
fabrication techniques to engines for missiles and drones. Such expendable engines 
are referred to as ordnance engines. A typical current requirement for such an 
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engine is given in the following table and the resulting four-atage compressor en- 
gine design la shown in figure vn-4s 


Cruise thrust required, Ibf . . . 
sea level static thrust, Ibf . . . 

Engine weight limit, lb 

Engine diameter limit, in. . . , 
Specific fuel consumption .... 
Flight duration, min 


350 

650 

ido 

12 

<1.8 

15 


The requirement is for 350 pounds of thi-ust at the design point of Maeh 0. 8 at 
an altitude of 20 000 feet and a sea level thrust of 680 pounds. The weight limit 
is 100 pounds, the diameter limit is 12 inches, and the specific fuel consumption 
must be below 1. 8. Both windmill start under ram eonditlons (cruise) and Impinge- 
ment start at sea level are required. The design fUgJtt duration is only 16 minutes. 

The turbojet engine designed to meet these conditions uses a four-stage fAs t 
axial-flow compressor ar^d a single-stage Investment cast turbine. Figure VlI-4 
also shows the simple shaft and bearing design. The engine outside diameter is 
only llj inches, and It is estimated to wei^ less than 100 pounds and to have a 
specific fuel consumption of 1. 3. With these size and performance figures, it will 
provide overall range and payload much better than can be achieved by a rocket 
engine. It is also attractive in its promise for low production cost. 


FABRICATION DEVaOPMENT 

In petition to this engine design work, investigation has been made of techniques 
for the fabrication of low-cost axial-flow rotor stages. The main approaches being 
considered are (1) casting and (2) sheet metal stampings. The casting approach is 
already known in the industry and will not be further discussed in tills paper. It 
also appears that the stamping approach, using coined blade profUes, may have a 
better potential for low cost and reliability. This construction has therefore been 
emi*asized in a fabrication and test program; its main features are illustrated In 
figure VIl-5. Art axial-flow compressor is composed of two sheet-metal disks. 

With blades formed on tabs on the edge of the disks. A pair of such disks is placed 
together to give the solidity required for good transonic axial -compressor per- 
formance, and fitted into a pair of rings. The rings are slotted to receive the 
blades, or a filler material is used between the blades. A complete sheet-metal 
compressor rotor is shown In figure VIl-6. There a 10-lnch diameter sheet metal 
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compresE!or la installed in an end plate assembly as required for spin testir^g. A 
coining or cold forging process has been used to form the blades. This produces 
accurate reproducible contours with small leading- and trailing-edge radii, There 
is, consequently, no known aerodynamic performance penalty imposed by use of this 
type of construction. 

A number of these sheet-metal compressor rotors having slightly differing con- 
struction have been built and tested in a Lewis spin test rig. Strain measurement 
data, taken during spin testing of the slotted hub version of this compressor, are 
shown in figure VII-7 where the calculated strain at two points on the rotor is plot- 
ted against the rotational speed. Also, plotted in the figure are the measurements 
taken from strain gages attached to the rotor at the Same two points. The measured 
values correspond very well with the calculated ones and the measured strain 
is linear. The rotor has been tested to 25 percent above its design speed, indicating 
a good strength margin and safety factor at the operating speeds of our fanjet and 
turbojet engines. 

The sheet-metal Construction technique is also being evaluated for application 
to axial-flow turbine rotors. A model of this is Shown Irt figure VD-8. Here, the 
problem is somewhat more complicated because of the additional camber of the tur- 
bine blades, but stress calculations show the designs to be attractive witii respect 
to both centrifugal stress and thermal stress. As shown in the figure, the turbine 
rotor would consist of two sheet-metal plates formed with coined blades on their 
rim, fitted together and placed into rings in a manner similar to that of the com- 
pressor. A test rotor of the type shown is now being constructed. 

In addition to this sheet-metal approach, both cast and welded turbine designs 
are also being investigated. 

The fan requires an axial stage, as shown in figure VH-9 which is larger than 
the core engine and which has substantially longer blades. This stage is a lso the 
one which would be the most adversely affected by damage from foreign objects. 
Therefore, for this rotor we have Investigated the use of hollow, stamped sheet- 
metal blades Omt are removable. These blades are stamped from two pieces of 
stainless -steel sheet metal and are joined together by welding or brazing. They have 
a stamped or cast base to provide a low-cost, freely pivoting attachment to the hub. 
Because of their hollow construction, they have the advantage of a high resonant vi- 
bration frequency and low root stresses and can operate without requiring mtds pan 
vibration dampers. The hollow construction also favors a lightweight, low-cost 
rotor disk. These blades have been vibration tested to verify the high bending fre- 
quencies, and the complete rotor shown has been spin tested to a speed 40 percent 
above the fan rotor design speed. 
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A low-cost annular oombustor has been construeted-from perforated slieet 
metal (fig. vn-XO). This combustor uses a cooling airflow layer obtained from spe- 
cial orientation of the pattern of holes in commercial perforated sheet, along with a 
simple pattern of punched holes. It also uses a very simple air-atomisJlng fuel nos- 
zle. This combustor has been tested, and results on combustion efficiency over a 
range of fuel-air ratio are shown In figure VIMl, Good design point combustion 
efficiency was (ditained and Ignition and blowout characteristics were very satisfac- 
tory. In addition, the combustor exhibited a good temperature variation pattern 
factor of about 0, 20 and a design pressure drop of 6 percent at a relatively high 
design point-Mach number, 

Accessories are also very important to the overall cost and size of small Jet 
engines since they tend to be large and expensive. The most critical accessory is 
the engine speed and fuel control, which must provide capability for rapid thrust 
response without surging the compressor or exceeding the allowable turbine tem- 
perature. The control is, therefore, a key to the safety and reliability of the entire 
engine. It is, furthermore, critical to the cost and may add up to 20 percent of the 
cost of the engine. The fuel control has, therefore, been extensively investigated, 
using a hydromechanical control based on use of a zero gradient pump speed sensing 
technique. The principles on which the work is based are shown in figure vn-12 
wherein a parameter, consisting of fuel flow divided by speed and by the a mbien t 
pressure correction factor, is plotted as a function of the compressor pressure ra- 
tio. 

The values plotted iu figure VH-12 are for a current typical turbojet engine, 
and it will be noted timt the steady -state operating line, the surge temperature 
limit, and the combustion blowout limit can all be approximated by the linear rela- 
tion between the fuel-flow speed parameter and the pressure ratio. A control that 
schedules fuel flow, foUowing a linear relation wUl, therefore, approximately pro- 
vide the correct steady-state fuel flow to the engine over the complete range of ro- 
tational speed, altitude, and flight Mach number. Such a fuel-flow schedule can 
then be modulated by a speed error signal from a speed governor to control the 
speed of the engine. The engine may be kept below the surge line during an acceler- 
ation and avoid blowout during a deceleration by keeping the fuel-speed parameter 
between the limits shown, 

Plotted in figure Vll-i3 is a typical acceleration fuel -flow schedule of a current 
jet engine. Here the uncorrected quantity, fuel flow divided by pressure, is Used. 

The limiting fuel flow is, therefore, a function of three variables: speed, tempera- 
ture, and pressure. Prom the complexity of this limit schedule, it may be appre- 
ciated that the simple Unear limit of the hydromechanical fuel control should offer 
some important simplifications in construction. 


The techniques which were used to Incorporate these principles into a functional 
fuel control device are shown in figure VIl-14, As may be seen, a small speed 
sensing positive displacement gear pump is driven by the engine. The pressure dif- 
ference across hiis pump is kept at zero by a pressure regulating valve which by- 
passes flow from the main fuel pump. Since no pressure rise occurs across the 
small pump, its output flow rate is directly proportional to the engine speed. This 
flow quantity is then passed through a fixed=area orifice to generate a pressure sig- 
nal, which la directly proportional to the square of engine speed. The actual speed 
may then be compared with the pilot’s speed command setting to generate a speed 
error signal. The area of an orifice that bypasses the speed sensing pump is then 
controlled by the compressor inlet and discharge pressures. With this circuit the 
total fuel flow delivered to the engine at any speed and pressure is then a linear func- 
tion cf speed and pressure ratio as required for the fuel flow schedules previously 
discussed. This orifice area may also be modulated by the speed error signal to 
control or govern the engine speed. Thus, when the throttle is advanced, the con- 
trol provides additional fuel flow to increase the engine speed. During such speed 
transients, however, the changes in fuel flow are limited by the acceleration and 
deceleration Schedules previously discussed, In an actual control, the variable 
area orifice would be provided by spool valves. 

This simple hydraulic circuit provides all the required functions of the Jet en- 
gine control. The working parts required to construct such a control are shown 
in figure vn-15: In the figure are Shown the small gear pump which provides the 
speed signal, the fuel bypass valve which controls the zero pressure gradient, and 
die valve which adjusts the flow according to the speed error signal. In addition, 
there are two valves operated by compressor inlet and discharge pressures which 
provide the controlled area orifice for the fuel schedule. 

For comparison, briefly look at figure VII-16 which shows the parts required 
for the fuel and speed controller of a current turbojet engine. The zero gradient 
pump control has a substantially smaller number of working parts. It is also sim- 
pler for assembly and adjustment, and it is direct acting (1. e. , it does not require 
servo-actuators). 

This control has been extensively analyzed, and its operation has been simu- 
ulated on the analog computer. It has been built and has performed successfully in 
actual operation on a J85 engine. A typical operating sequence during a throttle 
burst from 50 to 95 percent is shotVn in figure VH-17. Here, the sequence is initi- 
ated by a sudden change in throttle position. The initial fuel flow increases as the 
governor calls for more fuel. Then there is a further increase following the surge 
limit schedule. This produces a smooth acceleration of the engine in a very short 
response time. Finally, the governor cuts back the fuel flow as the speed set pbiut 
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Is approached and the speed levels out at the set point With no overshoot or osclUa'- 
tlon. 

In addition to the work on the fuel control, a numbef of other accessory areas 
have been considered. They are 

(1) Electric starter generators 

(2) Hydraulic motor-pumps 

(3) Pan drive gearing design 

(4) Fan blockage thrust control 

(h) Engine mounts and accessory Installation 
The more lmi»rtanl results are summarised In the following paragraphs. 

The startup technique for the engine has been extensively considered. After 
evaluation of numerous iwsslblo startup techniques, It has been concluded tliat, 
since a generator and a battery will be needed for flight, the overall best economy 
will bo achieved by using those same components for engine cranking. Since the cost 
of starter -generator 8 rises very rapidly with power output, cranking must be achieved 
with tlie smallest unit ixjsslblc. This type of starter -generator has, therefore, been 
tested to verify Us capabilities In both modes of operation and to investigate possible 
meclianlcal simplifications tliat may permit cost reduction. The conclusion was 
reached that tlie 150-ampere starter -generator, operating at 24 volts, should be 
adequate to crank the 1000 -pound-thrust engine. 

The frontal area of accessories has proven to be a substantial penalty for the 8- 
to 10 -Inch -diameter engines here considered. The accessory power takeoff flhurtm g 
and gearing Is also expensive and Umits the allowable design configurations. A 
hydraulic drive system using positive displacement gear pumps and motors has, 
therefore, been designed and is currently being tested. This system would allow 
remote placement of accessories. 

A design study has also been undertaken on the fan drive speed gearing. The 
result of this study was favorable on both a technical and a cost basis. This fan 
drive system was shown In figure Vll-3 and previously discussed. The gearing sys- 
tem selected consisted of three parallel reduction gear shafts each having tWo 
meshes, giving an overall speed ratio range of 28 to 15. This gearing system has 
the advantage of a coaxial output shaft and of fitting a small Space. It has low 
gear tooth loads and bearing loads such that very good life can be obtained with 
small, low-cost bearings and gears. Both a low fabrication cost and a long life, 
tlierefore, appear possible for this design. 

The geared-fart engine requires that a means be Incorporated for reducing the 
fan torque at idle speeds to prevent excessively high turbine inlet temperatures. 


Such torque reductiort can be accompUahed by bloeking the fan flow duct. This tech" 
nlquo has the additional adwntage of reducing the engine thrust to a low level at a 
relatively high idle speed and could, therefore, provide rapid thrust response as 
well as other advantages. Preliminary tests have been performed on this system, 
and the necessary torque and flow reduction was c^tained without causing surge. 
Additional low -cost at eessorlos and auxiliaries which have boon dooignod and 
investigated include engine mounting struts and vibration dampers, an accessory 
drive gearbox, and lubrication and scavenge pumps. Those accessories are all being 
designed to fit wltliln Uie engine mounting pylon in order to preserve the low frontal 
urea of the basic fan Jot engine. 


CONCLUDING COMMENTS 

The foregoing has briefly summarized and described the major aspects of this f 

low-cost-onglne program. At this Ume, major results and conclusions cannot be I 

made because the program is at an intermediate point. 

For the future, it is planned to continue the fabrication development program on I 

sheet-metal axial stages and the control development and its application to the turbo- 
jet and the fanjet engines. Design work on the fanjet engine will continue and also die 
final design will be Completed on the Navy Ordnance engine, fabrication of proto- ^ 

type Ordnance engines wiU then begin. This engine will be built so as to simulate a ' 

producUon engine fully, and it wlU be tested at its full design Operating conditions. ' 

In connection with our overall Interest in low-cost aircraft engines, it is in- 
structive to examine the estimates that have been made on the production prices of 
the components erf this engine. These are Shown in table Vn-1 and are based on 

production rates of 2000 units per year where (he tooling writeoff costs may be ^ 

neglected. > 

It is not the purpose of this paper to discuss these prices completely. The total \ 

cost of Just over $3000 for the 660-pound-(hrust engine, clearly indicates, however, 
that we can expect to provide the advantages Of turbojet propulsion to missiles and | 

drones at a price that is competitive with any otiter form of propulsion. Similar price | 
estimates Were previously made for the lOOO-pound-thrust level turbojets, which Ihdi- i 

cated tliat manufacturing costs of about $5000 to $6000 should be attained for pro- , 

duction quantities of 2000 per year. The production Cost level (rf $6. 00 per pound of f 

thrust has, therefore, been indicated for both thrust levels. We are ndt cohCluding 
that $5. 00 per pound of thrust would be a final manufacturer’s selling price since j 

there are a number of indirect costs which would affect the selling fa*lCe. For eX- j 

ample, the costs for caUbrationruns, the writeoff of qualification expenses, sales, and ' 




TABLE VIM. - PRELIMINARY COST ESTIMATES 


OP NAVY Ordnance engine 


Item 

Cost 

dollars 

Axial compressor and stator 

630 

Turbine rotor and stator 

220 

Pront and rear bearing supports 

165 

Compressor housing assembly 

55 

Combustor and housing assembly 

165 

Compressor shaft 

40 

Puel manifold and nozsles 

55 

Bearings, springs, bolts, etc. 

50 

Puel control, pump, filter, etc. 

385 

Ignition system and igniters 

175 

Subtotal purchased parts 

1960 

Cost of assembly and inspection 

250 

Material handling burden 

200 

Manufacturer's general and administra- 


tive expense and profit 

JI§5 

Total cost assembled 

3165 


field engineering, and the distributor‘s markup. It is possible that these items could 
actually double the price at which the engines would be finally sold to the user. 

Prom the estimates made in the program, however, it is evident that gas tur- 
bine engines of the type here considered will be attractive and cost competitive for 
general aviation, for missiles and drones, for additional services uses (such as 
reconnalsance airplanes), and possibly for the smaller business category aircraft. 

If the obstacle of high cost can be eliminated, gas turbine engines will make major 
performance improvements available for these purposes. 
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Vni, SUPERSONIC EXHAUST NOZZLES 

Anderson, John S. Clark, 

Blake W. Corson, Jr.,* Leonard E. Stitt, and Fred A, W»lcox 

fh«f t *”*^“*^ dOfllgn of an exhaust system for a supersonic airplane li 

ha Its geometrical shape should change as fUght conditions are changed. The sonh 
area and e^anslon ratio must be variable, and It might also be required to reverse 

Te7dtd to radiation. The mechanisms that are 

needed to do this can be Complicated and heavy. Therefore, there Is a trade betwaai 
weight and pertormanee that depends on the J..- ’ 

Tte missions ton supetsonle alfcratt can be divided Into the tollowlng types: 

(2) Supersonic dash, such as the B-58, P-4, P-Ul, 8-1, P-I4, and P-18 
(Some of which are aircraft of the future) 

Tte supersonic dash Mrefatt tty long dlshlnees suhsohleaUy but are also able to so 
s^ers^e tor reMvely short distances. Eitoaust nosale eoneepts tte bot tils of 

first, and then some of tte supersonic dash problems are described 


SUPERSONIC CRUISE AIRCRAFT 

sensmwto^te *° *** "'"« indication of tte 

senmtlv^ of a mission to Its design. Some results of an analysis lor a suosrsonie 

enilee airplane are shown in figure vm-1. The airplane la assumed to have a hUte 

“ supersonic cruise airplane hue always been a fundamental 

f c*‘«ical for cotoffiqreial operations. Since •titles are 

fixed disttoces apart and since runways wlU never be more than 2 miles long rangi 
increments have to be Watched closely. For this mission, the cruise nozzte effi!^ 
NASA-Langley Research Center. 
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ciency affects range by 3^ percent and is quite important. In fact, a l^percent gain 
here is at least three times a» effective as a 1-percent gain in performance of any 
otlmr component of the propulsion system. On the right side of figure vni-1 it is 
presumed that this same airplane flys an all-subsonic mission at a cruise speed of 
Mach 0,0 for 3280 nautical miles. A 1-percent change in subsonic cruise thrust co- 
efficient affects range by about 2 percent, and the sensitivity to loiter thrust is the 
same as it was before. For these assumptions, then, it can be worth a lot of nosslo 
weight to keep performance high at all speeds. 

Some exhaust nozales which could be used on this airplane are shown in figure 
Vin-2. On the loft is a variable flap ejector, wlUch is the tyiie used on the J-93 en- 
gine, For a turbojet engine the sonic area Is varied by about 40 percent for after- 
burner operation, and some kind of iris mechanism is required. For flight at Mach 
numbers near 2. 7 the expansion ratio from the sonic area to the exit area is about 
3.6, but at subsonic speeds it must be decreased to a value near 1. Therefore, the 
divergent shroud is made up of several cverlapping flaps and seals so that It can be i 

closed down at subsonic speeds. The second nozale is like that used on the J-58 and 
TF-30 engines. At lUgh speeds its appearance is similar to that of the variable flap ! 

ejector and secondary flow is still used to cool the hot parts. For low-i^eed opera- I' 

tlon the divergent shroud also uses multiple flaps, but it does not close as far in r 

order to simplify the flap mechanism. Auxiliary inlets are then opened up In the i 

secondary flow passage at these low speeds to bring in additional air to help fill up | 

the exit area. The dashed lines indicate the position of the doors when the inlets are 
opened. The minimum diameter Inside the shroud is larger than it is on the variable Ij 

flap ejector so that this Inlet air can get through. The conical plug shown on the t 

right is a more recent idea than the divergent ejectors and It Mb not yet been used 
on a production engine. The sonic area could be varied either with an iris primary 
flap or by an axial translation of the fl^ relative to the plug. At high speeds the in- , 

ternal expansion occurs in the annular flow passage between the plug and the cylin- ; 

drlcal shroud. For low-speed operation, the exit area could be decreased by trans- 
lating the cylindrical shroud upstream. For subsonic flight, then, the shroud would * 

be completely retracted so that the primary flap is exposed to the external flow. 

This kind of nozzle is harder to cool than the divergent ejectors, but if that problem > 

can be solved, it has some advantages. For one thing. It would not as much f 

since the length of seal between the movable surfaces could be decreased from about 

300 feet to 30 feet. In addition, the mechanisms appear simpler and might be more 

durable. Some jet-noise tests also Indicate that it is inherently a little quieter than \ 

the other nozzles (ref. 1). 

t 
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Supersonic Cruise Performance 


Since the performance of a high-speed noaale is so important, small differences 
affect the optimization of its desipi. In its development, a lot of configurations must 
be tested but it is hard to measure the experimental performance with enough accu- 
racy. Fortunately, some methods otanalysis have been Improved so that they are 
becoming quite helpful. 

The ejector flow model is based on the Inviscid and viscid interaction between a 
high-energy stream (primary flow) and a low-energy stream (secondary flow) (fig. 
Vni-3). These two streams begin to interact at the primary nozzle Up. For the * 
ejector operating in the supersonic regime, the secondary flow is effectively -sealed 
off from ambient conditions. When this occurs, the ejector mass-flow characteris- 
tics become independent of the ambient static pressure. K is this ejector operating 
condition that is considered in the theoretical analysis. The flow regimes occurring 

within the ejector system can be categorized on the basis of the predominant flow 
mecl^sms. 

When the amount of secondary flow suppUed to the ejector is small, the primary 
flow plumes out and impinges on the shroud wall (bottom of fig. VIH-3). This causes 
M oblique shock to form which effectively -seals off- the secondary flow from am- 
bient conditions. The secondary flow is -dragged- through the obUque shock by its 
i^g with the higher velocity primary jet flow. If the Secondary flow is Increased 
the secondary pressure increases and this -pushes- the primary jet away from the 
shroud wall. The obUque shock can no longer be sustained at the shroud waU and 
thus the secondary flow accelerates and chokes within the shroud (top of fig. ^- 3 ). 

The aerodynamic phenomena that determine equilibrium conditions at -low- 
secondary ejector flows are the same as those that determine the base pressure be- 
tod a backward-facing step. For -zero- secondary flow, the mass flow entrained 
y he mixing process must be equal to the mass flow reversed by the pressure rise 
through the recompression zone (obUque shock). This condition is satisfied when the 
total pressure on the dividing streamUne in the mixing zone equals the recompres- 
sion static-pressure rise. Within this base flow concept, the flow which -leaks out- 
past the recompression zone is that amount of fluid which has a total pressure great- 
er than the pressure rise through the recompresslon zone. EqulUbrium conditions 
are thus established in the -low- ejector flow regime when the amount of secondary 
flow suppUed to the ejector is equal to the fluid which -leaks- past the recompres- 
slon zone associated with the obUque shock. 

For -high- ejector flows, the interaction between the two streams is such that 
the secondary flow accelerates to a critical condition somewhere downstream of the 
primary nozzle Up. The viscous interaction between the two streams occurs along 
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the interface (dashed Une in fig. VHl-3). The effect of mixing results (Ijin a trans- 
fer of energy (shear Work) from the primary jet flow to the secondary stream, and 
(2) in a modification of the pumping characteristics due to the displacement thick- 
ness of the mixing zone. 

In figure Vni-4, the two effects due to mixing are evaluated for an ejector with 
a large secondary shoulder diameter con^ared to the primary nozzle exit diameter, 
The invlscld solution (Solid curve) is obtained if mixing between the two streams is 
neglected. The primary flow field is determined by the method of characteristics, 
whereas the secondary flow is assumed to be one dimensional and reversible adia- 
batic. Two conditions were applied along the interface boundary; (1) the local static 
pressure must be equal for both strjeams at their boundary, and (2) continuity be- 
tween the streams must be preserved. ; he effects of mixing along the interface 
boundary have been evaluated by locally superimposing the mixing region on the 
established ifiviscid flow field solution (solid curve) at the critical secondary flow 
area. The assumption is that mixing takes place as though the interface were a 
constant pressure boundary (ref. 2). The results of such a mitring correction are 
represented by the upper dashed- line solution in figure VlUrJ. Inherent in this type 
of-mixing correction is the assumption that the displacement effects due to tniying 
have a negligible effect on pumping characteristics. When this kind of-Correction is 
used, the effects of mixing are viewed as an increase in the secondary corrected 
wei^t-fiow ratio over that given by the inviscid solution. Continuity is thus pre- 
served by increasing the initial secondary weight-flow ratio by the that was 

entrained as a result of mixing, and by assuming the two flow fields are not appre- 
ciably changed by mixing. 

In order to account for the chaise in shape of the primary jet boundary due to 
mixing, the mixing correction must be ^plied at each point along the interface 
boundary. The results of this type of mixing solution are Shown as the lower dashed 
line for low flow rates and dash-dot line for the high-flow-rate solution. For these 
solutions, continuity was appUed along the interface boundary by requiting that the 
sum of the inviscid weight-flow ratio plus the mixing component be the same as the 
secondary weight-floW ratio supplied to the ejector. This resulted in a much larger 
effect due to mixing than was originailv alculated. In general, these solutions 
agree quite well with the data indicated by the circular symbols. 

This analysis is particularly useful in trying to fiml the best sb^ of the diver- 
gent shroud. For the auxiliary inlet ejector the minimum diameter at the shoulder 
must be relatively large to accommodate the auxiliary air at off-design speeds. 

The position of this shoulder downstream of the primary exit must then be picked 
to ensure high nozzle performance. 

Figure VUI-6 shows calculations which help in making this choice. The nozzle 
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tost eoeOlctoitt 1. Shown as.a luscHon of the spacing ratio, which Is defined as the 
distance between the shoulder and the primary eMt divided by the primary exit diam- 
eter. With a relatively sharp contour at the shoulder, an abrupt loss In thrust oc- 
eurs ttJ he epwing is too low, as shown by the lower curve. It the shoulder is more 
^ «b”SfUvo to spacing; and higher performance resuUs, as 
indloated by the upper curve. In most designs the position of this shoulder Is fixed 
bm the flaps must be moved to vary the divergent shroud exit area, fhe shape of 
t^e flaps is ^er design varlabte. For the sharp-shoulder performance curve 
It was assu^ that the flaps hadnn Isentroplc contour. If the flaps were changed 
to n come shape, the dash-dot curve reeuUed, and It may be a better choice, gome 
data points are shown on the figure to Indicate that the theoreucal trends 

occur. The drcle IS for an Isentroplc contoured shroud, while the sguare Is for a 
conic fla^ configuration. 

These curves are shown for the auxiUary inlet ejector. A similar study has 

^ variable flap ejector and the results Show an even greater sensi- 
tivity to shroud geometry than is shown here. 

All-these curves are shown for a 2-percent corrected secondary flow ratio. 
However, these results may be sensitive to this flow rate. In figure vm-6, the 
s^ondary flow is varied. Theoretical results are shown for the geometry with a 
sha^ Shoulder and contoured flaps. The 2-percent flow curve is repeated from the 
prevl^ figure. However, for this pat;ticular figure, the ram drag of the secondary 
flow has been subtracted from the gross thrust. Curves for secondary flows of 4- 
and 8-^rcent are also shown. Although higher performance is reached at 4-percent 
correct^ weight-flow ratio, it re<ialres a study of the overaU design of the propul- 
sion sy^m to decide whether these higher flows should be used. The experimental 
data points again show good correlation with the theory. 

A summary of supersonic cruise nozzle performance is shown in figure VflI-t. 
The C^ss thrust coefflclent is shown for each of the three nozzles at 2-percent cor- 
r^t^ sewndary flow. The top of the bar is the theoretical mwdmum performance 
which could be obtained with an optimized design. The performance of the variable 
fl^ and the auklliary inlet ejectors were taken from curves similar to those of flg- 
ure ym-5. PreUminary calculation oh the plug nozzle indicate that its performance 
CO d be ^ h^h as that shown for the Valriable fia^ ejector. The auxiliary inlet 
ejector is less because of its requiremettt for a larger Secondary diameter. The 

best experimental results obtained to data are indicated by the dashed Unes and are 
quite close to theory. 
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Subsonic Cruise Performance 


The off-deslgn performahee of a nozzle is harder to analyze because of the in- 
teractions between the internal and external flows. ThereforSi we have to depend 
more on experimental data. The isolated nozzle model shown in figure Vfn-6 is 
used for wind tunnel tests at this Center. A il, 6-centimeter-diameter cylinder is 
supported by a strut, and high-pressure air is ducted to the test nozzle to simulate 
the engine exhaust. In the 8- by 6-Poot Supersonic Wind Tunnel, tests are made 
from Mach 0 to 2. However, the transonic performance of a nozzle is particularly 
hard to get because of tunnel wall interference. At transonic speeds the most im- 
portant airframe installation effects occur. These effects result because the exter- 
nal flow is distorted by the airframe, and it varies depending, on the engine location. 
So the transonic testing problem is made even more difficult since a big piece of the 
airframe must be tested along With the exhaust nozzle. As a r'^ult, the nozzle 
model ends up being a lot smaller than w.e Would like When working within the size 
limits of our present wind tunnels. One approach to this problem that would help is 
to have a coordinated flight and wind tunnel model program that uses the best fea- 
tures of each test technique. An effort like this iS in progress at the Lewis HeSearch 
Center using a modified P-106 as illustrated in figure Vm-8. A new engine nacelle 
has been added under each wing So that the nozzle sticks out behind the wing. This 
kind of engine installation has not been used before, but it has an important advan- 
tage since the wing can be used to shield the inlet from angle-of-attack effects. An 
afterburning j-85 turbojet engine was used in each pod. These pods were 60. 8 centi- 
meters in diameter and were designed to accept any of the nozzles which gave good 
results in the isolated tests. For each nozzle design the airplane is also flown at 
low altitudes for fly-by noise measurements. 

In parallel to the flight tests, a wind tunnel model program is being conducted 
la an effort to get more flexibility in the nacelle Shape and its location. Ah example 
is the 1/20-scale model F-106 shown in figure Vlll-8. it was small enough to avoid 
the transonic wall interference problems Imt the nacelle diameter was only about 
3. 18 centimeters, and the Wing stracture was so thin that we Could nOt get pressur- 
ized air to the nacelle to simulate Jet m'fects. Therefore, only the Siim>lest exhaiust 
nozzles could be tested with this model. 

Flights have been made with the F-106 at Mach 0.4 for noise fiy<^by measure- 
ments and at Mach numbers from 0. 6 to 1. 3 for exhaust nOZzle evaluation. Mach 
number 0.9 is used in the ensuing figures for discussion of subsonic cruise. The 
flight test program is described in references 3 to 9. 

The installation of the nacelles is shown in figure Vnl-9. The ndcelleS Were 
tangent to the wing lower surface at the trailing edge of the wing and they were at- 
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tachftd by two links. Axial forcss were measured by a load cell. A simple normal 
Shock, inlet was adequate for the Mach number range used. A movable rotating valve 
was located aUhe engine face to control flow of secondary air to the noSzle. 

With an exhaust nozzle located in the combined flow fields of the wing and na- 
celle, flow conditions dlffet from those around the model of figure VlH-8 that was 
used to evaluate isolated exhaust nozzles. These ftow field differences are first 
pointed out and then the effect of installing various nozzles in an underwing flow 
field is described. Plow field effects are reported in references 6 to 10. 

I nstalled flow fields . - The variation of static-pressure coefficient under the 
wing at a spanwise location near the nacelle location is presented in figure Vin-lO. 
Data are shown with and without the nacelle. Without the nacelle the value of pres- 
swe coefficient drops along the wing chord and then rises to zero at the wing trailing 
edge. When the nacelle is added4o the wing, the effect of the combined flow field is 
to raise the pressure in the region-of the inlet. The flow then overexpands around 
the Juncture of the Inlet and nacelle; the pressure coefficient drops to aJower value 
than with the clean wing and then It rises back to zero. High pressure near the inlet 
increases inlet drag. Some of this drag may be canceUed, however, by pressure 
forces acting on the surfaces of the nozzle if pressure coefficient downstream of the 
wing^ling edge reaches a value above zero. Some nozzles may be more effective 
ers in this drag cancellation. There is a compression shock^iresent in the 

pressu.re rise near the wing tralUng edge. The position of this shock varies with 
flight Mach number. 

The movement of the compression shock with flight Mach number is shown on 
yare VEl-ll. At Mach 0. 8 there is a small amount of overexpansion and a gradual 
rise in pressure coefficient back to zero near the wing traiUag edge and above zero 
on the boattail of the nozzle. At Mach 0. 9 there is more overexpansion, foUoWed by 
a Sharp rise in pressure. The compression shock is located in this steeply rising 
pressure region. At Mach 0.95 the shock has moved rearwaitl near the traiUng Le 
of the wing and at Mach 1 it has moved off the end of the noZzle. Pressure remains 
low along the entire length of the nacelle and nozZle. Low pressure on the nozzle 
boattail for this condition results in high nozzle drag. 

The external static-pressure coefficient was uniform along the isolated nozzle 
test model at a value of about zero for all Subsonic conditions. There Was no cir- 
cumferential variation in pressure around the isolated model. This was also the 
case in fUght about one nozzle diameter ahead of the boattail Juncture and at the rear 
of the boattail. In the region Just downstream of the wing trailing edge, however 
the external pressure was higher around the top of the rtozZle than at the bottom. * 

There were differences In external boundary layer measured upstr^m of the 
nozzle. In flight the boundary layer was generally thinner than on the isolated model. 
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except in the corners between the nacelle and wing and over the top of the wing. 

There were regions of low energy within the bovmdary layer all around the nacelle as 
a result of the more complex flow field and presence of shocks. The various exhaust 
nozzles shown in figure VIlI-2 have been tested in this flow field. Isolated nozzle 
tests were made prior to the flight tests. 

Variable flap ejector . - The variable flap ejector nozzle is shown in figure 
vni'12 in the subsonic cruise configuration. The nozzle flaps are closed down and 
provide a low internal area ratio (Ag/Ag s 1.40) and good internal performance at 
this flight speed (ref. 11>. The boattail drag can be a problem since the projected 
area of the boattail is 60 percent of the nacelle area and the boattail angle is 15°. 
Boattail drag depends on the static-pressure distribution, which is affected by the 
shape of the boattail. It would be desirable from a drag standpoint to radius the cor- 
ner between the cylindrical nacelle and the 15° boattail angle. Hcwever, it is im- 
practical to provide much of a radius at this external hinge point and still be able to 
maintain a cylindrical boattail sh^e at supersonic cruise when the trailing-edge 
flaps are fully open. 

Typical static-pressure distributions for both a sharp- and a rounded-corner 
boattail are shown infigure vm-ld at a Mach number of 0.90. The flow overexpands 
considerably downstream of a sharp corner (R/D = 0) and results in a high drag. 
Rounding the corner can reduce both the initial overexpansion and the drag, as dis- 
cussed in reference 12. The boattail static-pressure distribution can also be af- 
fected by the jet botsndary that is located at the trailing edge of the boattail. This 
jet boundary varies with noZzle pressure ratio and, therefore, jet effects must be 
duplicated when measuring the boattail drag (ref. 13). 

The isolated pressure drag of a 15° boattail is shown in figure VlII-14 at k Mach 
number of 0.60 as a function of nozzle pressure ratio, defined as the total pressure 
of the primary Jet divided by the ambient static pressure. The boattail pressure 
drag is ratioed to the ideal gross thrust of the primary flow. The highest drag was 
obtained with a sharp-cornered boattail (R/D = 0) and a thin boundary layer, typical 
of a nacelle installation. Vor the example shown, the boundary- layer thickness was 
7 percent of the nacelle diameter. At a nozzle pressure ratio of 3'. 76, typical for a 
turbojet engine at subsonic cruise, the pressure drag of this conical boattail was 
about 6 percent of the ideal gross thrust of the nozzle. At this flight speed the net 
thrust of the engine iS about one-half of the gross thrust. So that the boattail drag 
would be about 12 percent of the airplane drag. A thicker boundary layer, typical 
of a fuselage installation, reduces the drag of the sharp-cornered boattail to 5 per- 
cent of the ideal gross thrust, f'or this example the boundary- layer thickness was ' 
18 percent of the fuselage diameter. It is interesting that the effect of a thick bound- 
ary layer is to make a sharp corner appear rounded. It reduces the initial over- 
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expansion and raises the general level oi pressures over the boattail, as shown in 
reference 12. The effect of boundary- layer thichness on the pressure drag of a se- 
ries of boattalls over a range of Mach number is presented in referenced. 

vm boundary layer (fig. 

Vm-14) reduced the pressure drag to 4 percent of the ideal gross thrust. This ra- 
dius ratio, R/D 0. 6, appears to be a reasonable value for the type of flap and seal 
arrangement shown on the model in figure VlII-12. A more generous radius can re- 
duce the. pressure drag even more, as shown in figure VIIl-W. It is evident that the 
isototed boattail drag for a variable flap ejector nossle can be significant at subsonic 

cruise. How this external drag is modified when the nacelle is Installed on the F-lOd 
aircraft is now examined. 

Figure VIII-15 shows a variable flap ejector nozzle mounted on the P-106. 

P ight performance for this nozzle type is reported in reference 15. A section of the 

hirir T\T """ '"'“S' «« fabrication, the 

b(»ttail part of the nozzle was soUd rather than made of individual flaps and seals 

an he area ratio was fixed at the appropriate value for subsonic cruise. 

Installation effect on boattail drag is shown. in figure VIII- 16 for a sharp- 

Jrnictured ^/ariable flap ejector nozzle. The installation effect is to greatly reduce 

boattail drag at the higher subsonic speeds. Drag is about aero at Mach numbers 

fram 0.8 to 0. 9, where the compression shock is ahead of the nozzle. At Mach 0. 95 

Where the shock is near the nozzle, the drag goes negative. The drag rises sharply ’ 

when the compression shock moves off the end of the nozzle at higher speeds 

In me isolated case, rounding the boattail Juncture was effective in reducing 

fo ?\/^‘‘- 0 1 1 ^ing this in fUght is shown on figure VUI-lf. Data are shown 

/^ - an R/D = 2. 5 nozzles. Little decrease in drag below the already low 

hweTer obtained. There was some reduction in drag above Mach 1. 0, 

^ ^ Uary inlet ejector . - An auxiUary inlet ejector nozzle is shown in figure 
VlH-ia. At subsonic cruise the auxiUary inlet doors are open and external air en- 
ters the secondary shroud to prevent overexpanslon of the primary jet at low values 
of nozzle pressure ratio. Since this air fills part of the Shroud there is a reduced 
requirement for exit-area variation with the traiUng-edge flaps. If this boattail is 
cornered with the variable flap ejector (fig. VIU-12), we find that the projected area 
has been reduced from 60 percent to 45 percent of the nacelle area. For an equal 
traiUng-edge-flap length, the boattail angle can be reduced from 15° to 10° The in- 

ternal exp^sioyatio A^/Ag for the auxiUary inlet ejector at this fUght speed is 

about 2.0 (ref. 16), compared to a value of 1.4 for the variable flap ejector 

The Isolated performance of auxiUary inlet ejector nozzles is shOWn In figure 
Vm-19 at a Mach number of 0. 90. The gross thrust coefficient is used as a measure 
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of noaale pojfformance and is defined as thrust minus drag divided by the ideal groBS 
thrust of the primary flow. The optimum performance was obtained when the inlet 
doors were fixed open and the tralllng-edge flaps were held closed (ref. 16), as 
shown by tho upper curve. It would be desirable to minimize the actuation require- 
monts and the mechanical complexity of this nozzle type by allowing some of its com" 
ponents to bo positioned by the air loads. At a subsonic cruise pressure ratio of 
3.76 the nozzle perfr rmahce was reduced by 4 percent when the inlet doors were al- 
lowed to float and ended up being closed over half way (ref, 17). An additional loSs 
of 2^ percent in performance resulted when tho trailing-odgo flaps floated slightly 
open from tho closed position (ref. 18). At this flight speed, then, the use of float- 
ing components resulted in a nozzle that was operating well overexpanded at a low 
value of performance. 

The geometry of the floating doors and flaps would have to be carefully selected 
to avoid the problems of instability. There is a lot of energy in the primary flow. 

If the hinge locations and flap lengths are not picked with care, oscillations of the 
floating components might result. Several configurations with floating components 
have been tested in the wind tunnels at the Lewis Research Center. Some of these 
designs proved to be stable (refs. 11 and 18). Some examples of traillng-edge flap 
and auxiliary inlet door instability are discussed in reference 19. 

The auxiliary inlet ejector nozzle is shown installed on the F-106 in figure 
VllI-20. Results for this nozzle are reported in reference 20. This nozzle had 
16 auxiliary inlet doors which were either fixed in place or free floating. The top 
three opened into the trough bxdlt into the wing. The boattail part of this nozzle was 
again fixed at the subsonic cruise area ratio. 

Performance of the auxiliary inlet ejector nozzle isolated and in flight IS Shown 
in figure VIII-21. Nozzle gross thrust- coefficient and boattail drag ratioed to ideal 
thrust are presented as a function of door pos?'*^" .. The isolated gross thrust coef- 
ficient fell along the dashed curve and it continued to rise as the doors were opened. 
The flight thrust coefficient was somewhat higher and it also rose as the doors Were 
opened but it leveled off and was the same as isolated for full-open doors. The 
upper part of the figure shows that boattail drag was lower in flight. The lower 
boattail drag accounts for the higher nozzle gross thrust With the doors closed and 
part way open. The benefit of the lower drag was lost, however, when the ckrors 
were full open. 

As indicated in figure VIIl-21, the performance of floating doors in flight was 
nearly the upUttiutn. The doors floated to an average position somewhat over mid- 
open. In the isolated case, floating door performance was considerably lower. When 
the trailing flaps were allowed to float in addition, performance was even lower, in 
flight the trailing flaps probably would have floated to a lower-area- ratio position 
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than they did in isolated tests because boattail pressures were higher due to the 
presence of the shock. This would have resulted in a higher gross thrust coefficient. 

Positions of the floating inlet doors are shown in figure VHI-aa for flight at 
Mach 0.0. The trailing edges of the doors are viewed from the rear. The higher 
external pressure around the top of the nozale hold the doors open around the top 
and the outboard side. Those doors admitted air from the lowest energy regions of 
the flow field. The lower oxtornal pressure on the bottom and the Inboard side 
closed the remaining doors. In the case whore all the doors were fixed open, little 
air appeared to be entering the doors on the bottom. The performance shown on the 
previous fixture for this condition was about the same as for floating doors. Higher 
performance was not achieved with full-open doors because very little of the higher 
energy air around the bottom entered the nozzle. 

Plug. - The lOw-anglo Conical plug nozzle is shown in figure VIII-23 in the sub- 
sonlc cruise position. The outer shroud is retracted upstream for operation at this 
fUght speed. Both the primary flap and the plug surface are now exposed to the ex- 
ternal flow. This nozzle concept utiUzes secondary flow to cool some of the engine 
parts and the primary flap. This cooling air is discharged in the annulus betv^een 
the primary flap and the outer shroud. The major difference between the two con- 
figurations shown is in the sliape of the surfaces upstream of the primary throat. 

The cojifiituration on the left has a cyUndrlcal outer shroud and a conical primary 
flap, while the other has a boattailed outer shroud and a rounded primary flap shape 

It was .ehown earlier in this discussion that floating components of nozzles can 
e unstable. In the plug concepts shown, the plug is immersed in the high-energy 
primary stream and can be unstable If not supported properly (refs. 21 ahd 22) 

From a stability standpoint It would be desirable to support the plug from the outer 
shroud with struts. However these struts arc now immersed In the afterburner flow 
and present a difficult cooling problem. Support struts also act as flamehblders for 
unburned fuel in the afterburner. Another support concept of Interest is to cantilever 
the plug from the turbine frame with a sting through the center of the afterburher. 
Afterburner temperature profiles can be tailored to maintain cooler temperatures 
along the sting to minimize the cooUng requirements. However, the sting must be 
stiff enough to prevent oscillations of the plug. 

The isolated performance of these two plug configurations is Shown in figure 
Vni-24. Data are presented both at static conditions and at a Mach number of 0. 90 
At a subsonic cruise pressure ratio of 3. 75, there is a sizeable effect of ekternal 
flow on the performance of these two configurations. The loss of about 6 percent lii 
performance resulted from the combined drag on the primary flap and on the annular 
base where the secondary flow is discharged. Bounding the surfaces upstream of 
the primary throat did improve the performance, as e^qiected. A further discussion 


of tne isolated performance of a series of conical plug nozzles over a wide range of 
flight speeds is presented in references 23 to 27. 

The plug nozzle is shown installed on the aircraft in figure vni~26. This nozzle 
was uncooled and was operated with the primary throat in the fixed position shown 
with the engine in the nonafterburning mode. The installed performance of this noZ'> 
zle is compared to isolated data in figure vni"26. The effect of the movement of the 
compression shock can be seen on this figure. It is ahead of the nozzle at Mach 
numbers below 0.9. At Mach number 0.90 it is near the primary flap, and the 
highest nozzle gross thrust coefficient is obtained. The thrust coefficient drops 
sharply near Mach 1.0, where the compression shock moves off the end of the noz- 
zle and low external pressure is obtained - primarily on the plug surface. Flight 
performance data for this nozzle are presented in reference 20. 

Nozzle performance comparison . - Figure VflI-27 shows gross thrust coefficient 
both Isolated and in flight. The variable flap ejector was the poorest when Isolated 
because of its boattail drag, but the best when installed. The plug had very high per- 
formance when isolated and improved in flight, so that it was second best. Isolated 
performance of the auxiliary inlet ejector was good if the doors and flaps were actu- 
ated; but flight performance stayed about the same. 


Nozzle Cooling 

In the discussion so far, aerodynamic performance has been stressed. Nozzle 
cooUiig is another problem, particularly with the plug nozzle. Experimental Heat- 
transfer studies have been made at Lewis on both ejector-type nozzles and plug- type 
nozzles. A brief discussion of these experimental results is presented in the follow- 
ing paragraphs. 

Film cooling . - Figure VIII-28 shows some typical results from the ejector cool- 
ing study. A cylindrical ejector was tested on a J- 85 afterburning turbojet engine in 
an altitude facility. Ejector cooling was accomplished by film cooling and radiation. 
Film cooling is a means of insulating the ejector wall from the hot primary Jet with 
a layer of the cooler secondary air. Ejector wall temperatures are shown ds & func- 
tion of distance from the primary exit for a case with maximum afterburning (approx- 
imately 3100^ F) and high seconckiry flow rate. The predicted temperatures were 
obtained from a heat-balance calculation for the wall (ref. 28). The inauiutth g effect 
of the secondary stream was calculated by using a modified Hatch- Papell film- 
cooling correlation. Tlds correlation was empirically developed for a fiat plate, 
subsonic flow, and no pressure gradient. It was modified for annular flovir with varyr 


ing presauroa. The predicted temperaturea agree reaaonably well with the mea- 
aured valuea. 

A compariaon of the varloua calculated heating and cooUng meohaniama la ahown 
In figure vm-29. The upper part of the figure ahowa the parametera that heat the 
wall and the lower part ahowa the cooling terma aa a function of dlatance from the 
primary exit. Radiation from tho hot gaa to the waU la approximately uniform over 
the entire ejector, Tlio aecondary alratrearo film eoola the wall for about two-thirda 
of the ejector length. At thla point, the aecondary atream haa become hotter than 
the wall and, thereafter, adda heat to the wall. Radiation from the wall to the aur- 
roundlnga la the only cooling mechanlam over the last tblid of the nozzle. Similar 
results were obtained for other pressure ratios and secondary flow rates. Thus, 

the predlcUon techniques developed can bo used with confidence to design ojector- 
type nozzles. 

Figure vni-30 shows some typical results from the plug film-cooling study. A 
21. 6-centlmoter-dlametor model was tested In an altitude facility. Cooling air en- 
tered the plug through a sting mount. Three separate plug models were tested. The 
first had a fllm-cooUng slot at the 50-percent point (i. e. , halfway between the pri- 
mary throat and the end of the plug). The second had a slot at the 10-percent point 
and the third plug h'*d a Slot upstream of the nozzle throat at the -10-percent point 
Tests were made at primary temperatures to 640° F. A typical plug static-pressure 
distribution is shown for a high nozzle pressure ratio. Typically, the pressure dis- 
tributions downstream of the 50-percent Slot are about constant, while pressure 
gradients following the other two slots are first favorable and then adverse. 

in figure VlH-31, measured cooling efficiencies are compared With the Hatch- 
Papell film-cooling correlation. Cooling t^lciency is simply a ratio of primary re- 
covery temperature minus wall temperature to the primary recovery temperature 
minus the coolant inlet static temperature. When the wall temperature is equal to 
the coolant temperature, this ratio Is equal to 1.0; as the wall temperature In- 
creases, the ratio decreases. The Hatch-Papell parameter Includes about 10 differ- 
ent terms, including distance from slot exit and coolant flow rate (see ref. 26). The 
curve on the figure represents the correlation. The circular symbols on the figure, 
for the 60-percent slot, correlated well for aU pressure ratios, coolant flow rates, 
and appropriate secondary shroud positions. The triangular symbols, for the 10- 
pcrcent slot, generally fell above the correlation line. The "knee” In the data was 
found to correspond to the point where the pressure grafTent turns from favorable to 
adverse. The favorable pressure gradient retards mUang of the prlmkry and coolant 
streams, keeping the wall temperatuias low. The adverse pressure gradient accel- 
erates the mixing, causing a sharp increase in Wall temperature. For the -10- 
percent slot, similar results were obtained. AU the data of Interest fell on or above 


th6 correlation line, however. This means the measured wall tem|>erature8 were 
lower than would be predicted using the correlation, Therefore, the use of the cor- 
relation should result in the conservative prediction of plug wall temiieratures. 

Convectively cooled plug noazle . - Heat-transfer tests were also made on a 
convecUvely cooled plug nozzle system (ref. 29). The plug was strut supported for 
easy attachment to the J-86 engine (see fig. Vin-32). Cooling air was obtained from 
the compressor discharge ports of the engine. Cooling channels (shown in section 
A- A, fig. VlH-32) were formed along the sur&ice of the plug and struts by attaching 
nickel fins to the high-strength outer wall. Nickel was used because of its high ther- 
mal conductivity and the resulting high effective heat transfer from the outer wall to 
the coolant. A conical extension was attached to the 60-percent point on (he plug and 
was film cooled with the cooling air dischai^ing from the plug cooling channels. The 
nozzle during a high-temperature test in the altitude facility is shown in figure 
VIJl-33. The primary gas temperature was 2900° F - slightly less than mairinnim _ 
afterburning. The nozzle pressure ratio was about 3.0. The plug and struts were 
cooled with 3j percent of the primary airflow. 

The plug was designed for wall temperatures of 1740° F with this cooling flow 
rate, but the maximum temperature on tiie plug was Only 1800° F. The highest tem- 
perature on the extension was only 1300° F and the hottest temperature on the pri- 
mary was about 1700° F. The plug wall temperatures were lower than mpected be- 
cause of the gas tenperature profile that existed in the engine. A typical profile is 
shown on the bottom left in figure VtD-32. A radius ratio of zero is on the center- 
line, and a radius ratio of 1.0 is on the primary wall. This profile results from the 
particular afterburner fuel nozzle design for this engdne. Temperatures were found 
to be as much as 500° F. cooler at the plug surface than the gas tempera- 

ture. Since this profile eases the pk« coolit^ problem, it should be designed into 
any advanced phig nozzle system. 

The experimental heat-transfer tests are summarized as follows: 

(1) First, for ejector-type nozzles, the Hatch-F^ell film-cOoling correlation 
appears to yield a reasonable predictiort of wall temperature when combined with 
radiation terms. 

(2) Second, for the film-cooled plug, the Hatch-Fapell correlation resulted in a 
conservative prediction of plug wall temperatures. 

(3) Finalfy, it was demonstrated that an air-cooled plug could be cooled in an 
afterburning turbojet with a reasonable amount of compressor bleed air. 

Hie purpose of thes'^< expeflmehtal tests was to develop the prediction methods nec- 
essary to evaluate advanced systems. 

Supersonic cruise aircraft studies . - The next logical step is to use the predlc- . 
tion methods develcped and to mctrapolate the small-scale plug noZzle data to a full- 


size supersonic cruise engine. The following is a brief summary of two theoretical 
studies that are underway at the Lewis Research Center. In the first, engine fuel is 
used to regenerativsly cool the plug. In the second, compressor air is the coolant. 

In each case, a sting-supported plug was selected, to eUminate the struts that 
are immersed in the hottest region of the hot gas. The fuel-cooled nozzle appears 
feasible, from a heat-transfer standpoint, to cool the plug and sting support. There- 
fore, no engine cycle air would be required to cool the plug. Also, plug wall tem- 
peratures could be kept below 1000° F when using fuel cooling. 

^ The theoretical study using air cooling indicates that for max i m uir^ afterburning, 
2^ percent of the engine cycle air would be required to cool the plug below 1740° F. 
Also, the afterburner is presumed to be on during supersonic cruise, resulting In 
primary temperatures of about 1900° F. The plug Would not have a very long life at 
this temperature unless it were cooled. The calculations Show that 1/2 percent of 

the engine cycle air is needed to ensure reasonable plug temperatures during super- 
sonic Cruise. 


Summary 

The effect of nozzle type on the range of a supersonic cruise aircraft, if the 
cooling requirements are included along with the aerodynamic performance charac- 
teristics, is shown in figure vm-34. The airplane and the two missions illustrated 
are the same as those presented In figure Vm-1. The amdUary inlet ejector nozzle 
is used as a baseUne configuration and it provides 3930 nautical miles of range for a 
typical Mach 2. 70 mission. Both analytical calculations and experimental data ( «g , 
Vnl-7) have shown that the variable flap ejector has about 1/2-percent higher gross 
thrust during cruise and, therrfore, provides an additional 68 nautical miles of 
range. The plug nozzle is competitive with the variable flap ejector if the plug sur- 
face is cooled with the engine fuel at no loss in cycle ^ficiency. However, a plug 
cooled With compressor discharge air shows little gain in range over the b a selin e 
nozzle. The range of the air-cooled plug could be improved if an interstage bleed 
could be used as the source for the cooling flow. The plug nozzle has Some other 
features that make it an atiractive nozzle concept. As mentioned previously. It may 
be easier to seal, has less mechanical complexity, and may be inherently quieter. 
The range comparison shown does not account for any of these factors. 

The variable flap ejector and the plug nozzle also provide more range for an 
all-subsonic (Mach 0. 90) mission (fig. Vni-34). These two nozzle conc^ts had the 
highest installed performance at subsomc cruise, based on in-flight thrust measiife- 
ments using the F-106 aircraft (fig. Vnl-27). 
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SUPERSONIC DASH AIRCRAFT 


The exhaust systems for the second type of aircraft - the supersonic dash ntr - 
planes that cruise primarily at subsonic speeds - are examined briefly in this sec- 
tion. For this kind of mission, afterburning turbofan engines would be used rather 
than turbojets. Subsonic performance is most important, but it is acceptable to 
compromise supersonic performance if it helps to minimise the noaale weight. 

Some examples of these noazles are shown on figure Vni-36. On the left is a varia- 
ble convergent-divergent nozzle which is shown in the subsonic cruise position. The 
tufts sticking out of the top of the nozzle were used in flight tests to detect flow sepa- 
ration. In concept, it is siir liar to the variable flap ejector except that for use on a 
turbofan engine the secondar.,' airflow could be eliminated. In addition, the sonic 
area variation is larger. In fact, during full afterburning the sonic area could be 
twice as large as that shown. Some amount of internal ekpahsion is needed a gain for 
high-speed operation, but it would be less than that of the variable flap ejector. By 
constructing the boattail with overlapping flaps and seals and by using enough actua- 
tors, these variations could be provided. But to minimize the mechanical problems, 
these flaps should be short. Therefore, at subsonic cruise speeds, the boattail on 
this type of nozzle is even larger and has steeper angles than the variable flap ejec- 
tor. For the nozzle shown, the projected area is about 76 percent of the nacelle 
area and the maximum angle is 24°. Putting a plug in the nozzle, as Shown on the 
right, would decrease both the boattail area and angle. If the plug had adequate 
cooling, it could also be used to suppress infrared radiation from the hot engine 
parts. However, its structural weight would probably be higher than that of the 
other nozzle. 


Isolated Rerformatice 

The isolated performance of the two supersonic daSh configurations is shown in 
figure vni-36. For reference, the internal performance of an ideal convet^ent noz- 
zle without any external drag is presented. The dropoff in performance of this noz- 
zle with increasing pressure ratio is an indication of its underexpanSion losses. 

The plug nozzle has the same performance characteristics as the ideal convergent 
nozzle. The small decrease in performance with external flow resulted from the 
drag on the 9° circular-arc boattail. At a typical subsonic cruise pressure ratio of 
2. 8 for a turbofan engine, the plug nozzle provides a high gross thrust coefficient of 
better than 97 percent. At the same nozzle pressure ratio the variable convergent- 
divergent nozzle had a slightly lower performance, about 96 percent. The difference 
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in performance was due to the higher drag associated with the 24° boattail Some 
addittonal discussion of the isolated^erformance of plug and convergent-divergent 

noaaiea for appUcation to a supersonic dash aircraft are presented in references SO 
RJlQ 31 • 

tmr «hown for the variable convergent- divergent nossle (fig. 

m-35) is operating near the limit for maintaining attached flow. Typical pressure 
distributions for this 24 boattail shape are shown in figure VlIl-37. K the flow re- 
mains attached the distribution is as shown by the soUd curve. U the flow separates 
locally, a distribution as shown by the dashed curve results, with an Increase in 
oa tall drag. It is important, then, to define the separation characteristics of these 
high-angle ^attails and to determine their sensitivity to Reynolds number and to in- 
stellation effects. The Lewis Research Center has recently fUght tested a series of 

the^ high-angle boattalls and data are now available that show some of these effects 
on boattail drag. 


Nacelle Installation 

The convergent-divergent nozzles that were test flown are shown in figure 
Vni-38. These three nozzles all had the same projected boattail area and a 24® 
angle at the end of the nozzle. The two on top were the Same, except that the Case 1 
nozzle was moved downstream relative to the Case 2 nozzle by about one-half nozzle 

^meter. The boattail juncture for these two was fairly sharp. The Case 3 nozzle 
had a full circular-arc boattail. 

B^ttall drag divided by ideal primary thrust for these nozzles is shown in fig- 

rr ^ Reynolds numbe»-, Reynolds number was varied by flying 

e P-106 at different altitudes. Angle of attack was held constant at 6® by flying in 
coordlmted turns at the higher Reynolds number. The lowest Reynolds numbers 
were obtained by flying straight at an altitude of 45 000 feet. The highest Reynolds 
numbers were obtained by flying in 3-g turns at an altitude of 15 000 feet. Reynolds 
number was bwed on the length from the inlet cowl Up to the nozzle attachment point. 

vm correspond to the nozzle designations of figure 

vni-38. With the Case 1 nozzle at the lowest Reynolds number the boattail drag was 

° The drag was lowered con- 

s erably when this nozzle was moved forward, giving Case 2. This was a resutt of 
the more mvorabie flow field closer to the Wing. The Case 3 circular-arc contour , 
provided the lowest drag. 

Separation of the type described in figure Vm-37 was encountered with these 
nozzles. Separation was detected by pressure measurements and tufts. Areas of 
separation are shown on figure VIlI-39 by the shaded regions. Separation was en- 
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countered with all the nozzles except the circular arc at the highest Reynolds num- 
ber. As the Reynolds number was Increased, drag was reduced for all these nozzles 
because this reduced the tendency of the external flow to separate. 

Two frames from a motion picture of tufts for the Case 2 nozzle are shown In 
figure VIII-40. This motion picture was taken by a camera mounted low In the tall. 
The angle of view Is such that the tufts that appear to be on the top are actually on 
the upper Inboard side. The two frames show extreme positions taken by the Inboard 
tufts, which Were In a region of separated flow. Flow on the outboard side and over 
the top of the wing IS seen to be steady. 


Fuselage Installation 

n many fighter designs the engines are packed Into the fuselage as shown In 
figure Vni-4l. The nozzles become more burled, then, within the airframe. The 
Langley Research Center has been studying these problems and In one series of tests 
they made some parametric variations In the region of the nozzles (shown by the 
Solid lines). Some of the results of these tests are presented In references 32 to 36. 
A portion are repeated herein since exhaust nozzle Installation In the aft fuselage of 
twin-engine aircraft Is currently pertinent to the development of military aircraft. 

The results presented herein Were obtained with the twin- engine-fuselage 
afterbody-nozzle dynamometer shown in figure Vin-42, described In reference 37. 
Tie maximum diameter of nozzles was 10. 2 centimeters, which represented approx- 
imately a 1/12-scaIe model. The engine exhaust jets were simulated with com- 
pressed air, and were operated over a wide range of pressure ratio. The data pre- 
sented herein were analyzed at values of pressure ratio r^resentatlve of those for 
a turbofan engine. The circumferential line at the mid-body is a transverse cut 
closed with a flexible seal. The nonmetric forebody served as a support for the 
afterbody. All forces on the afterbody and nozzles were measured with two six- 
component balances arranged to yield a breakdown of the forces into nozzle thrust 
minus drag, and afterbody drag. These investigations were conducted in the 16-foot 
transonic tunnel at the Langley Research Center. This presentation deals with the 
effects of model configuration changes in the vicinity of the exhaust nozzles. 

Jet-exit axial location . - Results of a brief study of the effect of jet-exit 
location on afterbody drag, extracted from reference 38, are presented In figure 
Vni-43. The afterbody drag coefficient is based on nacelle maximum cross- 
sectional area, and drag variation with Mach number Is shown. 

The afterbodies were all the same length and were Shaped for minimum wave 
drag at Mach l.OOl, using the procedures of reference 39. The lower sketch Indi- 


Retaliation effect on noz zle performance . - To this point, Interest has been cen- 
tered on afterbody drag. Figure VHl-45, prepared from material In references 33 
and 40, is concerned with Installation effect on exhaust nozzle performance. The- 
performance coefficient used for making comparisons is A[(F - £) )/pj, the sum of 
nozzle gross thrust minus nozzle boattail drag, taken as a ratio to”ideal gross thrust. 
The drag term in this expression is drag on only the nozzle boattails indicated by the 
shaded regions in the sketches on the right. This figure shows increments in the 
coefficient using the nozzle static performance as the reference. Results are pre- 
sented for convergent and convergent-divergent nozzles. 

The lower sketch On the right represents a model in which the nozzles were in- 
stalled in an aerodynamically clean aft-fuselage, for Which the afterbody contours 
faired smoothly into those of the nozzle. With this installation at Subsonic speeds, 
good pressure recovery in the external flow exerted a thrust on the nozzle boattail. 
The vertically hatched bars show that in the clean installation, at Itoch 0. 8, the noz- 
zle performance exceeded the static value by 5 or 6 percent of the ideal gross thrust, 
for both types of exhaust nozzles. 

Another type of installation is represented in the upper dtetch, in which the 
afterbody incorporated extended fairings outboard of the nozzles and a fuselage ex- 
tension between the nozzles. The presence of these extensions tended to disturb the 
streamline flow over the nozzles, and to prevent good presstire recovery in the ex- 
ternal flow. The result was a severe drag on the nozzle boattail. The shaded bars 
on the lower side of the plot at the left show that for Mach 0. 8 the increased drag on 
the nozzles resulted in a large loss of performance. The difference in performance 
between these two installations of 10 or 12 percent of ideal gross thrust at high Sub- 
sonic speed represents ^proximately 20 percent difference in net thrust. The in- 
stallation effects are important. At Mach 1. 2, both types of nozzles suffered a 
small loss. These comparisons show that the nozzle operating environment has a 
critical influence on nozzle performance at high subsonic speeds, but relatively less 
effect at supersonic speeds. 

Afterbody b oattail angle . - Another factor to be considered in the design of ait 
e.'chaust nozzle installation^ namely the boattail angle of the afterbody just tqistream 
of the nozzle attachment, is treated in figure VnI-46. Again the basic configuration 
was the clean twin-engine afterbody with closely spaced convergent nozzles. The 
data present increments in the performance parameter as a function of afterbody 
boattail angle. 

At a Mach number of 0. 8, with the nozzle In the military poWer settmg, good 
pressure recovery in the external flow was reaUzed; the nozzle installed perfor- 
mance exceeded the Static performance in all cases, and improved with increasing 
boattail angle. 
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cates a configuration with the jet exits fit the downstream end of the fuselage^ for 
which the afterbody drag is shown by the circular points. From this downstream 
position the jet exits were moved forward on the fuselage by one»half body width as 
shown in the middle sketch, and then by one full body width as shown in the top 
sketch. For these latter two afterbodies to have the same area progression as that 
in the lower sketch, the cross-sectional area of cylindrical jets is included. While 
the direct thrust of the nozzles is excluded from these measurements, the results 
do Include the effects of jet interference on afterbody drag. 

At low stQ)ersonic speeds, the dashed curve shows calculated drag for an axl- 
symmetric afterbody having an area progression equal to that of the models, the 
values being the sum of wave drag and skin friction. The good agreement between 
the calculated drag and that measured on the afterbody with downstream exits im- 
proves confidence both in the theory (ref. 30) find in the e^qperimental techniques 
used. 

At all speeds-up to hfech 1. 3, the afterbody with jet exits at the extreme aft end 
shows the lowest values of drag. At subsonic speeds, jet interference on the ex- 
tended wedge interMrings increases the afterbody drag. At the higher speeds, 
however, the afterbodies with wedge-shaped extensions begin to show increasing 
benefit of favorable jet interference. 

Interfairing shape . - The effect of interffiiring shtq)e on the combined drag of 
the afterbody and nozzles is illustrated in figure VIlI-44. The sketch on the upper 
right is a rear view of the nozzle installation, and the Shaded area shows the region 
in which the interfairing shapes were modified. The Sketch on the upper left Shows 
the basic afterbody, which had closely spaced nozzles located in the downstream 
position. The dashed line in the sketch indicates the contour in the plane of sym- 
metry of the elUptical Interfairing shape. Other shapes were circular arc, blunt, 
and blunt extended. The blunt interffiiring had a flat base at the nozzle-fuSelagC 
juncture. The blunt-extended interffiiring terminated in a flat base approximately 
flush with the nozzle ekits. 

The results presented in the plots show relative drag as a function of Mach 
number, where the highest value of drag is given a value of unity. At suteionic 
speeds the afterbody with the elliptical intermiring Showed the least drag for opera- 
tion either at miUtary power or with maximum afterburner. There is tittle choice 
between the elliptical and circular-arc sD^es. The use of a flat base Was consis- 
tently detrimental at subsonic speeds. The data points at the i^per right show all 
the interfairing shapes to have {qiproxiiiiately the Sfime drag at low supersonic 
speeds, though the flat-base Interfairings did show slightly lower values in this 
speed range. 


The plot on-ihe right shows that at low supersonic speed, Mach 1.2, pressure 
recovery in the external flow is relatively poor, and that the nozzle performance is 
not significantly better than for static operation. In this speed range, afterbody 
boattail angle has little effect on the installed nozzle performance. 

lateral spacing . - The effect of nozzle lateral spacing on nozzle perfor<' 
mance and on afterbody drag is illustrated in figure VIlI-47. The sketch on the upper 
left represents the basic twin-engine afterbody With convergent nozzles. In the mid- 
dle sketch, which is a rear view of the nozzle Installation, the spacing ratio is de- 
fined as the ratio of the distance between the nozzle centerlines s to the nozzle di- 
ameter djj at the nozzle-fuselage Juncture. 

The left Side of figure Vin-47 shows the effect of lateral spacing on exhaust noz- 
zle performance. The small rate of Increase in performance with increased spacing 
at both Subsonic and low supersonic speeds indicates that the mutual interference 
drag of the nozzles decreases with increasing distance between the nozzles. The ef- 
fect of increased spacing on nozzle performance, then, is beneficial but small* 

The right side of this figure shows the effect of lateral spacing on the drag of the 
complete afterbody and nozzles. Values of relative drag are shown as a function of 
the spacing ratio. The afterbodies having spacing ratios of 1. 59 and 2. 31 had lower 
values of fineness ratio than the basic afterbody, which had a spacing ratio of 1. 32. 

At Mach 1.2 the basic data indicate a much more rapid increase in afterbody drag 
with Increasing lateral spacing than is shown here, because the drag was influenced 
by afterbody fineness ratio as well as by lateral spacing. The values of relative 
drag presented for Mach 1.2 were obtained by applying a correction for fineness 
ratio to the wave drag of the two afterbodies having the larger values of spacing 
ratio. The values presented on the plot for Mach 1.2 presumably show only the k- 
fect of lateral spacing on afterbody relative drag. The fineness ratio correction is 
based on information contained In reference 41, and is outUned in -reference 33. 

The drag tends to increase slightly as space between the nozzles increases at 
both subsonic and low supersonic speeds. The net result, then, is that lateral 
spacing of the exhaust nozzles appears not to be a critical factor in the aerodynamic 
design of an afterbody-nozzle installation. 

^1 interference. - The effect on exhaust nozzle performance of arfriing tail 
surfaces to the afterbody in the vicinity of the nozzle Installation is shown In figure 
VllI-48. The basic model was the aero^namicaily smooth twin-engine afterbody 
with convergent-divergent nozzles. The plot presents the variation with Mach num- 
ber of the change in nozzle performance which occurred when horizontal and vertical 
tail surfaces were added to the basic configuration. The direct drag of the tall sur- 
faces does not enter these measurements; the change in exhaust nozzle performance 
reflects only the change in nozzle drag caused by proximity of the tail surfaces. 
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Aa ahown in the lower curve in figure VlU-'^a, with the enginea operating at 
military power adding the tail aurfacea cauaed a loafl in noaale performance at aub" 
aonic apeeda, which at Mach 0.98 amounted to 4 percent of the ideal groaa thruat. 
The upper curve ahowa reaulta obtained with the noaale in the maximum afterburner 
aetting. At thia condition, adding the tail aurfacea to the afterbody had a email 
favorable effect on nozzle performance at all apeeda below Mach 1.3. 


Summary 

The Installation problems encountered in these tests are Summarized as follows: 
For underwing engine nacelles with high-angle boattalls, increasing Reynolds num- 
ber tends to d^rease the extent of flow separation and, therefore, decrease drag. 
For the F-106 nacelle installation a more forward location of the boattail tends to 
reduce drag. And a pure circular-arc, boattail had the least drag. For AngtH A p 
mounted in the fuselage, a disturbance to streamline flow near the nozzle boattail 
is detrimental. A shallow boattail-angle is required for supersonic speed but not for 
subsonic. The best performance is obtained with the nozzles downstream of the ter- 
minus of the airframe, and finally the -lateral spacing does not appear to be critical. 
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NOZZLE PERFORMANCE AT SUPERSONIC CRUISE 
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EFFECT OF NOZZLE TYPE ON RANGE 
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IX. SUPERSONfC CRUISE INLETS 

David N. Bowdltch, Robert E. Coltrin, Bobby W. Sanders, 

Norman E. Sorensen,* and Joseph F. Wasserbauer 

The design of a supersonic cruise inlet is dependent on its application. The best 
inlet for a mission incorporates an optimum combination of inlet 
such as total-pressure recovery, cotvl drag, bleed flow, and weight. To 
the best inlet, it is necessary to define the Sensitivity trf the aircraft range to each 
inlet characteristic. This sensitivity is shown in figure K-l for a Supersonic trans- 
port powered by afterburning turbojet engines and wit*, a nominaljtange of a little 
oven.3900 nautical miles. The Sensitivity is Shown as a range decrement, or de- 
crease in range, in nautical miles, for the indicated changes in each of the 
characteristics. Reducing the total-pressure recovery from 91 percent to 90 per- 
cent of the free-stream total pressure causes a 32-mile range decrement. Ricreas- 
ing the nacelle dr^ coefficient, based on the inlet capture area,' from 0. 09 to 0. 09 
reduces range 41 miles. This drag Increase corresponds to increasing the external 
cowl lip angle from 3° to 7**. Increasing bleed flow 1 percent of the capture 
flow decreases range 23 miles, while a 10-percent increase in weight decreases 
range 17 miles. Therefore, the supersonic transport Inlet tends to favor M gh re- 
covery, low drag, and low bleed at the expense of inlet weight, a less important 
characteristic. 

For supersonic cruise at Mach numbers greater «ian 2, one of ti»e inlet param- 
eters that affects these important inlet characteristics is the internal of 

the supersonic diffuser. This paper compares the performance of several 
to dhow how the amount of internal contraction affects their characteristics. Not 
only those inlet characteristics that can be measured in terms of range are consid- 
ered, but also inlet characteristics euch as a»i^ie-of-attaci tolerance which are 
more difficult to evaluate, hi addition, methods to improve ihe smbiUty of me in- 
ternal contractloo inlets and some tyidcal distortions that have been measured dur- 
ing wind tunnel testing are discussed. 
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EFFECT OF AMOUNT OF INTERNAL CONTRACTION ON 
INLET CHARACTERISTICS 

Performance Characteristics 

To show the effect of internal contraction, the performance of the inlets shown 
in figures K-2 and OC-3 is discussed. (Some of thelse inlets (as well as others) 
were designed by using a computer program which incorporates the method of 
characteristics, as described in refs. 1 to 8. ) The cowl lip diameters of the inlets 
shown in those figures range from 14 inches for the all -external-compression inlet 
to about 18 inches for the three inlets with internal contraction. All die inlets are 
axisymmetric; however, some results of the comparison also apply to two- 
dimensional Inlets. The designations such as 100-0 and 60-40 indicate the amount 
oLsupersonlc flow area contraction that occurs upstream and downstream of the 
cowl Up. Therefore, die 100-0 inlet has all its supersonic flow area contraction 
ahead of the cowl Ur while die 20-80 inlet has only 20 percent of the flow area con- 
traction occurring ahead of the cowl Up, with 80 percent of the contraction occurr- 
ing intemaUy. 

The job of the supersonic inlet is to diffuse the high Mach number, free-stream 
air to a near-sonic value at the diroat, where a normal shock can efficiently trans- 
fer the flow from low supersonic to high supersonic speeds. Downstream of the 
throat, the flow is further diffused to the low MaCh number required by the ougtna 
at cruise. AU the Supersonic dlffuSlCtt must be aecompUshed by turning the flow. 
Therefore, for the aU-external-compression inlet, or 100-0 inlet, all the flow tam- 
ing must be away from the Inlet axis, leaving the flow at a high angle at the cowl Up. 
A high cowl Up angle of 22° 16 required to capture aU the flow and turn It back to- 
ward the engine. This high cowl angle produces hi gh drag (ref. 4). 

Widi 40 percent of the supersonic area contraction downstream Of the cowl Up, 
as in the 60-40 inlet, it is possible to reduce the internal cowl as^le from 22° to 5°, 
thus reducing the cowl drag. This cowl angle produces a moderately strong <mUqUe 
shock in turning the flow bade toward the engine, but total-pressure recovery is 
Still high. 

If the internal contraction lo further increased to 60 or 80 percent, by using the 
40-60 inlet (refs. 6 and 6) or the 20-80 inlet, a 0° internal cowl tUigle wiU produce 

a weak, highly dtticient, internal tmUque shock eastern and WIU provide a low -drag 
cowl. 

During transonic acceleration, the required engine flow 4s twice the flow re- 
quired at supersonic Cruise. Therefore, the inlet throat area must be doubled dur- 


mg this ascelstatlon. For tbs mists with 60-percent internal contraction or less* the 
centerbodjr must be collapsed to double the throat area, as indicated by the dashed 
Unes in figure Dc-8. However, by using 80-percent internal contraction, the center- 
body ean be made small enough, so that when it is translated forward, the annular 
area between the centerbody and the cowl Up wlU provide the transonic engine flow. 
This provides a mechanicaUy simpler centerbody with a potential weight advantage. 

Another effect of increasing tlie Internal contraction from 40 percent to 80 per- 
cent is that the length of the internal supersonic diffuser increases. As wlU be 
seen later, this affects the inlet operating characteristics, 

The performance of these inlets is compared In figure DC-4. This figure pre- 
sents the total-pressure recovery as a funcUon of the diffuser mass-flow ratio. The 
diffuser mass-flow ratio mdudes both bypass and engine flows. A value of 1.0 cor- 
responds to the inlet capture mass flow, and the difference between any curve and 
1. 0 is the boundary -layer bleed flow. Inlet operation with the terminal shock at a 
downstream supercritical position corresponds to the vertical low -recovery portion 
of each curve. As the terminal shock Is moved upstream into the throat region, 
where the boundary -layer bleed is located, both the total-pressure recovery and the 
bleed flow increase. It the terminal shock is moved too far into the supersonic 
diffuser, it becomes unstable and will pop out m front of the cowl Up, drasticaUy 
reducing pressure recovery. This transient is called inlet unstart. Therefore, the 
left limit of each curve for Inlets with Internal contraction corresponds to the un- 
start Umlt. The aU-external -compression inlet has no unstart, but encounters an 
mlet mstablUty caUed buzs that determines the low mass-flow limit of its curve. 

It is difficult to obtain an eJcact comparison of inlets because their performance 
can change with dltierent bleed systems (ref. 1 ), However, the bleed system for 
each inlet presented herem provided reasonable flow distortion at the engine face 
and reasonable gust tolerance. From figure DC -4 it can be seen that, in general, 
as internal contraction is increased from die all -external-compression 100-0 to die 
20-80, bleed flow increases and maximum total -pressure recovery increases. To 
obtain a better comparison of the inlet performance, a comparison was made for 
the Inlets operating at the conditions indicated by the slash marks on the curves. 

These conditions were chosen as far from the unstart or buzz Umlt as possible 
without sacrificing a significant amount of aircraft range. This comparison is shown 
in figure Dc-5. . , 

The range decrement in nautical miles is based on the sensitivity values pre- 
sented In figure DC-1 for a supersonic transport, and the differences ih coWl drag, 
boundary -layer bleed, and pressure recovery obtained for each inlet. The 40-80 
inlet obtained the longest range and is used as a reference. The 60-40 inlet had a 
higher cowl Up angle, and the resulting drag reduced the range 53 miles. The other 
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Significant rang© loss of C3 miles is due to reduced total-pressure recovery. The 
total range decrement is 126 miles. The high cowl drag .>f the all -©eternal- 
compression inlet produces such a large range penalty that this inlet is not even 
competitive. The highest internal contraction inlet, the 20-80, has slightly less 
total -pressure recovery and slightly more bleed flow, for a penalty of 63 miles. 
However, the reduced range tends to be offset by its simpler translating centerbody 
and its design Mach number of 2. 66, which is slightly higher than the 2. 6 value lor 
the 40-60 inlet. Therefore, the general trend is that the inlets With higher internal 
contraction have lower range decrements. A range comparison clearly favors in- 
lets with high internal contraction. 


Unstart Characteristics 

As shown in figure DC -4, all these mixed-compression inlets which aflord effi- 
cient diffusion and minimum cowl drag also have an undesirable transient charac- 
terisUc known as Inlet unstart. This Unstart causes a sharp reduction In mass flow 
and pressure recovery and a large increase In drag. An unstart can result from an 
Internal disturbance such as a reduction in the engine airflow requirement or from 
an external disturbance such as a gust. 

An inlet unstart for the model installation shown in figure IX -6 was recorded On 
high-speed schlleren film. Selected frames from this film of an unstart that was 
caused by an internal airflow disturbance are presented in figure DC -7. Por 
unstart, the 40-60 inlet that vas installed with a wing simulator was terminated by 
a coldpipe and choked plug. The part of the installation that was visible in the 
schlieren for started inlet operation is outlined by the upper rectangle in fig- 
ure DC -6. Sketches of the maximum upstream unstarted shock pattern and the utt- 
started stable shock pattern are also shown. Time in seconds after inlet unstart 
for the various motion-picture frames is Usted on figure DC -7. Frames up to 
0. 01637 second after unstart show the initial expulsion of die inlet Shock system. 
Figure IX -7(f) shows the maximum upstream position to which the Shodc ^stem iS 
expelled. The oblique shock wave from a boundary -layer separation on die center- 
body oscillates at a frequency of about 130 hertz. Frames which show the 
downstream -to -upstream movement of the oblique shock for one-half of a cycle of 
this oscillation are presented in figures DC -7(g) to (i). This inlet also has a large 
instabiUty, or buzS, which has a frequency of about l2 hertz for the cold^pe ter- 
mination. The buzz frequency for this Inlet terminated by an engine Is somewhat 
higher, about 22 hertz. The boundary -layer separation moves upstream to the 
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apike ttp for the forward extent of the inlet buzz cycle. 

The performance during an inlet unatart for a ffee-atream Alach number of 2, SO 
ia preaented in figure 0C-8. Variation of die total -preaaure recovery meaaured at 
the compreaaor face aa a function of time after unatart ia preaented, A 40-60 inlet 
unatart from an Internal diaturbance la llluatwted by the daahed trace. The total- 
preaaure recovery dropa rather rapidly, from a atarted level of about 94 percent to 
a minimum level of about 2B percent. Prom thla minimum level die 40-60 inlet la 
unatable. A apike and overboard bypaaa door movement are required to atabilize 
thia inlet at an unatart preaaure recovery of 48 percent. The 60-40 inlet unatart 
from an internal diaturbance haa the aame initial trend aa the 40-60 inlet unatart, 
and dropa to a minimum recovery of about 16 percent. The 60-40 inlet, however, 
recovera radier rapidly to a high recovery and la automatically atable at an un- 
atarted atable recovery of 16 percent. Depending on the cauae of unatart, the dj.*op 
in total-preasure recovery immediately after inlet unatart can be quite different. 

Thla ia ahown by the trace for the 80-40 unatart from an external diaturbance, 4ich 
dropa to a minimum level of only 68 percent recovery, and is automatically stable 
at 75 percent recovery. 

A large drop in pressure recovery immediately after unstart may cause the 
engine to stall and flame out. These data are presented in the paper on effects of 
engine inlet disturbances. However, If die unstarted inlet has been stabilized, and 
If die engine is running, a propulsion system widi die 60-40 inlet loses about 60 per- 
cent of its started thrust. This propuli^on system with the 40-60 Inlet loses all Its 
thrust and ends up with a drag component. No unstart data are available for the 

20-80 inlet. However, this inlet would have a performtuice penalty at least eaual to 
that of the 40-60. 

WhUe the larger internal area contraction inlets have better range characteris- 
tics, they also have a larger unstarted performance penalty. Since a typical super- 
sonic cruise aircraft would incorporate multiple propulsion systems, unsymmetri- 
cal forces during a single inlet unstart can cause aircraft control problems the 
inlet haa been restarted. 


Angle-of-Attack and jVlach Number Tolerance :haracteristfcs 

One possible Solution to the unstart problem of Internal contraction inlets is to 
design the inlet to accept disturbances without onstartii«. First, consider the ex- 
ternal disturbances. These disturbances are the result of aircraft maneuvers dfid 
atmospheric gusts. The aircraft maneuver is generally slow enough dtat die ihletis 
control system can anticipate and compensate for it. Hut gusts are a sudden occur - 
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ranee and the inlet contrels may not be rapid enough to prevent the Inlet unstart. 
Therefore, with its geometry fixed, the inlet must have adequate tolerance to with- 
stand the sudden gusts, Gusts can approach from all directions and affect the angle 
of attack or yaw and the free -stream Mach number ahead of the Inlet (fig, 0t-9). in- 
creasing free -stream Mach number has little effect on iidet performance. But when 
the free -stream Mach number is decreased, the Mach numbers are reduced through- 
out the supersonic diffuser and in die inlet throat. L«i,rge enough reduettoAs In die 
free -stream Mach number will choke the inlet throat and cause an inlet unstart. 

This Choking can be relieved only by geometry variation. 

When die inlet is forced to operate at an angle of attack, the inlet can unstart in 
two ways. If the terminal shock is in its most forward stable posiilan at 0° angle of 
attack, a slight increase in the angle of attack is sufficient to force the Shock forward 
into the stqiersonlc diffuser, where it becomes unstable, and the inlet unstarts. 
Operating the inlet with the terminal shock slightly downstream of the dittuser throat 
(supercritical operation) allows the inlet to operate at higher angles of attack. But 
as the angle of attack is increased, additional compression of the internal superaonle 
flow appears on the top, or leeward, side of the inlet and less con^ression on the 
bottom, or windward, Side. The lack of compression on the windward side results 
from exp'uiding the flow around the cowl lip in order to turn the flow axially. The 
overconq>resslon oh the leeward side is the critical region wheye a local fthnirfwg 
condition causes the inlet to unstart. figure IX- 10 illustrates In more detail the 
local choking that limits the angle of attack for st4>ereritlcal operation. The top side 
of the 40-60 inlet with the cowl and centerbody contours to shown in the sketch at the 
top of the figure. This IS the leeward side of the inlet When it opei^^ at a positive 
angle of attack. The plot shows the cowl Static pressure ratioed to free-stream total 
pressure as it varies along the cowl surface, and identifl^ the shock t>efleetions on 
the cowl surface. 

The solid Unes represent operation at 0° angle of attack and the dashed Unes at 
the angJ<* of attack just before the inlet unstarts. As ttie angle attack is 
from o'* to the maximum value of 2. 9®, the first shock reflection on the cowl taoveS 
forward in the inlet. The second cowl shock reflection moves ahead trf the throat 
region to the forward edge of the porous bleed and compresses the flow to pres- 
sures higher than sonic values. This Indicates a local chokliig condition at this point 
on the cowl. Further Increases in the angle of attack would unstart the inlet. This 
means that this second shock reflection cannot be moved ahead of de cowl bleed re- 
gion. By moving the porous bleed regions further upstl eam, a hl^er angle of 
attack of 3, " was reached bdtore an unstitrt occurred. 

Figure lX-11 shows the unstart limits for the 4&-60 inlet for botii a reduction 
in free-stream Mach number and an increase in angle of attack. Also, data are 
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shown for two dlfferont bleed configurations. The data indicate that, when the bleed 
Is relocated to an uj^stream position, larger Mach ”nuinber -reduction and angle-of- 
attack tcderances are reallaed. Also, as the free-stream Mach number Is reduced 
with fixed Inlet geometry, the angle -of -attack tolerance decreases to aero where the 
maximum reduction In frae -stream Mach number occurs. The Inlet unstarts beyond 
these conditions or to the right of these twp curves. 

For some transport configurations, the accepted minimum tolerances are about- 
0. 05 In free-stream Mach number and 2. 6® to 3. 0® In angle of attack. However 
more tolerance for boat these parameters Is desirable to Increase the Inlet safety 
margin. Also, larger tolerances In these parameters may be desirable for o ther 
supersonic dash or cruise aircraft. 

The trend In the data presented herein for the 40-60 Inlet Is typical of the data 
aiat were obtained for the other Internal contraction Inlets trf this comparison. All 
die Inlets In this comparison have adequate tolerance to Mach number reductions. 
However, the angle -of -attack tolerance becomes more of a concern as the Inlet’s 
Internal supersonic area contraction Is Increased. This Is-shown In figure Dt-12, 
which summarizes the angle -of -attack experience for these Inlets. The length of* 
the supersonic diffuser, from the cowl Up to the Inlet throat for the various Inlets, 
was the parameter examined. This figure presents the unstart angle-of -attack 
as a function of the length from the cowl Up to the geometric throat. This length was 
nondimenslonaUzed by the cowl Up radius. 

The values of this ratio vary from 1. 88 for the 20-80 Inlet to 1. 19 for the 60-40 
inlet. The shaded area represents the range of angle -of -attack tolerance for the 
Inlets considered so far with good performing bleed systems. The upper portion of 
tills shaded area Is a curve faired through the data points which represent the maxi- 
mum urtstart angle of attack that has been demonstrated so far for each inlet. The 
curve has been extended to Include data of an additional 60-40 inlet ttot has com- 
parable performance to the previously mentioned 60-40 inlet. Figure Dt-13 com- 
pares the two 60-40 inlets. The top sketch is the inlet considered previously. This 
inlet distributed the Isetttropic compression from the cowl over some length of 
centerbody. Another way of designing this inlet is to focus this isSntrOplc compres- 
sion at one point on the centerbody, reducing the length from the cOWl Up to the geo- 
metric throat. This results in a length ratio of 0. 76 for the focused Compressiofi 
inlet. This focused compression Inlet has a maximum angle -of -attack tolerance of 
9. 4 . The tolerance In angle of attack for the Inlets Varied from about 2. 6° for tiie 
20-80 inlet to about 9. 4° for the 60-40 focused Compression inlet. Therefore, In- 
creasing the lei^ of the internal portion of the supersonic diffuser appears fo re- 
duce Its angle -of -attack tolerance. 


Another parameter that must be consiflered is the distortion at angle -of "attack 
operation. The distortion is defined as the average total pressure minus the mini" 
mum total pressure divided by the average total pressure at the compressor face. 
For these inlets the distortion was below 0, 10 for angles of attack less than and 
below 0. 13 for angles of attack less than 7. B°. Distortion values of 0. 06 to 0 . 07 are 
normally acceptable for 0^ -angle -of -attack operation. 

Thus, the Inlet’s tolerance to external disturbances is limited by choking in the 
inlet throat. This tolerance can be improved by proper location of the porous bleed. 
Also the inlets will have less angle -of -attack tolerance as the supersonic diffuser 
length is increased. 


Summary - Effect of Amoimtof Internal Contraction 

The preceding comparisons do not produce an obvious choice. Range is rela- 
tively easy to evaluate and clearly favors hlgh-internal-contraction Inlets. RofWever, 
these Inlets are more sensitive to gust and maneuver disturbances and also produce 
a larger disturbance at unstart. It then becomes a problem of choosing the maxi- 
mum range compatible with acceptable tolerance to gusts and maneuvers and also an 
acceptable unstart amplitude. The trades have beeh fairly well defined, but the air- 
craft designer must be given the difficult choice. 


IMPROVED STABILITY OF INTERNAL CONTRACTION INLETS 

Inlets with different amounts of Internal supersonic contraction have been com- 
pared. However, all titese inlets are about equally sensitive to internal distur- 
bances. The conventional mixed -compression inlet must operate with the terminal 
shock near the throat region for peak performance. If this Shock Inadvertently 
moves ahead of the throat due to an internal airflow disturbance, unstart wlU occur. 
Current inlets have a rather limited Stable operating range that is provided by the 
capacity of the performance bleed system to spill increased airflow as the terminal 
shock moves upstream. Hils limited stable range may not be adequate to absorb 
many of the transient disturbances that arc encountered by a supersonic propulsion 
system. Larger stable margins are currently provided by inlet operailoh at low per - 
formance levels. 

These inlets can be designed to prevent unstart for most Internal disturbances 
by utilizing a throat bypass bleed system (refs. 8 and fl). A Schematic of this sys- 
tem is presented in figure K-14. An internal disturbance, such as a momentary 
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reduction in the amount of airflow Uiat is required by the engine, causes the termini 
shock to move upstream. Unstart can be prevented if the excess airflow can be dl" 
verted overboard through a large open bleed or bypass in the inlet throat region. 

The exit area for this bleed region must be controlled to regulate the am o u nt of air" 
flow spillage as the terminal shook moves to a different location. This control prO" 
vents prohibitive amounts of airflow from being ducted overboard during normal in- 
let operation, but allows large amounts of bleed to exhaust in order to prevent un- 
start as the terminal shock moves upstream over the bleed region. Sixteen fast- 
acting valves were located in the inlet cowl to provide this exit ^area control. 

Two types of bleed control valves that were Investigated are presented in fig- 
ure DC -1 6. The mechanical valve is essentially a free -piston tha. is positioned by 
differential pressures. An internal reference pressure, Inside the valve chamber, 
is adjusted to just close the Valve during normal inlet operation. Control of this in- 
ternal reference pressure determines the pressure at which the Valve opens, B 
this reference pressure is exceeded by an increase in bleed plenum pressure fliat 
results from a forward movement of the terminal shock over the bleed region, the 
valve opens and allows bleed flow to occur. This Self-acting mechanical valve was 
a simple design that was investigated to demonstrate the concept of a constant- 
pressure bleed control. 

For the vortex valve, a tangential control airflow creates a vortex inside die 
valve chamber which shuts off the bleed at die lower pressures that are as soci at ed 
with normal inlet operation. An Increase In bleed pressure breaks down t h i s vortex, 
allowing the bleed airflow to exhaust through the vuive exits (top and bottom). The 
maximum amount of airflow is limited for these valves, since for proper operation 
the size of the exit must be small when compared to the size of the valve chamber. 

Inlet performance for three different types of stabiUty bleed controls at a free- 
stream Mach number of 2. 50 are presented in figure DC -16. Sufficient performance 
bleed was removed from the centerbody to assure high inlet performance. This 
bleed Was ducted through the centerbody twpport struts and controlled by exits. 
In this figure total-presSure recovery is presented as a function at diffuser mass- 
flow ratio. Met performance is shown for fiXed-exit bleed controls that are nor- 
mally used on mtxed-compression inlets and for vortex and mechanical valves. The 
stable margin that each of these stabiUty bleed controls provides can be 
if aft inlet -engifte match condition of about SO -percent recovery is Selected. Prom 
this condition, the fixed-exit bleed control provides a smble margin of 6. 3 percentj 
that is, the corrected airflow in the inist dlffaser can be reduced by S. 3 percent 
prior to inlet unstart. The Vortex valves provide an increased stable fiiargin to 
10 . 8 percent. Mechanical valves which were a Similar physical size to the vortex 
valves provided a stable ma.'tgln ct 26 percent. These data show hiat lt Is possible 
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to provide ao increased tolerance to internal disturbancea for raixed-comprossion 
inlets by utilising a throat bypass stability bleed system and a variable exit control, 

DISTORTION MEASUREMENT AND CONTROL . 

One problem that is common to all the Inlets is distortion, this is a rather 
emotional subject, particularly when aircraft and engine designers are attempting to 
decide the responsibility for i^opulslon system stability. It is also a Very (Ufficult 
subject because time-varying distortion has recently been recognized. 

To define the time -varying distortion at the engine face requires orders of mag- 
nitude more data than is required to define the older steady-state or time-averaged 
distortion. How to process this additional information into an understandable form 
is not well defined at present. 


Dtstortion Measurdment 

Distortion measureme.it is reviewed in figure lX-17. the time-honored method 
to measure total -pressure distortion has been to install a large number of probes at 
the compresa>r face (as shown in ihe upper right corner of fig. iX-lt), each with a 
long transmission line to a remote sensor. These long lines time-average the <&ta. 
A pressure contour map constructed from these steady -state pressures would loi* 
like ihe example shown in the lower right. Each contour is a Une of cohstant total- 
pressure recovery. In this particular example^ the inlet was operated at a positive 
angle of attack, so that toe distortion was primarily circumferential, with high 
pressure in toe top portion Of the inlet and the low pressure In the bottom portion. 
There is also a redial component present. 

Recently, high -response submiiiiature pressure seq^rs have replaced the long 
transmlsslort lines. With these sensors, it has been found that diere is a fluctuat- 
ing or dynamic component of total pressure ^perlmpOsed on top df die steady -state 
value, as shown in die lower left corner of figure K-lf. The inamnmn eo us jmes- 
sure Rj measured by each sensOr is then the sum oi die ateady -State pressure 
phis die dsmamic component APj. These fluctuations Can be the result of one Or ’ 
more flow conditions within the inlet. Terminal shock boundary -layer Interactions, 
transient boundary -layer Separations, duct retonances, and engine dynamic feed- 
back are a few of diese possible causes. Whatever the cause, these fluctuations do 
exist, and they combine with the steady -state pressure to produce a different dis- 
tortion pattern at each instant of time. And since What the engine really sees are 
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these instantaneous distortions, a complete inlet -engine compatibility i^iort-requiros 
their measurement. 

The best way to get a feel for what is actually going On at the compressor face is 
to make a motion picture from a Continuous series of instantaneous pressure eon» 
tours. The steps Which are followed to produce such a motion picture are as foUowss 
First, the Instantaneous pressure from each sensor is recorded on analog tape; then, 
the pressure level on each sensor at a given Instant In ttme is determined by glmul- * 
taneously digitizing all channels from the analog tape at 8000 points per second per 
channel; then, for each time slice, a pressure contour map is constructed using a 
computer program; finally, cartoon metlioda are used to make the motion picture, 
wherein each contour is repeated six times and projected at 24 frames per second. 

A motion picture was made using this procedure; selected frames from it are 
shown In figure a~18. The contour in the upper left is the steady-state pattern and 
is for the same data point as was shown in figure DC -17. In the representatton used 
in this figure, each shaded area represents a 6-;»rcent recovery range with Uie 
lightest area being the highest recovery (04 to 100 percent) and the darkest area the 
lowest recovery (64 percent and below). The boundary between any two shaded re- 
gions is a constant-pressure contour. When viewing the motion picture, the first 
impression is that there is a groat deal of movement in the pressure field. After 
repeated showings, it becomes apparent that the overall motion is due to the expan- 
sion and contraction of the large regions <rf high and low pressure. The movement 
of these regions is then die cause of the fluctuattons at any one point. By comparing 
the frames at time Instants I to 8 in figure DC-18, the variations in size of the dif- 
ferent pressure regions can be seen. 

From the moUon picture, It also appeared as if the atapUtude of the fluctuations 
was not constant across the compressor face. To better determine this, the ampli- 
tude of the dynamic component at each sensor can be found. As a measure of die 
amplitude at the fluctuating component aFj, the root-mean-square (or level 
^^RMS Indicated in figure lX-17. The RMS level of each sensor was 

radoed to the steady -state compressor face pressure and the resulting value was 
used to construct a dsmarnlc contour map. 

Figure DC-19 shows die steady -state and dynamic contours for the same <^ta 
point as the instantaneous distortions of figure DC-18. These cBita were recorded In 
the 10- by 10-Poot ftipersonic Wind Tunnel with the 60-40 inlet InstaUed to front of 
the J86 turbojet engine, (dteady-state Interactions between the 40-60 inlet and the 
J85 turbojet engine are discribed in ref. lO. ) The data of figure DC-19 were re- 
corded at Mach 2. 6 and 8® angle of attack with the inlet operating somewhat super - 
Critically at a steady -state pressure recovery of about 77 percent and a steady-state 
distortion of about 18 percent. The steady-state map uses (he same representotiott 


293 








as in figure DC-18, except the numerical values Of the recovery boundaries are. 
given. Again, notice the combined circumferential and radial pattern. Now, on the 
dynamic map, each shaded region represents a given range of dynamic activity. 

Here the darkest region indicates a high dynamic level of between 6 and 7 percent of 
the steady -state pressure, and the lightest region a very low dynamic level of be- 
tween 2 and 3 percent. For both the steady -State and the dynamic plots, then, the 
light areas represent good flow and the dark areas, bad flow. Comparing the two 
maps shows that in the region of high pressure recovery there is a low RMlS level, 
in the region of low pressure recovery the HMS level is somewhat higher. The re- 
gion of high dynamics, then, lies in a band located between the high- an d low- 
pressure-recovery regions. 

Since the peak-to-peak level of the fluctuations at any one spot is also a meas- 
urement ot the dynamic level, we should be able to correlate die ntgh dynamic re- 
gion on the RMS plot to the spatial area ittlhe motion picture which has the greatest 
number of pressure boundary crossings per unit of time_Prom the motion picture 
it was found that in the upper high-pressure region there were very few boundaries 
crossing a given spot. In the high dynamic band tixere were at least four different 
boundaries passing over a given spot rather frequently, to the low-pressure r^on, 
it was possible to See two different boundaries crossing a given Spot frequently, with 
two others sneaking in occasionally. It must be remembered uhile wfliHng this 
comparison that the RMS plot was an average over a long time period, whereas the 
motion picture covered only 15 milliseconds. (Two seconds of film time equal 
1 msec of data time. ) 

By comparing the information gained from the motion picture to tiiat gained from 
the RM8 |flots, it app^rs that the high dimamic radons are areas where a greater 
number of pressure boundaries pass per unit of time. 

From the same data from which the motion picture was made, it is possible to 
find toe value of a distortion parameter for each instant to time. F^ure lX-20 shows 
such an instantaneous parameter plotted over a 30 -millisecond time period just be- 
fore and (faring compressor staU. This parameter is a function of average and 
minimum pressure levels and is discussed in greater detail to the p^er on effects 
of engine Inlet disturbances. The steady-state value of toe parameter averaged 
over a much longer period of time is about 0. 1. The critical level is toe Stea^- 
state value of this parameter which would cause engine stall, go it Is ^vious that 
toe steady -state level Is fairly far from critical but that there are transients Which 
do exceed this critical level. 

The data from Which this plot Was obtained Were filtered at 1600 itertz. By 
proper analog filtering or digital averaging, it should be possible to determine 
the highest frequency content of significance to the engine. Conceptually, with 
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toe proper filter and a valid parameter, only toe distortion which caused engine staU 
Should exceed toe critical level. These methods are being pursued at toe present 
time. However, for toe data shown here, toe distortion at 10 milliseconds barely 
wceeded the critical level, but toe engine did not stall. The distortion at 18 5 mll- 

The evidence of 

toe stall hammershock is seen at about 27. 8 mllUseconds. The hammershock is a 
compression wave which is sent forward due to the staU. The time between 18. 5 
Md 27. 5 milliseconds is that needed for toe bad pattern to move from the rake Sta- 
on into toe compressor and have enough time to cause stall, and then for toe staU 
hammershock to move back through the compressor to toe rake station. 

Selected motion-picture frames showing the significant occurrences of fig- 
ure K-20 are shown in figure Dt-21. The ti . es of the frames correspond to toe 
times of figure K-20. (Frames shown at times of 30. 25 and 32. 25 mUliseconds are 
beyond ^ time period shown in fig. K-20. ) The upper left contour is again the 
steady-state pattern for reference. The frames at times of 18. 00 and 18. 60 mlUi- 
seconds show what caused toe worst distortiott pattern. Just before this worst pat-, 
tern, the low-pressure region Jn the bottom of toe inlet became lower_(time 18 00 
msec)^ th®n the average pressure region increased in extent down around the 
^des of toe inlet (time, 18. 50 msec). At 27. 60 mllUseconds toe first evidence of 
toe hammershock can be seen. It appears as a hlgh-pressure region at the top of. 
toe compressor face. The high-pressure region then rotates around toe inlet in 
toe direction of rotor rotation. At 30. 28 miUfsoeonds it is about halfway around 

e compressor face, and at 32. 25 milliseconds it has emcompassed toe whole com- 
pressor face. 

One conclusion that can be drawn from toe motion picture is that toe high dy- 
namic region is not the only region of importance, as the staU -producing mechanism 
encompassed regions of both high and low dynamics. 

-^stated before, an attempt is being made to define the highest freouency of 

topoi^ce to the engine. » IS possible to gain a feeling fOr the highest fre<mency 

from figure K-20. The fSsiest transient of sutiiclent ampUtude to ekceed the criti- 
cal level occurred in about 1 . 6 mllUseconds. K this is used as the period of a Sine 
^ve, the frequency of the wave would be 600 f Mz. Thus, it woc<ld appear from 

this Umited data that freqaencies to at least eOO hertz are of importance for this 
particuUr inlet Size. 


Distortion Control 

Now let’s examine some possible means of distortion control. Figure K-22 
shows that vortex generators are very effective in reducing both steady-state and 
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dynamic distortion. The parameters plotted are steady-state and dynamic distortion 
versus total -pressure recovery. Dynamic distortion is defined as the average RMS 
pressure level at the compressor face ratloed to the average steady -state pressure 
at the compressor face. These data were recorded with toe 60-40 inlet operating 
at Mach 2. 5 and 0° angle of attack, and were prefiltered to 1 kilohertz. (Similar 
data for toe 40-60 inlet are presented in refs. H and 12. ) The open symbols in 
figure DC -22 denote data recorded with a cold-pipe choked plug termination and toe 
solid symbols denote data recorded with toe J85 turbojet engine as a termination. 

The data on the left were recorded without vortex generators and those on toe ri^t 
with vortex generators. First let’s consider the data without vortex generators. 
Point A is a high -pressure -recovery point, wlto the terminal shodc at toe geometric 
throat. Point E is at low recovery, with the shock pulled downstream into toe sub- 
sonic diffuser. To progress from point A to point S, either toe choked plug is re- - 
tracted or toe engine speed is increased. Both Steady-state and dynamic distortion 
increase rapidly as toe Shock is moved from point A to point B. The 0. 1 level of 
dynamic distortion is quite high, as the peak-to-peak amplitude of toe fluctuations 
would be Somevtoere between 30 and 60 percent of the averse compressor face 
pressure. 

The data on the r^ht were taken wlto vortex generators installed on both the 
cowl and centerbody aft of the throat r^on. The purpose of the generators is to 
full high-energy flow from the main duct down Into toe low-energy boundary layer. 
Both steato^ -state and dynamic distorUc^a were reduced over toe entire recovery 
range. Thus, vortex generators are a very effective means of boundary-layer con- 
trol and, in turn, are an effective means of distortion control. These data also 
show toat toe engine had little effect on either steady-state or (fynamlc distortion. 
However, it must be remembered that these are time-averaged data. Also, it 
appears toat the dynamic distortion parameter can be used to determine toe quality 
of the tornamlc flow at the compressor face. Just as the steathr -State partmeter has 
been used for years to qualitatively define the steady -state flow. 

Figure IX -23 shows toe result of a resonant condition which was encountered 
in an early version of the 40-60 inlet (ref. 11). It was determined that this condi- 
tion was due to toe overboard bypass cavities resonating in an organ-pipe manner. 
The main duct was then isolated from toe bypass cavities by installing a dual-^vUne 
cascade at the entrance to each cavity. The data shown were recorded from a sin- 
gle tube at toe compressor face Wltoout the cascade present. Plotted is toe power 
spectral density versus frequency. The resonance diOws up as higto-power Spikes 
at 270 hertz and at the second and third harmonic points. This iS typical of the data 
recorded wito tois inlet; however, toese high-poWer spikeS wei'c hot always present. 
When they were present, their relative amplitude depended on toe exact position of 
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the probe at the compressor face. The powet content in the spikes adds ISOLpercent 
to the RMS level that would be obtained without the spikes ptesent. The cascade 
virtually eliminated the resonance at the compressor face for most inlet operating 
conditions. The resonance would tend to reappear, however, If no flow was taken 
out of the bypass cavity. But typical inlet operating conditions would caU for some 
flow through this region. Thus, tlie cascade seems to be an effective-appraich to 
control of the resonant condition. 


Summary - Distortion Measurement and Control 

It has been shown that time -varying pressures must be considered, in distortion 
analysis and that the instantaneous analysis technique is a very effective means of 
qualitatively visualizing the flow dynamics at the compressor face and quantitatively 
correlatli^ the inlet distortion to engine stall. Unfortunately, the 
distortion data are very time consuming and expensive to obtain. However, some 
correlation does exist between the Instantaneous distortions and the dynamic and 
steady -state contour plots, which are more easily obtained. Work is continuing on 
this and other types of correlations. 

The dynamic data indicated that dynamic information good to at least 600 hertz 
is required to describe the major variations in instantaneous distortion at a 16-lnch- 
diameter compressor face. A first guess is that the wavelength of this critical 
frequency should scale linearly with compressor face diameter; investigations ‘ 

with larger Inlets planned for 1971 should help to clarify this critical frequency 
scaling. 

Vortex generators were shown to be an ^ective method to control distortion. 
Also, it was demonstrated that a resonance In an inlet duct was suppressed by de- 
coupling the resonant bypass cavity from the energy of the main stream by a cas- 
cade. Therefore, it appears that it is possible to control distortion, but more work 
Is required to define optimum configurations. 
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X. EFFECTS OF ENGINE INLET DISTURBANCES 

ON ENGINE STALL PERFORMANCE 

John H. Povolny, F. W. BurcHam, Jr. * James E. Calogeras, 
Carl L. Meyer, and Richard A. Rudey 


The operating limits oi propulsion systems may restrict the oapabUtties of both 
subsonic and supersonic aircraft. One such limit of gas turbine propulsion systems 
is compressor stall or surge. The performance and operating limits of the engine, 
especially the compressor System, are influenced by the flow conditions at the 
engine inlet. This leads to the necessity of adequately matching the inlet and engine 
So that the capabilities of the aircraft are not compromised by the condition of the 
flow supplied by the inlet to the engine or the susceptibility of the engine compressor 
system to this flow. It should be noted that, in addition to the inlet design param- 
eters, the condition of the flow is also determined by external Influences such as 
armament firing, flight maneuvers, thrust reversal, inlet unstart, lidet buzz, etc. , 

some of which cause temperature as weU as pressure disturbances. In order to 

better tmderstand the flight environmental disturbances and their effects on the oper- 
ating limits of turbine engines, research programs are being conducted at both the 
NASA Flight and Lewis Research Centers. This paper discusses data obtained 
from these programs. 


flight ENVIRONMENT 

The program at the Flight Research Center includes work with the F- 111 air- 
plane shown in figure x-1. Measurements were made at the engine face during the 
flight of this airplane to show the nature of Some of the disturbances th a t . j 
engine. The flight data to be discussed were obtained by the NASA Fll^it Research 
Center during tests of an early model F-lllA airplane, which was powered by 
TF30 P-1, engines. Eight total pressure rakes, each With five probes, were In- 
staUed at the engine compressor face. Four diagonaUy oriented rakes contained 


*NA8A Flight RcBcarch Center. 
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miniature transducere for bigh-reeponse prefleure measurements, and the remain- 
ing lour rakes were lor the low-response measurements, 

Figure X-2 shows lour representative high response compressor -lace pres- 
sures at 400 samples per second obtained lor a compressor stall at a flight Mach 
number ol 2, 17 and an altitude of 44 000 feet. Traces A and B are from the 1*30 
o'clock rake, which Is located In an area ol generally high-recovery, and lower 
traces A' arid B* are from the 7;30 o'clock rake which is in a low -recovery region. 
The dilference in pressure levels between the two rakes is an indication of the 
existence ol a steady -state pressure distortion. The rapid pressure fluctuations 
evident in each trace indicate a variation in distortion that can bo either greater or 
loss than the steady-state value depending on the phase relationship between oppo- 
site halves of the duct. All lour traces show essentially random dynamic pressure 
variations before stall, with a greater pOak-to-poak fluctuation at the 7:30 o'clock 
rake, which is in the low-recovery region. Note, however, that at the time that 
the stall was initiated, both 1:80 rake pressures are high and both 7:30 rake pres- 
sures are low. The resulting Increase in instantaneous distortion over the steady - 
state distortion was sufficient to stall the engine. 

Figure X-3 shows the compressor -face total -pressure recovery maps lor th i s 
stall. These maps are similar to those presented during the discussion of inlet 
performance. The low response rake map oft ttie left defines the steady -state dis- 
tortion and shows a moderately severe 180° distortion pattern with a lO-percent 
Ap/p, The compressor -face map on the right was made fr<»n the high-reSponse 
pressures at the time that the stall was initiated, and it defines the instantaneous 
distortion. No radical difference in pattern is evident, but the spread between the 
high- and low-recovery areas is greater, and Ap/p is increased to 14 percent. 
iTiis higher value of instantaneous distortion lasted for about one revolution of the 
fan and is considered to be responsible lor initiating the stall. 

In the case just discussed, there Were no predomlnaixt or resonant frequencies 
present in the inlet flow. Figure X-4 shows a different flight condition, Mach 2. 0 
and 46 000 feet altitude, where a strong duct resonant modi was present. In this 
figure power spectral density (FSD) is shown as a function of frequency wherein 
F8t) is defined as 


Hz 

where is the root mean square value of the fluctuating component of pres- 

sure. 
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at 27 hortrtH 4 n Wgh^responae presaures. A predominant peak 

at 27 hertz is evident In all cases, and a harmonic at 54 hertz can also be seen 

Rxamtaaaon of the phase relationships between the corresponding 1,30 and 7:30 
pressures showed that these pressures were about 180® out of phase 
at the 27 hertz resonance and had an essentially random phase relationship at 
othci frequencies. Evidence of this was also seen in the inlet duct, at the cowl 
ip. and in the onglno. Thus there existed a « ituation wherein each half of the in- 
lot duet wuo rooonaWn^^ IBO out (d phaoo with tho other half, 

steady estate and dynamic disturbances to deal 
w h at the onglno inlet. Thus, in order to understand what causes the engine to 
fltatl, t is necessary to look at the effect of each disturbance IndlviduaUy as well as 
in comkination. This is wliat is being done at the Lewis Research Center, 


ENGINES INVESTIGATED 

The work has been primarily with three types of engines (see fig. X-B). The 
top Ulustration is a sketch of the General Electric J86 afterburning turbojet engine 
that was tested. The J86 has a single spool rotor with an elght-stage axial com- 
pressor (including inlet guide vanes) driven by a two-stage turbine. The middle U- 
lustratlon is a sketch of the fixed geometry turbofan that was tested; this engine 
was a Pratt & Whitney TP30. The TP30 has a two-spooi rotor with a three-stage 
tan (including inlet guide vanes) and a six-stage axial compressor driven by a three- 
stage turbine on the low spool, and a seVert-stage teial compressor driven by a 
8 gle-stage turbine on the high spool. The bottom sketch Ulustrates the variable 
geometry turbofan that was tested; this engine was a General Electric I/IO. The 
V 10 b&d a two-spool rotor with a two-stage fah (no inlet guide vanes) driven by a 
two-stage turbine on the low spool, and a seven -stage axial compressor driven by a 
two-sta^ turbine on the high spool. The compressor of this engine Was equipped 
with vartoble inlet guide vanes and variable first-stage stators. It Should be noted 
that, although aU three engines are equipped with afterburners, none of the data 
presented herein are with afterburning. 


STEADY -STATE PRESSURE DISTURBANCES 

The first area to be examined will be the effects of various steady-state pres- 
sure distortions on the stall performance of these engines. During thbSe discussions 
it will be shown where the weak link is in the compressor system, particularly for 
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the more compltcathd enginefl. Also shown are florae caseB of interactlonfl between 
the fan and tho corapresBor In ono of the tnrbofans and a BirapUfied technique for 
correlating the effects of clrcurafcrentlal distortions where these are the predorol- 
nant engine sensitivity. It should be noted that In most cases the stall limit referred 
to Is hard stall rather than rotating stall. 


Effect Of Type Of Distortion 

Figure X-6 UluBtratea the effect of the shape, or tho typo, of tho total- 
pressure distortion on the stall lino at tho simple turbojet engine. It shows a stand- 
ard map of compressor total pressure ratio as a function of corrected airflow rate 
for the J8B-13 engine used In this program, Tho dashed lines represent tho com- 
pressor map determined with clean, or undlstorted, airflow Into the compreesor. 
The solid lines are the stall lines for the distorted Inflow cases shown. The total- 
pressure distortions wore produced by placing screens, shown as tho shaded regions 
In each of the patterns, approximately one compressor diameter upstream of the 
inlet guide vanes. For all of the patterns shown here, the screens were of about tho 
same Intensity or porosity. This resulted In about the same distortion amplitude 
^^av ■ ^mln^'^^av patterns at a given engine speed. 

As can be seen, the hub radial distortion pattern had little effect on the 
line of the compressor, but the tip radial distortion caused a more serious loss In ‘ 
the stall compressor pressure ratio. It was the circumferential distortion pattern 
shown In the lower right, however, that caused the most loss In compressor pres- 
sure ratio at stall. One of the more surprising results occurred when a 120^ sec- 
tor of the hub radial pattern was tested. Although the pure hub radial pattern had 
little effect on the staU line, the partial radial distortion caused a much more 
Serious stall line degradation. This degradation has been dlrecUy attributed to the 
circumferential component of the distortion pattern. 

Inasmuch as circumferential distortion, or the circumferential component of a 
combined distortion, had the most serious effect on tiie compressor, thq question 
arose as to the effect of the extent of the circumferential distortion on compressor 
performance at stall. Data relative to this question are presented in figure X-7, 

This figure shows the loss In the compressor pressure ratio at stall (the difference 
between the clean and distorted stall pressure ratios) as a function of screen 
angle 0. Each curve corresponds to a constant corrected engine speed. All the 
screens used to generate these data Were of the same intensity or porosity In order 
to Isolate the effect of clrcUmferemtlal extent. For each of these curves, the loss 
bi stall compressor pressure ratio increased rapidly as the screen augle was 
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Increased frotn 0 to about 60®. Increasing the screen angle from 60P to 180® bad 
no further effect on the stall line of the compressor. This indicates that 60^ is the 
critical angle of distortion for the J85 compressor. This critical angle is related 
to the time required by the compressor to respond to a distortion in a quasi-steady- 
state manner. 


Circumferential Distortion Correlation 

It would be desirable to have a single curve with which to correlate this loss in 
stall compressor pressure ratio with a Simple circumferential distortion index 
which accounted for variations in circumferential intensities and extents, as well 
as ei^dne speed. Several correlation techniques currently in use were tried, and the 
one which worked best is shown in figure X-8. In this figure, loss in stall compres- 
sor pressure ratio is plotted as a function of the ratio <rf minimum to maximum 
pressures measured at the compressor inlet station. Jti order to account for the 
varying compressor sensitivity to circumferential extents less than 60®, the 
^mln , Q(P b®®!^ defined as the lowest mean pressure in any 6(f* sec- 

tor of the flow field. For example, with the sinusoidal circumferential distortion 
shown in this figure, the qqO would be the average pressure of the cross- 
hatched region. 

All of the stall points obtained with pure circumferential distortions are Shown 
In^s figure. These Include screens of three different porosities, of from 

3flr to 18(J®, and engine corrected speeds ranging from 87 to 100 percent of the rated 
engine Speed. But, regardless of the extent or intensity of the circumferential dis- 
tortion, these data correlate quite weU With this simple distortion index as long as 
the critical angle of distortion is taken into account. Of course, the single curve 
faired through the data can easily be converted to a (P - type of index 

for more general application, if that is so desired. 


Turbofan Weak Link 


The foregoing results were for a simple engine with a single compressor. The 
effect of steady-state prtesure distortions ott art engine with a more complicated com- 
pressor ^stem (the fixed geometry tuTbofaft) will noW be examined to see t^ere the 
weak link compressor component is. this engine was also primarily stisce^ible to 
circumferential distortions. Figures X-9 and X-10 together show the operating 
limits of the fan and low-pressure compressor on maps of pressure ratio as a func- 
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tlon of coj^rected rotor speed. On both maps, the dashed lines represent the oper- 
ating line and stall limit without distortion, and the solid lines, the stall limits with 
two screen-induced fan inlet distortions. Distortion amplitudes, which vary with 
airflow and therefore rotor speed for a given screen, are shown. Without Inlet air 
distortion, the pressure ratio margin between the operating line and stall Hmjf was 
greater for the fan than for the low pressure compressor. As a result of the screen 
Induced distortions, the fan stall limits were lowered but remained parallel to the 
operating line so that pressure ratio margin remained. The low-pressure compres- 
sor stall limits, however, were also lowered by the distortions. But they inter- 
sected the operating line so that the pressure ratio margin became zero. There- 
fore, with simple steady-state 18d° circumferential distortions at the fan inlet, the 
weak link component of this fan-compressor system was the low-pressure compres- 
sor rather than the fan. The high-pressure compressor was not affected by these 
fan inlet distortions. They were apparently attenuated before entering that unit. 


Reynolds Number and Component Interaction Effects 

Effect of Reynolds number index. - It has been observed that botti altitude and 
fli^t Mach number can influence tolerance for steady-state distortion. This can be 
seen in figure X-11 which illustrates the effect of Reynolds number cm the steacfy- 
state distortion tolerance of a TF30-P-3 turbofan operating with its bleeds closed. 
These results are for simple 180° circumferential distortions. Stall limits are 
shown in terms >3f distortion amplitude Which resulted in stall as a function of cor- 
rected fen rotor speed. Stall -limit curves are shown for various levels of R^oldS 
number Index (Rel). This index is the Reynolds number at the test condition ex- 
pressed as a fraction of the Reynolds number at standard sea-level static conditions. 
(The curve for an Rel = 1.0 was estimated. ) It can be seen that distortion ampli- 
tudes at stall decreased considerably as Reynolds number was reduced by going to 
higher altitudes. The trend of decreased distortion amplitudes at stall with lowered 
corrected fan rotor speed Indicates that increased flight Mach number would also 
reduce distortion tolerance. This is because increased flight Mach number results 
in higher inlet temperature and therefore lowered corrected rotor speed. 

It is interesting to note that the weak link on this turbofan engine was not the 
first component to be hit by the steady -state pressure distortion, but Was the second 
one, that is, the low pressure compressor. It should also be noted that there did 
not appear to be any Interactions between the fan and the compressors although the 
possibility should be recognized that the large Reynolds number effect could Involve 
such an interaction. Whether this is so remains to be determined for this engine. 
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but one engine for which it was found to be trus is the variable -geometry turbofan 
that was tested. The next two figures help illustrate this situation. 

We encountered the first type of interaction while exploring Inlet Reynolds num- 
ber effects on engine performance with no distortion at the inlet. As you would ex- 
pect, reducing the engine inlet Rel from 0. 41 (nominal test value) to 0. 18 resulted 
in a loss in the operating margin of the fan. This loss, however, was smaller than 
the loss in margin that was experienced by the hi^-pressure compressor. This is 
shown in figure X-12. As before, compressor performance is shown on the conven- 
tional pressure ratio-flow rate map. All values a e normalized in terms of the rated 
performance of this component. The stall limit for each Rel was obtained by 
throttling at the compressor discharge until stall was encountered. As shoim, the 
main effect of the lower engine inlet Rel was to cause a shift in the compressor 
operating line; very little effect was found In terms of stall pressure ratio. How- 
ever, the operating line shift cav.ced a significant reduction In the available margin 
between the stall limit and the operating line. 

This operating line shift is attributed to a change in the flow out of the fan which 
caused a change in the velocity profile going into the compressor. This is shown In 
figure X-13, Here, the variation in inlet axial velocity with passage hei ght shown 
for both engine Rel's of 0. 41 and 0. 18. The data were obtained at Similar engine 
operating conditions of rotational speed and exhaust nozzle area. The large velocity 
gradient that was obtained at the Rel = 0. 41 is a result of the curving flow path from 
the fan discharge to the high-pressure compressor inlet. As the engine inlet Rel 
was reduced, this velocity gradient was effected In two ways. First a steeper varia- 
tion in velocity from hub to tip was obtained, and Second the overall velocity level 
decreased. Ihe end result of both of these changes is a slight shift in pressure 
ratio due to the change in incidence angle at the compressor inlet and a reduction 
in airflow through the compressor due to the overall decrease In velocity. Ihese 
effects were the principal reasons for the compressor operating line shift. Since the 
differences in these profiles in figure X-13 are the result of a change in floVr condi- 
tions out of the fan hub, the Joss in compressor stall margin is attributed to the 
Reynolds number effect on the flow out of the fan and ^ to the effect ort the com- 
pressor per se, because the Rel at the compressor inlet was very Hgh m both 
cases. It should be noted that this type of Component interaction can have a signifi- 
cant impact on staU sensitivity of an engine when operating at high altitudes (low Rel). 
Although the data Just presented dealt with Reynolds number effect Without distor- 
tions being present at the engine inlet, it is anticipated that the effect WoUld be simi- 
lar with distortion. 

Effect of rotating stall . - Another component interaction encountered involved 
rotating stall in the fan of the variable geometry tUrbofan. This type of flow insta- 


bUlty waa found with both hub and Up radial distortions. Figure X-14 shows the 
effect of a hub radial distortion on fan performance. Here again, the conventional 
pressure ratio-flow rate map is used. The dashed linos represent the undl,,torted 
performance, and the solid lines the distorted performance. Several values of dis- 
tortion amplitude are shown as a reference to indicate distortion magnitude. 

The main effect of the hub radial distortion was the indicated reduction in fan 
stall pressure ratio. A slight change in the operating lino was also obtained. This 
indicated reduction in the stall linUt was not caused by an abrupt stall in the fan. 

High response data indicated that the flow was breaking down in the high-pressure 
compressor and that this flow breakdown was preceded by a rotating stall in the fan. 
This sequence of events is Illustrated in figure X-16 wherein high response pres- 
sures at the fan inlet, fan outlet, high-pressure compressor Inlet, and high-pressure 
compressor outlet are shown as they varied with time. (These are cmly a few of tiie 
many pressures recorded during a stall. ) A rotating stall cell Is indicated by the 
periodic fluctuation in the fan outlet pressure. As the fan discharge was throttled 
towards the stall limit, the magnitude of the rotating stall increased, and an abrupt 
stall occurred in the h^h-pressure compressor. This is shown by the simultaneous 
drop in the outlet pressure and rise in the inlet pressure. This stall was then propa- 
gated forward through the fan. These results illustrate a component interaction 
whei’e a small flow instability, such as a rotating stall in one component, caused a 
serious flow problem, such as abrupt stall in a downstream component. The fan 
rotating stall did not seriously affect engine operation by itself, but it did cause the 
high-pressure compressor to stall, thus reducing the stall limit of the engine. 

Distortion amplification . - Another type of component interaction that was en- 
countered while testing the variable geometry turbofan engine was related to an am- 
plification of circumferential distortion through the fan. During the Initial testing of 
this engine, the engine stall limit was reduced more than expectec 'yy circumferen- 
tial distortions. The limiting component was again the high -pressure compressor. 
However, the cause of this lower limit was traced to higher than expected pressure 
distortions at the hlgh-presSure compressor inlet for a given engine inlet distortion. 
Since the hi^-pressure compressor Inlet flow conditions are established by the fan 
hub characteristics, the distorted performance of the fan hub was evaluated, as 
shown in figure X-16. In this figure is plotted a distortion amplitude ratio as a func- 
tion of the total to static pressure ratio at the fan hub Inlet. This amplitude ratio 
is defined as the ratio of the fan hub outlet to inlet distortion strength. Values of 
amplitude ratio greater than one indicate a distortion amplification or increased dis- 
tortion strength; values less than one indicate an attenuation or decrease In distor- 
tion strength. The total to static pressure ratio is an indication of inlet axial veloc- 
ity. Low values Imply low velocity and higher values imply higher velocity. As can 


be Been, the distortion arapjtficatlon was strongly Inlluenced by inlet velocity, vary- 
ing from 2. 6 at low vahieu to about 1, 0 at high values. Another way to look at this 
velocity effect is with the use of a fan equivalent stage characteristic curve as 
shown in figure X-17, Here, the fan hub performance is plotted in terms of a pres- 
sure coefficient as a function of flow coefficient. These coefficients are pressure 
ratio and inlet axial velocity functions normalised in terms of blade speed. The 
curve represents the overall performance of both fan stages. The curve can be 
divided into two performance regions; (1) a region behind an inlet distortion screen, 
shown by the solid symbols, and (2) a region not behind a distortion screen shown by 
the open symbols. These two regions can be related to low and high inlet pressure, 
respectively. In this figure, zero amplification would occur when the pressure coef- 
ficients in both regions were equal. If wo use the square symbols as a typical ex- 
ample of distorted performance, it can be seen that the pressure coefficient behind 
the distortion screen is less than that not behind the screen. In other words, less 
pressure rise wa^. realized in the low inlet pressure region than in the high inlet 
pressure region. This indicates an Increase in distortion amplitude at the fan hub 
outlet. This agrees with the amplification shown in figure X- 16. 

In an attempt to change this fan hub characteristic, the engine manufacturer 
modified the first-stage rotor by increasing the blade chord length by a factor of V3 
and reducing the number of blades by 3/4. Solidity and blade angles remained con- 
stant, and no change in blade loading was made. The second-stage rotor and both 
stators were not changed. The result of this modification is shown in terms of 
pressure and flow coefficients in figure X-18. Here, both the modified and the 
original hub characteristic curves are shown. A significant change In the pressure- 
flow characteristic is obvious, especially behind the distortion screen as shown by 
the solid symbols. If the square symbols are again used as an example of distorted 
performance, we now see that the pressure coefficient behind the distortion screen 
is larger than that not behind the screen. Therefore, more pressure rise was 
realized in the low inlet pressure region than m the high inlet pressure region. This 
Indicates a decrease in distortion amplitude at the fan hub outlet. The effect of this 
change is shown in figure X-18 in terms of amplitude ratio as a function of total to 
static pressure ratio. Both the modified and original results are shown for compari- 
son. It can be seen that a marked improvement in the fan hub distorted performance 
was realized. Ilte modified fan attenuated the circumforehtial distortions, and the 
original fan amplified these distortions. 

These results again illustrate a situation where a flow problem in one component 
can adversely affect a downstream component. Amplification of distortions thrOU^ 
a fan can reduce the engine stall limit because It effects the stall performanee of 
the compressor behind it. Recognizing and understanding interactions like these is 
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necesi&ry in ord^r to corroct the deficient component, The case that was Just 
described, is one example of a correction that was effective in reducing an interac- 
tion problem. Two things to be learned from this study are that there can be very 
significant interactions between compressor components and that what appear to be 
minor blading changes can have significant effects on the performance. Because the 
detailed flow processes involved in the foregoing phenomena are not completely 
understood, the compx'essor research people have some additional work to do. 


DYNAMIC PRESSURE DISTORTIONS 

In this section the effects of dynamic disturbances on the Stall characteristics 
of two engines, the simple turbojet and the fixed geometry turbofan, are examined. 
Before looking at the engine data, however, it would be well to discuss briefly some 
of the research techniques that were employed. 


Research Techniques 

Figure X-20 shows a photograph of the simple turbojet (J88) witli a flight type 
inlet installed in the Lewis 10- by 10-foot supersonic tunnel. For the tests to be 
discussed the tunnel was operated at Mach numbers up to 2. 6. The inlet and engine 
were operated so that inlet unstarts wen Initiated to determine their effect on the 
engine, and engine stalls were Initiated to determine their effect ott the inlet. 

The tests on the fixed geometry turbofan (TF30) were conducted In the Lewis 
propulsion system laboratory altitude test chamber wherein a unique detice for 
creating dynamic disturbances was employed. This device (or technique) is being 
used to create controllable dyzuimic or steady -state pressure disturbances at the 
Inlets of engines bemg tested m the altitude facilities. The technique uses many 
small air jets upstream of the engine inlet. Figures X-21 and X-22 Show the main 
features of the air jet system. Hie irtiotograph (fig. X-21) is a view looking toward 
the engine from the bellmouth entrance of the inlet duct. Primary airflow passes 
through the bellmouth and inlet duct to the engine. The air -jet system includes an 
array of small nozzles in the inlet duct. These air-jet nozzles are uniformly dis- 
tributed in an axial plane and are arranged in A pattern Which repe&ts eveiT 60° of 
circumferential extent. As indicated to the schematic, secondary airflow Is injected 
from these nozzles and is directed counter to the primary airflow. Flow control of 
the secondary airflow is provided for edch 60° sector of air-jet nozzles by siX valves 
external to the inlet duct. These are high-resportse valves of NASA design fOr Opera- 
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tlon over an oscillatory frequency range from 0 to about 200 hertz. Separate 
matched flow lines are provided from each of these valves to each of the air-jet 
nozzles of a 60^ sfictor. Secondary air Is supplied to the valves at pressures up to 
about 10 atmospheres. Through control with these valves of the secondary -air dis- 
tribution and the flow rate, a variety of basic dynamic or steady-state inlet pressure 
disturbances can be created for engine, testa. 

It has been hoped for some time that the air-jet system could be used to approxi- 
mately simulate an actual flight environment. Recently, one series of tests to check 
that potential capability was completed. NASA Flight Research Center cooperated in 
this and made available engine inlet pressure data from flights of an FUIA. Repre- 
sentative pressure data from flight, on analog tape, were used to provide input sig- 
nals to the high response valves of the air-jet system for engine tests in the Lewis 
altitude facility. Figure X-23 shows one comparison of the flight environment and 
the attempted simulation on the basis of power spectral density of inlet pressures 
over the frequency range from 0 to 200 hertz. This is a favorable comparison. 

Both sets of data include PSD spikes at 2I-and 54 hertz, with the simulation data 
somewhat attenuated (in these spikes) relative to the flight data. However, the gen- 
eral PSD level of the simulation data is comparable to that of the flight environment. 
This may or may not be a representative comiarison, but is encouraging. Many 
more comparisons of the data from the flight and simulated environments must be 
made. Until that is done, conclusions cannot be reached as to the capability of the 
air jet System to approximate simulation of an actual flight environment. 


Inlet-Engtne Interactions 

Now that the dynamic disturbance testing techniques have been described, some 
of the results will be examined, starting with the 10 by 10 foot SWT inlet unstart 
tests on the simple turbojet with a flight inlet. Figure X-24 is a time history of an 
inlet unstart with the engine operating at 85 percent corrected speed at Mach 2. 5 
tunnel conditions. (An inlet unstart causes a rapid drop in the Compressor inlet 
pressure. ) Shown in this figure as a function of time are the Compressor total 
pressure ratio and the compressor inlet and the exit total pressures, both as 
ratios of free-stream total pressure. Looking first at the compressor inlet 
pressure, it can be seen that after inlet unstart this pressure rapidly reach^ 
its minimum in about 0.01 second. On the other hand, there is a significant lag 
in the pressure drop of the compressor exit total pressure which is associated 
with the volume effect of the colnbuslor. This lag caused the compressor pressure 
ratio to rise far above the steady -state stall line for a time equal to about 2j rotor 
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revolutions, which time was sufficient to cause compressor stall, as well as com- 
bustor blowout, 

llie effects of this particular unstart transient, as well as some less severe 
unstart transients, are summarlaed Ir. figure X-28. This figure shows both the 
initial and the peak compressor pressure x’atlos that occurred during the inlet un- 
starts. The bar on the right represents the Mach 2. 0 data Just described. The 
three bars to the left pertain to Inlet unstarts at Mach 2. 0 with the engine operating 
from three different initial pressure ratios on the 86 -percent corrected speed char- 
acteristic. By comparing the relative amplitudes of the bars, you can see that the 
Mach 2. 0 imstart transients Were much less severe than the Mach 2, 5 transient. 

But still, depending on the initial compressor operating [joint, results ranged from 
no 0 tnU to 8tEll &nd combustoi^ blowout* 

f'igured X-28 and X-27 show some intoj^stage Static pressures during the large* 
scale transients Just discussed. Shown in figure X-26 are time histories of static 
pressures located at the compressor Inlet and at the exits of the first seven stages 
of the eight-stage compressor. These traces pertain to the inlet unstart that was 
initiated at Mach 2. 5 during engine operation. Almost immediately upon inlet un- 
start, the pressures at the compressor inlet and all the way through the compressor 
drop rapidly with time, until that time when all pressures abruptly start to rise. Hiis 
previously mentioned, this Mach 2. 5 unstart transient was severe enough to cause 
compressor stall as well as combustor blowout. The origin of a stalled zone in a 
compressor Stage causes an abrupt loss in the airflow pumping of that stage. This 
IS analogous to closing a high-response valve. A compression wave is sent forward 
of the valve, or stalled zone, and an expansion is sent rearward. So the abrupt rise 
in pressures Seen all the Way through the Seventh stage Indicates that staU originated 
in the eighth, or the last, stage of the compressor. Thus a disturbance at the Inlet 
to the compressor caused a stall which originated at the rear of the compressor. 

fa contrast, figure X-27 Shows what occurs to these same pressures in the com- 
pressor when, at the same initial engine and tunnel conditions, the compressor is 
forced into stall by closing the exhaust nozzle, fa this case, the rise In pressure 
is seen at the compressor inlet and through the first two stages of the compressor, 
while at the same time the ejtit of the third stage shows an abrupt drop in pressure, 
indicative of stall origin in tiiat stage. Thus fa this case, a disturbance at the rear ... 
of the compressor caused stall. Which originated fa the front stages. 

fa addition to an inlet unstart, which is initially a single pUlse resulting fa a 
rapid decrease fa engine inlet pressure, there are other types of rapid pressure 
disturbances encountered that can also stall the engine. For exairt^e, inlet buzz, 
which can be undistorted cyclic disturbance, aftd duct resonance, encountered by 
the F-IU, wherein each half of the duct is 180° out of phase with the other. 
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Effector Pressure Transients Without Spatial Distortion 

The effects of dynamic Inlet pressure variations, without distortion, will be 
considered first, These will Include cyclic pressure variations that are analogous 
to Inlet buzz and the pressure "depression pulse which is similar to an inlet unstart. 

Figure X"28 illustrates the tolerance of a TF30»P»l turbofan for dynamic fan- 
Inlot pressure variations induced with the air jet system. Stall limits are shown in 
terms of pressure amplitude which resulted in stall as a function of disturbance fre- 
quency lor both cyclic and pulse pressure variations. The particular pulse had a 
pressure-time response of about 40 to 60 hertz, and is shown at that frequency. 
Pressure amplitude is schematically defined by the sketdies in the figure for both 
the cyclic and pulse oases. In both cases, pressure amplitudw is defined as the At 
of the pressure depression expressed as a fraction of the pressure level before the 
disturbance. The pressure amplitude at stall with cyclic variations ranged from 
about 0. 165 to 0. 145 in the frequency range from 1 to 20 hertz, and with the pulse 
was about 0, 16, It is apparent, though, that rapid changes in inlet pressure even 
without distortion can result m stall. 

As for the turbojet, rapid changes in Inlet pressure also can cause prddems in 
those components of the fan -compressor system of the turbofan which are followed 
by large volumes. The tolerance of a TF30-P-1 turbofan to cyclic fan-inlet pres- 
sure variation without distortion was restricted by the high pressure compressor 
rather than the fan or low pressure compressor. Figure X-26 shows the time 
histories of several pressures during the last cycle of a 10-hertZ cyclic fftn- 
Inlet pressure oscillation which resulted in stall. Variations of total pressures 
with time are shown at the fan inlet, the fan exit in the tip and hub regions, the 
middle and exit of the low pressure compressor, and the middle and exit Of the mgh 
pressure compressor. Stall was found to originate in the high pressure compressor 
which, of course, is followed by the combustor volume. The suddeh reduction In 
flow associated with stall caused a decrease in pressure aft of the stall (for mcamiSe, 
at the high pressure compressor exit) and rapid increases in pressure forward of 
the stall mitiation as stall progressed forward through the low pressure compressor 
and fan, until a hammershock appeared at the fan inlet. 

The time histories of total pressure variations leading to stall were used tb 
obtain time histories of pressure ratios across various stage groups of the fan- 
compressor system. Figure X-30 idioWs the time histories of various stage-group 
pressure ratios that were obtained. Variations of pressure ratios with time are 
shown for the fan hub and tip regions, the high pressure compressor front and reah 
stage groups, and the low pressure compressor front and rear stage groups. the 


rtgbt (rf the figure are neted the steady ^etate pressure ratios which eitisted for the 
Various stage groups before the lO-’herta cyelic inlet pressure oscillation was in-’ 
duced. It can be seen that the majdmum pressure ratio swings were made by the 
fan and the rear^stage group of the high pressure compressor - both of which are 
followed by large volumes. Pressure ratios of the fan hub and tip oscillate to values 
well above the steady-stute levels. Hie fan, however, had sufficient pressure ratio 
margin and was not the weak link component. In the high pressure compressor, 
pressure ratios of the front-stage group oscillate but remain below the steady -state 
level, but those of the rear -stage group oscUlate about a mean which is above tfio 
steady-state level. Pressure ratio swings of this rear-stage group to values well 
above the steady -state level, together with the pressure-time traces Indicate that 
it was this stage group in which stall initiated and which was the weak link. 


Effects of Pressure Transients With Spatial Distortion 

j 

1 

K will be recalled that a duct resonance, which resulted in an oscillating dls- | 

tortlon at the engine inlet, was observed from the PlllA flight data. The air jet ! 

system has been used to Induce dynamic Inlet distortions of this and other types for 1 

engine tests. 

Figure 3t-31 illustrates the tolerance of a TP30-P-1 turbofan for an oscillating I 

l8(r circumferential distortion, which is analogous to that duct resonance Situation. | 

Stall limits are Shown in terms of the distortion amplitude which resulted in as j 

a fuiictltm of frequency of the oscillation. For comparison, distortion amplitudes | 

at stall are noted for a steady -state 180^ distortion and for a single pulse presi^re j 

depression of a nominal 180*^ circumferential extent. Distortion amplitude is de- t 

fined as before. Hie fan -compressor system whs able to tolerate larger disbrtion 
amplitudes with oscillating distortion than with stea^ -state or |kilse distortions. 

Ihe tolerance to oscillating distortions tended to decrease with Increaslrtg frequency 
of oscillation, and approached the steady-state distortion tolerance level at a fre- 
quency of about 60 herts, I 

Figure X-32 Illustrates the tolerance of the same engine for rotating 180® cir- f 

cumferentlal distortions, aall limits are ^oWn in terms of distortion amplitudes i 

that resulted in stall as a function of the frequency of rotation for contrarotating and | 

corotating distortion. For comparison, distortion amplitudes at ainii are again | 

noted for the steady-state and pulse leO® distortions, ft can be seen that the fart- ^ 

compressor system Was able to tolerate larger distortion ItUdes with contra- 
rotating than with corotating distortion. With corotation, tolerance at low rotational 
frequency was nearly comparable to that with steady-state distortion. There Was a 
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sharp decrease tn tolerance to corotating distortion at rotational frequencies above 
00 hertis, with the distortion amplitude at stall decreasing to a level somewhat be- 
low that associated with the pulse distortion when corotation frequency was about 
70 herta, For the particular engine and its operating conditions! a corotation fre" 
quency of about 72 horta corresponds to half rotor speed. This is approKlmately 
the frequency of a slngle-aone rotating stall. 

The results presented in figures X^28 to X-32 indicate that this fan-comprossor 
system had the least tolerance for (1) a corotatlng distortion at a rotational frO" 
quency of about half-rotor speed, and (2) the pulse distortion. The results sug- 
gest that distortion tolerance is a function not only of Instanteoiis distortion level 
but also rate of change of inlet pressure and dwell time of the-fan- compressor 
blading In the low pressure region of an onglne-lnlet distortion. 


TEMPERATURE DISTURBANCES 


Although no intensive Investigation of temperature disturbances was conducted, 
some data have been obtained showing tha effects of steady -state temperature dis- 
tortions and temperature transients on the stall characteristics of the variable ge- 
ometry turbofan. This work is limited, but the results are sufficiently interesting 
to be included herein. 

Tests were conducted to determine the effect of the extent and magnitude of a 
spatial temperature distortion and the effect of extent, magnitude, and rate of 
change for time -variant temperature disturbances. A gaseous hydrogen^fueled 
heater was used to produce botfi the spatial and time-variant temperature disturb- 
ances. A photogr^h of this heater is shown in figure X-33. This view is looking 
from the heater inlet, downstream towards where an engine inlet would be located. 
The heater is divided into four controllable 90° sectors, each containing an array 
of V-gutter flameholders and swirl can pilot burners. The engine inlet air was 
heated by burning hydrogen <n the V-gutter flameholdera. 


Effect of Spatial Temperature Distortions 

The most sensitive component of the compressor system with either sfiatiai or 
time -variant distortions was the hl^ pressure compressor, nils sensitivity to 
spatial distortion is shown in figure X-34 which presents a conventional pressure 
ratio - flow rate map for the high-pressure compressor. For both 180° and 90° 
circumferential distortions, shown by the symbols, the loss in stall pressure ratio 


varted-dlrectly with dlstortlnn magnitude as indicated by the levels of At shown. 
Tbeae at values are the difference between the temperature of the heated and un- 
he^ed portions of the engine Inlet flow. For temperature differentials In excess of 
100 F, compressor stall occurred on the undJstorted operating line, thus com- 
pletely eliminating the operating margin qH the engine. These results show that this 
engine was more nensltlve to the mapltude or AT of a spatial distortion than It 
was to the circumferential extent, at least for the 90® and 100® extents test«?d. 


Effect Of Temperature Transients 


The effect of time variant temperature disturbances on this same engine are 
Shewn in figure X-3B which Is a plot of the rise In engine inlet temp<>ratur6 during b 
transient as a xunctlon of the rate of change In engine Inlet temperature. The sym* 
bols speeity the three circumferential extents that were imposed at the engine Inlet. 
All of the stalls encountered during tliese transients were Initiated in the pres- 
eure compressor. For all three circumferential extents tested, the minimum rate 
of change In engine inlet temperature associated with engine stall was approximately 
2800® F per second. A rise in Inlet temperature of approxlmetelv fO® was asso- 
ciated with stall at this rate of change. This value of AT is significantly less than 
the AT required to stall the engine on its operating line as shown on the ordinate 
for the 90 and 180® steady-state spatial distortions. As higher rates of change 
were Imposed at the engine Inlet, higher inlet temperature rises were 
with stall. The relationship between the rise and rate of change in engine Inlet 

temperature was a constant for all engine stalls obtained. This constant was equal 
to 0.02 second. 

The results of the transient tests indicate that for this particular engine: (1) the 
rate of change in engine inlet temperature was a primary factor on the rise in inlet 
temperature or AT at stall; (2) the high pressure compressor was the limiting com- 
ponent; (3) circumferehtial extent had Uttle effect (for the range investigated) on the 
engine stall limit; and (4) a constant engine response or time to stall was obtained 
regardless of the rate of change In engine inlet temperature at stall. 

With regard to the effects of combined pressure and temperature effects on 
engine stabiUty, It can probably be said that a sudden increase In temperature along 
with a sadden decrease In pressure at the inlet to an engine would have more detri- 
mental effect on engine stall thah either of these by themselves. This conclusion is 
based on these temperature transient results plus the pressure pulse results pre- 
viously discussed. If a sudden increase in temperature were coupled With a sudden 
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Increase in pressure, the effect would likely be less than a temperature transient 
by Itself. 


CONCLUDING REMARKS 

Now that the results of some of the NASA programs in the area of tnlAf atigfue 
disturbances and their effects on engine stall performance have been examined, it 
can be appreciated what a complicated field it Is. It can also be appreciated how 
important it is to determine what is going on Inside each type of engine and partic- 
ularly to determine where stall is originating so that it can be ascertained where 

the weak link is. Once this is known, then, of course, it is much easier to remedy 
the situation. 


SUMMARY OF RESULTS 1 

i'i • 

The, results of the investigation of the effect of inlet environmental factors ... j; 

disturb engines show that, for steady-state pressure distortions, (1) the drcum- | 

ferential distortion effect was most severe, (2) the weak link is not usually the j 

first stage or first component that sees the disturbance, (3) the distortion tolerance f 

of turbofans is significantly affected by altitude, and (4) interactions between turbo- I 

fan compressor components have Slgnlfica.rt effects on stall. Also, for dynamic I 

pressure disturbances (1) rapid pressure changes without distortions cafl stall an * 

engine, (2) compressor stages adjacent to large volumes go through the greatest | 

pressure ratio recursions, and (3) combined pressure oscillations and distortions I 

can have a greater effect than either individually. j 
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XI. DYNAMICS AND CONTROL 

Aaron S. Boksenliom, GaryU Cole, Daniel I. Drain ^ ^ ^ ^ 4 6 J 

Kirby W. Hiller, Ross G. Wllloh, and John R. Zeller 

Some of the major proMoms In djtnamlon and conlpola oj a suporaonlo orooul 
aro ^own ,n rfenro H-l. Tbo Job o. O.0 oontrol (Into 

“2 a "* ?“““ *»»" ‘b *e Jlguro la 

«l«a m.i < '1 ’ " “bstablo oondlUona thronghont tbo aystem. They 

a^^ao maintain ^.tem oparadon at the domrod or optlmnm condition 

Wred, «-a the ayatem from one operating pom, to amilhar. To deat/aa^ oL 

r.r"“o::r::r‘"' " 

A a^mary of the aubjecta preaented In thla paper la aa foUotra' 

W Por the aupersonlo Inlet, the probtem la to maintain high Intol nerformanr. 

( )The inlet and engine controls may require coupling to set svatem nn^natu, 
conditions for best overaU performance. ^ 

(4) We need an understanding of combustor and compressor dynamics Com 

compressor staU margin available under dynamic andLtic 
inlet and compressor conditions. 

nnr) couduct Significant experimpintal research, specially developed sensors 
and servoactuators are needed. These devices should permit more diJ^ct measure- 
ment erf input vanahles and faster manipulation of outputs. 

(6) The complexity of systems and theli requirements may require more capable 

and versatile control computers. The use of digital computers In system control 
offers a solution to this problem. »y»wm control 

(7) Final'/, to obtain the utmost improvements in Various aspects of raeasure- 

ment, nionitoring, and control, the body of mathematical control theory may be ap- 
plied and incorporated in the control system. ^ 


preceding pace blank not FILMEJ 
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SMALL PERTURBATION DYNAMICS AND CONTROL 
% , 

For amaU perturbation dynaniica and control, an analytic or computer dynamic 
model ia needed to help ua underatand inlet behavior and to aid in dealgning inlet con- 
trol and stabilisation devioes. 


InW Dynamic Analysis 

When we atarted thinking about controla for auperaonlc propulsion systems the 
desired almulation models just were not available. Thlswasespeciallytruefor 
frequencies above 5 or 10 hertz. One of the first things done was to model the varl- i 

ous pieces of the propulsion system, beginning with the inlet. 

Figure XI-2 shows how the inlet appears to the controls analyst. Re of j 

it as a pipe with a variable area section, a normal shock, some disturbance or by- 
pass flow, and an appropriate terminal boundary condition. PhysicaUy, a perturba- 
tion fron^ equilibrium caused by the engine or bypass doors results in fWessure Waves ' 
moving up and down the duct. MathematleaUy, it can be described by wave equa- 
tions. An approximate closed-form frequency response solution was found for the 
wave equations appUed to the subsonic diffuser. Also found were equations relating 
shock position and velocity to adjacent variables. With this model, it was possible 
to predict the dynamic behavior of the inlet in response to downstream disturbances 

which are the primary disturbances considered in this paper. Experimental data ’ I 

are needed, however, to verify the results. | 

Experimental frequency response data obtained from an inlet during a wind I 

tunnel test program are presented in figure Xl-3. The figure contains amplitude I 

ratio and phase lag characterlsticP of the inlet normal shock position in response to f 

bypass airflow disturbances. The ampUtude ratio has been normaUzed to unity at a S 

frequency of I hertz. Analytical results obtained with the smaU perturbation model I 

we also plotted ter comparison. Agreement between the analytical and experimentai 0 

data is quite good eVett out to a frequency of 200 hertz. The termination ter this f 

inlet consisted of a Choked orifice at the end of a piece of pipe. The pipe length was | 

equivalent to the length of a J-85 engine With an afterburner. Other orifice loca- I 

tlotts were investigated, and it was found that a choked orifice located at the com- 
pressor face station would give results very similar to those obtained with an actual ' f 
engine. Since the analysis and the data are in agreement, it is felt that a controls 

design tool for investigating the small one -dimensional disturbance occurring within ^ 

the inlet has been obtained. i 
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Inlet Control 


Th6 requirements for Inlet control are now considered. In general, at the dlf - 
fuser exit of a mixed comprension supersonic inlet, total pressure recovery is high- 
est and distortion is lowest when the normal shock is at the inlet throat. Thus, from 
an engine performance standpoint, it is desirable to fix the normal shock at the 
throat. Unfortunately, inlet airflow disturbances can occur which might ^a nse the 
shock to move either upstream or downstream. - An upstream displacement of the 
shock would result in an inlet unstart. A downstream movement increases distor- 
tion and decreases pressure recovery. These events are undesirable because of a 
possible engine upset such as compressor stoll and because propulsion system per- 
formance can be signUlcantiy decreased. Unstart can be avoided In many cases by 
operating supercritlcaUy - that is, with the shock downstream of the throat. If the 
inlet is supplied with a normal shod' control, the degree of supercritical operation 
can be reduced with the benefit of higher performance. 

The control chosen for investigation was a closed loop control that attempted to 
hold shock position fixed Just aft of the throat. To help design such a control, the 
analytical model of the inlet was used. The model gave Open loop ampti hide and 
phase characteristics such as those Shown in figure XI-3. A block diagram of the 
closed loop shock position control system is presented in. figure XI-4. 

One system that was investigated used a shock position sensor that reUed on two 
static pressures in the inlet to infer shock position. These static pressures were 
behind the normal shock. When the shock moved forivard the pressures incr^Sed. 
The resulting shock position signal was compared to a command value. The differ- 
ence between the two signals told whether the shock was ahead of or behind its de- 
sired location, This difference signal was then amplified by a controller. The con- 
troller’s gain was frequency sensitive. It had high gain at low frequencies, while at 
high frequencies its gain was constant. Such control action is called proportional- 
plus -Integral. The output of the controller drives the bypass doors, which were 
positioned by fast response electrohydraulic actuators. 

Figure Xl-6 shows the performance obtained from this normal shock control 
tested on a mixed compression inlet In the 10 by 10 Foot Supersou’c Wind Tunnel: 

The frequency response of shock pasltiott to a downstream airs low disturbance is 
given. Two responses are diowft - one for the inlet without control and one for the 
inlet with control. On the y-akts Is the amplitude of shock motion. Both amplitude 
responses have been normalized by the low frequency amplitude for tise uncontrolled 
inlet. Thus the no control curve starts out with an amplitude ratio of 1. 

As frequency Increases, the uncontrolled response drops off atid theii resonates. 

It is resonant because Use inlet was termitiated with the long pipe in this experiment. 
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The solid curve shows the response of the Inlet with control. This control is trying 
to hold- the shock position steady. Thus, it acts to hold shock amplitude down to zero. 
At low dlstuxliance frequencies it does this quite well. For example, at a frequency 
of 1 hertz the normalized amplitude ratio of shock motion is 0. 03 Mrith control. 

Without control it is unity. Thus, the control has reduced shock motion by about 30 
to 1. At higher disturbance frequencies, the attenuation is not as good. This is due 
to the frequency sensitive gain of the controller. For the faster disturbances, the 
integral action has less time to work. The controller has to quit in the vicinity of 
the resonance; otherwise, it would drive the system into oscillation. As can be 
seen, there was some amplification of the resonance. The only place the control 

amplified shock motion was near the resonance; at lower frequencies it provided 

significant attenuation. 


Inlet-Engine Control 

Until now die discussion has been concerned with an inlet control that manipu- 
lates only the inlet's ovexiioard bypass doors to keep die normal Shock. fixed. Such a 
control may not always result in the best overall propulsion system performance. 
For example, an increase in bypass airflow may be required to accommodate a dis- 
turbance. This would cause a corresponding increase in spillage drag. Thus, even 
thou^ the shock is maintained at a high pressure recovery position, there may be a 
net loss in propulsion system efficiency due to the increase in spill^e dr^. Since 
engine speed also affects shock position, there may be some benefit in using both 
the bypass doors and the engine to control the normal shock. Two methods of coupl- 
ing normal shock position control and engine speed control were investigated. 

The first coupled control approach is shown in figure Xl-6. With this approach 
the inlet normal shock loop is coupled to the engine speed control loop. The items 
added to die basic inlet control are shown by the heavy lines. The engine speed 
control loop senses engine speed and compares it with the desired speed as dictated 
by the throttle setting. The error in speed is input to the controller. The Control- 
ler modulates engine fuel to decrease the speed error. Coupling is accomplished 
widi the reset device shown in the diagram. The inlet controller output is Integrated 
and the resulting signal is used to trim die speed Setting of the engine. With this 
modified speed setting, the engine speed loop will reset the control bypass doors. 
This System was evaluated experimentally and showed good results. 

Flg;ure Xi-7 shows the transient performance of the system when operated ex- 
perimentally in the supersonic wind tunnel. As the shock controller senses that a 
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distarbance has occurred, the control doors open quickly to correct for the airflow 
disturbance. Initially, there is a small upstream excursion of the shock, but this 
is quickly corrected by the action of the doOrs. The output of the shock controller 
to the bypass actuation system is integrated. The output of the integrator is input 
to the engine speed loop and results in the increase in-fuel flow to accelerate the en- 
gine to a new speed. The engine responds to this fuel change and finds a new operat- 
ing speed. As tills occurs, the bypass doors are slowly reset to a closed condition, 
tiiereby reducing overboard bypass drag. Coupling the controls demonstrated the 
ability to reset the propulsion system to any arbitrary operatii^ point. 

Also investigated was an entirely different coupled control approach (see fig, 
XI-8) which uses engine speed as (he primary control variable. The main features 
of this system are outlined with the heavy li' . 3 shown in (he figure. The overboard 
bypass system in this case is a much Simpler design, and therefore lades the fast 
response capabilities of previous systems. The engine speed loop has been improved 
in response by using a fast fuel throttling valve. 

In this system, the error in shock position, after it is acted on by the dynamic 
elements of the inlet controller, is sent directly to tiie engine speed loop to 
a change in speed. The actual speed is integrated slowly, and the output of the in- 
t^rator is sent to the bypass actuation System. The performance of th<ff control 
system, which has been used successfully in the wind tunnel, can best be under<^ 
stood by looking at Some of the experimental results. 

Figure XI-9 shows a series of transients djtalned vhen the controlled inlet- 
engine was disturbed in a particular way. A step type or almost instantmieous de- 
crease in the inlet downstream airflow was initiated by a disturbance at the com- 
pressor face location. This decrease in overboard airflow caused the shock to 
move very quickly in an upstream directioh or toward the unstarted mode. The re- 
sulting error in the diock location is sent to the engine speed loop. As a result, the 
relatively fast fuel control responds by increasing the engine Speed to correct for 
the upset in inlet downstream airflow. As engine airflow increases, the shock is 
returned to its desired position. The change in engine speed is Integrated slowly. 

This output is then used as a command to the bypass actuation System. The lower 
trace shows that the doors open and ther^y ^-.crease bypass flow. This in cr eased 
bypass airflow reduces the airflow required to be taken by the engine, tiius allowittg 
Speed to be reset slowly to some desired operatlhg point. 
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LARGE PERTURBATION DYNAMICS AND CONTROL 


Thus far the discussion has been restricted to small perturbations a r i d normal 
operation. H the inlet should unstart because erf inadequate control, compressor 
stall, or upstream disturbances, returning the system back-to normal operation 
presents new problems. 


Inlet Dynamic Analysis 

Considered first is our understanding of the basic mechanisms of inlet unstart. 
The analysis developed for controls design gave only a small perturbation solution 
useful for linearized system analysis . The techniques could not be applied directly 
to inlet unstarts, or any of the other nonlinear i^enomena that seem characteristic 
of supersonic inlets. 

An unstart can be caused either by external dis turbances (such as a gust or a 
passing aircraft) or by internal disturbances (such as compressor stall). With an 
external disturbance a second ^ock wave can form at the inlet throat, move up- 
stream, and stand in front of the inlet. A downstream disturbance, on the other 
hand, can cause a pressure wave to form at the compressor face, move up the in- 
let, Join With the normal shock, and then carry it out of the inlet. 

In either case, the unstart occurs so rapidly that it is hard to get detailed ex- 
perimental evidence of what occurs . The decision was made to try to model such 
inlet behavior analytically. 

The method at Lax, one of the finite difference schemes that has been used to 
study flow field dynamics, was used for the large perturbation problem. Some of 
the results obtained by applying this technique to the geometry of an inlet are shown 
in figure XI-10. in this figure Inlet pressure profiles are plotted at various times 
during a transient disturbance. The bottom curve is die initial pressure profile for 
an operating condition with a high bypass airflow. The initial normal shock location 
is thus well behind the inlet diroat. 

The disturbance considered consisted df a ramp in the inlet discharge flow from 
its nominal value to zero in 3 miUiseconds and back in 3 additional 
As the flow drops, a pressure wave or front begms to propagate back up the duct. 
The normal shock remains relatively stationary until the pressure front 
with it. Then die pressure wave carries die normal shock out of the inlet and an un- 
start results. 

Ko experimental data resembling inlet pressure profiles during an unstart were 
available. However, peak pressures were recorded at four inlet stations during an 
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unstart caused by a compressor staU. These experimental data appear as the Curve 
along the top of the plot and form an upper envelope for the peak pressures. If 
allowance Is made for not knowing how closely the actual compressor stall resem- 
bled the 3 -millisecond inlet disturbance, the agreement looks good. 

Also investigated were the effects of an external disturbance on this same inlet. 
The results are shown In figure XI-11. Again die bottom trace is the static 
pressure distribution. 

The external disturbance was generated by reducing the cowl Up velocity 8 per- 
cent in 2. 6 milUseconds. In this case, a pressure front forms at the inlet throat 
and moves out of the inlet. The steepening of the front as it moves toward the cowl 
Up can be noted. The pressure front will result in a shock wave standing in front of 
the inlet while a shock still remains in the inlet. Such severe and rapid-transients 
pose special requirements for controls design. 


Inlet Restart Control 

Unstart transients, like the ones just described, cause a drop in exit 

total pressure recovery. Pressure recovery can drop transiently to a value as low 
as 15 percent. Also, distortion increases. An unstart may also result in a buza 
condition where the shock oscillates unstably. 

Since unstarted Inlet performance is poor, me Inlet Should be restarted quickly. 
Figure XI-12 lUustrates the functions a restart control iSiould perform. Condi- 
Uon 1 shows the inlet started and with the centerbOdy at its normal position. The 
bypass doors are almost closed to position the normal Shock just downstream of the 
inlet throat. This condition results in high total pressure recovery and low distor- 
tion at the diffuser exit. If a dis turbance causes the inlet to unstart, the inlet goes 
to condition 2. UiitlaUy, the shock may be in a buzz condition. When tiie bypass 
doors are opened wide as shown in figure Xl-12, the tiiroat becomes choked, then 
the inlet is stable, but unstarted, and there is a strong normal or bow shock ih 
front of the cowl lip. This shock is die cause ^f the large drop In pressure re- 
covery that accompanies unstart. Since the throat is choked, a second normal 
shock also exists downstream of the inlet throat. 

To restart Inlets with internal contraction, the ratio of throat area to capture 
flow area mus t be increased. This is often done by collapsing or transiating the 
centerbody. For this inlet, the restart cycle begins With a forward translation 
the centerbody. A Condition just before restart would appear as Irt condition 8. The 
centerbody is forward of its normal position, and the two normal shocks still exist. 


to general, higher pressure recovery can be achieved as eenterbody position changes 
throughout the restart cycle, the bypass doors must be open enough to pass the In- 
let alrftow not demanded by the engine, H the doors are not open enough, the throat 
will unchoke and.buza will occur. As usual. If the doors are open too much, pres- 
sure recovery will be lower and distortion higher than necessary. For condition 3, 

It was assumed the doers could be partly closed to give better performance than 
at 2. This would usually be true. If the engine was not In a stalled or flameout con- 
dition. 

the eenterbody must be translated a little farther than condition 3 to restart the 
Inlet, then eenterbody travel Is reversed and brought back to condition 4. The ex- 
temal shock has been swallowed, and as for condition 1, there Is a single, normal 
shock downstream of the throat. The bypass doors are shown to be slightly more 
closed to give better performance than at 8. However, if the doors are closed too 
much, the Inlet will unstart again. 

The restart cycle Is completed by retracting the eenterbody to Its normal posi- 
tion. At the same time, the bypass doors should be positioned to Increase inlet 
performance as the eenterbody Is retracted. 

These, then, are the re<3,ulrements that must be considered when designing a 
restart control. 

One goal for the restart control system was to make It completely automatic. 

It was also desired to maintain closed loop control of the normal shock throi«hout 
the restart cycle. This would enable the control system to compensate for unex- 
pected disturbances which might occur during the restart cycle. Chie such disturb- 
ance could be an unexpected change in the engine airflow conditions. To accom- 
plish thrae goals, the restart control system used feedback and some switching 
and scheduling. 

Figure XI- 18 is a schematic of the restart control system. This System uses 
the normal shodt feedback control system of figure Xl-4. The light lines in fig- 
ure XI- 18 represent the components discussed previously. The heavy lines Indi- 
cate those Components specifically required for restart control. 

to this case the normal shock control loop used a single static pressure alt of 
the normal shock to infer shock position. After the inlet unstarts, its pressure 
recovery becomes lower, and the level of the sensed static pressure is subsequently 
reduced. Thus, the command or reference input to the control has to be Scheduled. 
Two schedulers were used. One supplied low values of the command for the con- 
ditions where the inlet was unstarted. The other scheduler supplied higher values 
of the command and was used when the inlet was started. It was found desirable to 
vary these command values as functions of centertody position. Ther^ore, center- 
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body position Was fed back to the schedulers as shown. A relay contact was used 
to select the output of one of the schedulers, This relay was operated by the output 
of an unstart detection device. The detector operates In the following way. Two 
pressures were sensed ahead of the inlet throat. A ratio of these pressures "'as 
taken. When the inlet unstarted, the ratio Incfoased. When the ratio exceeded a 
predetermined reference level, the relay was swttched to the unstarted condition. 
When the inlet restarted, the ratio decreased. When it dropped below the refer- ' 
ence level, the relay returned to the started condition. 

Another set of contacts on the relay selected one of two commands for the 
centerbody actuator. A command for the actuator to go to an extended position was 
used when the inlet was unstarted. The command for the actuator to return to the 
design position was used after the inlet had restarted. Thus, it was possible to 
exorcise closed loop control of the inlet throughout the restart cycle iqr switching 
and scheduling commands. 

Figure XI- 14 shows the results obtained with this restart control ior an inlet 
connected to a long pipe. A transient is shown consisting of an unstart followed by 
a controlled restart. The traces are the unstart signal, centerbody position, by- 
pass door area, and throat exit static pressure. The command value of throat exit 
static pressure is shown where different from the actual value. 

The unstart is indicated by a drop in throat exit static pressure and detected 
by a rise in the unstart pressure ratio. The centerbody is immediately commanded 
to slew, or translate at maximum velocity, In the forward direction. The static 

pressure command to the normal shock control is scheduled to, a low value. This 

causes the bypass doors to open to maximum area to suppress busz. As the static 
pressure command is increased, the doors come into action controlling static 
pressure to its command value. When the inlet restart is indicated by the detector 
the centerbody slews aft. Also, the scheduler commands higher values of static 
pressure to the shock control loop. The inlet is returned to on-design started 
conditions in approximately 1. 5 seconds. This time depended primarUy on the 
slewing speed of the centerbody servo. The inlet aerodynamics themselves were 
quite fast, as was the bypass door loop. No centerbody overtravel was permitted, 
and pressure recoveries were as high aS possible without encountering buzz. 


Inlet-Engine Restart-Rellght Control 

This restart control appears to satisfy the inlet restart requirements; How- 
ever, there are additional problems when the inlet is coupled to an engine instead 
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of a long pipe. Fot example, the unetart tranelent itself is severe and may cause 
compressor stall and/or combustor flameout. There is concern, then with clear~ 
mg a- possible stall, relighting the combustor, and avoiding a possible tutbine 
overtemperature problem if stall occurs without flameout. 

To account for an engine in the system, a relight feature was incorporated 
into the restart control system of figure XI- 13. The igniter was energised auto- 
matically upon receiving a signal from the unstart detection device. At the pres- 
ent time no attempt has been made to manipulate any other engine variables such 
as the throttle setting or exhaust nossie area. 

Figure XI- 18 shows an example of the transient that occurred when a restart- 
rSlight sequence was attempted in the tunnel. During this particular transient, an 
engine flameout did occur. In the top trace, unstart is detected by the unstart 
signal exceeding its reference level. When the inlet restarts, the unstart detec- 
tion signal drops below the reference level. In the second trace, the action of the 
translating centerbody is shown. After the inlet unstarts, the centSrbody travels 
at full velocity in the forward direction. At the point where the inlet restarts, 
the centerbody reverses and returns at full velocity to its on-design condition. 

The third trace shows the action of the controlled bypass doors. They slowly 
open to make up for the engine airflow lost by the slowing down of the flamed- out 
engme. In the next trace, it is noted that there Is a rise in the Inlet throat exit 
pressure as the shock moves upstream.. When unstart occurs, there is a large 
decrease m the pressure. As mentioned before, flameout did occur during this 
transient. This flameout condition is Indicated in the bottom trace by the de- 
crease m turbine mcit temperature. 

The time scale of figure XI- 1 8 shows that the restart transient was com- 
iSeted in about 0. 8 Second. It should be noted that there is a break in the time 
along the horizontal axis, Ilellght of the combustor did not occur for about 
5 seconds. Accompanying the relight is an overshoot in the turbine mdt tempera- 
ture. This rise, though, is normal for this engine during a conventional llghtoff . 

Finally, upoh relight, there was a momentary increase in the throat exit pres- 
sure. As can be seen, this rise was not appreciable, and it was much Smaller th^ 
that which occurred when the inlet initially unStarted. This rise is caused by a 
pressure wave profu^ating upstream from the engine. The inlet control is pres- 
ently adequate to handle this pressure rise. However, such rises cmild be suffi- 
cient to reinitiate an inlet Unstart. In the future, tiie dynamics of the x>elight 
operation should be carefully investigated to prevent this from becoming a prob- ' 
lem area. 


The transloftt of flgufe XI- 10 Is only one of many ttmt were taken during this 

program. Many of the results varied te some extent from that shown In flg= 

ureXMB. 

In summary, the following observations conctming the results should be 
noted: 

(1) During an Inlet unstart, compressor stall did not always occur. When It 
did occur, however. It was Initiated dui.ng <4»e unstart portion of the transient and 
not while restart was being attempted. 

(2) Sustained stall never occurred vvlthout an accompanying combustor flame- 
out. This, of course, is beneficial Ir, that It eliminates the problem of a turbine 
overtemperaturc condition during scall. 

(3) In all cases, the restart control system was successful In restoring the 
Inlet to a started condition, oven when a compressor stall had occurred. The 
stall always cleared Itself by the time the Inlet was restarted. 

(4) Following the flameout, the times required to relight varied consider- 
ably. This restart-rellght system has been evaluated on two Jf-fl6-13 engines. 

On the first J-85, the relight times varied from 2 to 30 seconds. On the second 
engine, relight times varied from 0. 5 to 1. 5 seconds. To data, it has not been 
possible to account for the difference s these relight times on two supposedly 
Identical engines. Such wide variations in relight times cannot be tolerated for 
a supersonic transport. Therefore, further work on this problem is Indicated. 

i ■ 

DYNAMICS OF COMBUSTORS AND COMPRESSORS 

It has beai shown that complete control systems can be built for the inlet 
and engine which can handle small perturbations. Inlet unstart, c* . ..^^rosSor 
stall, and combustor flameout. Sttll, to Improve these systems and to further 
understand the uncontrolled Inlet-engine dynamic interactions, more detailed de- 
scriptions are needed of d 3 mamlc behavior - particularly for combustor dintamics 
and compressor dynamics. < 


CDitibusbr Dynairilc$ 

m the combustor, the characteristics are generally in the high frequency 
range from 10 to lOO hertz. Since these d 3 rnainicS can affect engine system per- 
formance, th^ are of primary concern to the fuel control designer. 
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Figure XI" 10 llluetntes the baele ot the analyele. Thle model coneiete of a 
primary comhuetlon adne and a eecondary mhflng aone, The fuel flow, together 
with a portion of the corapreeaor dlecharge air, le aeeumed to be completely vU" 
porlaed and burned In the combustion aone. The products of combustion are then 
mixed with additional air In the mixing aone to cool the gas to acceptable turbine 
Inlet conditions. 

The mixing process Is described with conventional gas dynamic equations, 
such analysis results In a lag for the mixing aone gas dynamics, The combustion 
process Is loss well understood. For this case, techniques have been borrowed 
from those developed for rocket engine combustion dynamics. A time delay for 
fuel vaporlaatlon and a socond"order lag for the actual combustion process are 
assumed or calculated empirically. This model for tho combustor was then 
compared with tost results. 

During some of tho supersonic wind tunnel testing, the engine speed control 
could be switched from the standard engine fuel control to a high response fuel 
control. It was possible using this control to obtain the frequency resixmse of a 
number of parameters throughout the engine for a fuel flow disturbance 

The open circles In figure XI- 17 indicate the normalized amplitude ratio 
and phase of combustor pressure to a fuel flow dishirbance plotted as functions 
of frequency. Also shown (as the solid line) are the results of the analytical 
combustion model. The correlation between the analysis mid the data le quite 
good, even out to 90 hertz. The Inclusion of the methods used In rocket engine 
combustor dynamics properly accounts for the progrosalVely increasing phase 
shift with frequency. This Is an Improvement over the mid- 1960 combustion 
models, 


Compressor Dynamics 

A more difficult matter to handle analytically is the important problom of , 
compressor dynamics. What must be done Is to analyze, in detail, the dynamic 
characteristics of a multistage compressor, 

I’urbojet compressor dynamics . - When we started modeling the Inlet, 
methods were considered that UroUld let us simulate axial compressors and com- 
plete turbojet engine systems. Just as with the Inlet analysis, we had to work out 
our own methods to get the high frequency dynamics. 

A dynamic model was patterned after conventional steady-state stage Stacking 
techniques. Simply, each stage Is represented by a pressure ratio map and a 
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temperature rise map, both plotted as functions of airflow. To Include gas dy.^. 
namlcs, a lumped volume was added with each stage. In the velumes, momentum 
continuity, and energy balances were used for the gas dynamics Each of the 
maps and associated volumes were connected to get an overall compressor model. 

Once a wocking simulation existed, a compressor map was generated to eS" 
tabllsh the steadj-state validity of the model. The agreement was within what 
could be expected from the available data and an analog slhntlatlon. Also, the 
computer simulation exhibited a stability boundary that looked very much like a 
compressor stall line. To investigate further, an accurately dotormlnod experi- 
mental compressor stall lino was needed. 

Prior to the development of the compressor model, an experimental program 
had boon run In a soa-lovol tost stand whore the J-86*s compressor performance 
and stall lino wore determined. The experimental data were obtained for a J-8B 
engine having a reduced turbine nozzle area; however, these data could be used 
for checking the analytical model. 

Figure XM8 Indicated the results of the test program plotted in the form of 
a compressor performance map. Experimental operaUng points were obtained 
atong constant corrected speed Unes. Those data provided a method of checldng 
the simutotion. The slmulaUon was scheduled to operate with the same schedules 
used in the test program, and the data obtained were similar to the test data. The 
solid Unes in figure XI- 18 are constant speed Unes obtained from the simulation: 
t e solid circles indicate the simulation stability boundary, CompUrlttg the solid 
circles with the test data of the open sciuares shows Oiat the agreement was good. 
Therefore, we felt that we had an analytical method that could indicate the com- 
pressor stall line provided sufficient Stage data were avaUable. 

One of the original goals of the simulation program was to model system gas 
dynamics to 50 hertz or better. Test data were provided to verUy the model’s 
frequency response accuracy. Figure Xl-19 shows the frequency response of the 
sixth stage pressure when fuel flow was used as the disturbance sigttai. the solid 
line Indicates the results obtained by the simulaticm. The agreement be^een data 
and analysis is quite good. Although all of the data obtained durlHg the engine 
testing did not correlate this well, the agreement was. In gaieral, gflod. 

Thus, we seem to have a suitable analysis method for orie-dimensional ef- 
fects on turbojet engines ev«t out to quite high frequencies. 

^^ofan com pressor dynamics. - Not all propulsion sys'teiifS use turbojets. 
Many use turbofans as shown In figure XI- 20. Compared to a turbojet, a turbofan 
has the added complexity of a fan compr^sor, and the division of the airflow between 
the fan bypass duct and the engine core compressors. This additional complexify 



poses further snalyticsl difficulties. The flow in the fan bypass duct can exhibit 
resonances which are transmitted into the core compressors through the discharge 
conditions they impose on the fan. Analytically, at least, the duct flow poses no 
problems; the same wave equation methods are used here as were used for the 
inlet subsonic diffuser flow. The coupling with the fan, however, is another ques" 
tion. 

The primary analytical problem posed by the addition of the fan is the division 
of the fan flow between the fan bypass duct awd the core compressors. The flow 
division is complicated by the different discharge pressures imposed by the duct 
and core regions. One approach to the problem is to use an average pressure as 
the fan discharge pressure. Tho average pressure is used in a momentum bal» 
imce to determine tho total fan floiv. The total flow is then divided between tho 
duct and core as a nonlinear function of tho duct to core pressure ratio and Cor- 
rected speed. 

Onco past the problem of the flow split, the core compressors can be modeled 
with the techniques applied to the J-85 compressor, and the duct can be modeled 
as was the inlet subsonic diffuser. 

Figure:;!- 21, which presents analytically predicted frequency responses for 
the TP- 30 engine, shows some of the problems associated with modeling a turbo- 
fan engine. Normalized amplitude ratios for various system pressures to a com- 
pressor face disturbance are plotted against disturbance frequency. 

In particular, the resonant character of the fan duct (dashed curve) can be 
seen contrasted to the almost constant amplitude ratio of the fan dischaitie into 
the core compressor, m addition to the fan, the TF-30 engine has both low and 
high pressure compressois in the engine core. Frequency response data lor the 
discharge of these compr^Sors are also Shown. The low compressor charac- 
teristic is quite similar to the fan core characteristic. The high compressor, 
which discharges Into the combustor, however, ochibits a characteristic similar 
to the data for the J-85 engine, tt would appear from these analytical results 
that the effects of fan duct resonance are negllgdUie. Unfortunately, our experi- 
mental results are somewhat different from our analytical results. To investi- 
gate turbofan dynamics experimentally, uniform sinusoidal pressure was im- 
posed at the engine inlet and the frequency response charactertstiCs were deter- 
mined at various stations throughout the engine. This program was done wifli the 
airjet system, described in paper X, 

The test results (see fig. Xt-22) do exhibit shapes similar to the analytical 
results up to frequencies of 20 hertz. Above that frequency, the duct pressure 
resonancPB appear to be interacting with the core presSur«t. This effect is ob- 



Viously not indicated by the analytical model. It would seem that a high frequency 
Characteristic Is missing, possibly In the fan simulation procedure, 

to an attempt to match these data, the shape of the nonlinear map used to es- 
tablish the flow spilt was changed. However, to get reasonable agreement be- 
tween analytical and experimental results, the map had to be changed beyond j^s- 
Ical reality. Thus, work must still be done on the problem. 

To conclude, there are resonances tiuit occur In turbofan engines which as 
yet cannot be predicted analytically. When-modeling the turbofan, the basically 
one-dlmenslonal techniques cowildered for axial compressors do not give good 
agreement with experimental data. Our presfittt one-dlmenslonal methods-allow 
for time varying spatlaUy uniform. Compressor face conditions. We have started 
a two-dimensional model for an axial compressor to try to include the effects of 
spatial distortion. This effort, however, is still in prepress. 


Summary 

The other components in the propulsion system, such as the turbine, after- 
burner, and exhaust noazle may have important dynamical ejects. For a turbo- 
jet tejgtoe, where the turWne noazle Is usually choked, such dynamics do not 
couple back into the rest of the system. For other configurations, such as a tur- 
bofan engine or an engine used as a gas generator, the dynamic coupling may be 
important. These problems are not discussed in this paper. 


DEVaol>MENT OF SENSORS, SERVOACTUATORS AND TESTING TECHNIQUES 

The earUer portion of the paper has emphasized results of some propulsion 
dynamics and controls investigations. The kinds of experimental results obtained 
Imply the use of sensors and servos with rather uncommon Capabilities. This 
portion of the paper is concerned with explanations of some of these research 
tools. 


Shock Fosltion Sensor 


Considerable wotk has been done In the area of directly sensing an inlet's 
normal shock position. Potentially, such a device can facilitate safe operation 
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of an inlet while reducing the margin of supercritical operation. 

In most cases, our primary indicator ot shock position has been a static pres- 
sure. This pressure (shown in fig. XI -?3) is located aft of the normal shock operat- 
ing range and is referred to as the ttiroat exit static pressure. This signal gave an 
adequate indication of shock position for the condition at which the inlet was operated. 
However, a more direct measure of shock position is desirable because shock posi- 
tion measured with respect to the inlet throat is directly related to inlet perform- 
ance and stability. 

A Common way to determine shock position is to observe the static pressure pro- 
file in the vicinity <rf the shock. The shock location is identified by a Jump in static | 

pressure. Ideally, this occurs as Shown in figure Xl-23. The flow at the inlet 
throat has a Alach number greater than one. Downstream (rf the throat, the inlet j 

area increases, m supersonic flow, Mach number increases as area increases, 
and thus static pressure decreases ahead of the Shock. At the normal shock there is 
a discontinuous Jump in pressure. Also, the flow Mach number Jumps from super- j 

sonic ahead to subsonic aft of the shock. Since the area is still increasing aft of the I 

shock, Mach number decreases and static pressure increases. 

In a real inlet, the pressure profile can be measured with a series of closely 
spaced static taps. Figure XI-24 shows two typical static pressure profiles that 
were measured simultaneously in a real inlet. These profiles were measured witii ! 

the inlet at an angle of attack. The upper profile was measured by taps in the upper j 

half of the inlet. The upper profile indicates the shock to be between taps 8 and 6 j 

because of the steep pressure rise between those taps. The lower fUrofile was | 

measured by taps in the lower half of the inlet. The profile indicates the shock to 
be between taps 3* and 4*. This is about two taps forward of the position indicated 
by the upper taps. Thus, the i^ock does not lie in a plane normal to the Inlet's i 

longitudinal axis. Nonplanar conditions, although not as severe, were discovered 
even when die inlet was at a 0° angle of attack. Also, the pressure prcrfile ahead of i 

the shock does not exhibit a continuous decrease in pressure as does the I dea l I 

profile - for example, die rise between 2 and 3 on the upper, and the rise between 
1' and 2' on the lower. Such irregularities were also found in profiles m&sured 
at 0° angle of attack. 

These problems and others make it difficult to apply simple logic schemes tb 
the profiles to determine shock position. Despite these problems, some progress | 

has been made here in shock sensing schemes. Two different logic schemes have | 

been tried to date. The simplest logic determined the shock to be between the first 
tap having a higher pressure lhan tap 1 and its adjacent upstream tap. For example, 
in the upper profile the shock would be between 5 and 6 (6 being the first tap with a 
higher pressure tiian 1, and 6 its adjacent upstream tap). On the lower profile the 1 
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shock would be determined to be between 1* and 2*. Although it is not Shown in 
figure XI"24, the lower taps always indicated the shock to be between V and 2*. 

This is because tiie pressures at taps 2’ to 8’ wore always greater than that at 1* 
regardless of shock position. For the 0^^ angle of attack condition at which tests 
were conducted, this problem did not exist. 

The scheme just described, as well as the other one tried, were both imple- 
mented in two ways; one using electronic pressure transducers and logic elements 
and one using fluerlc elements. We have been most successful with the electronic * 
sensors, although the fluerlc sensors did give promising results. The electronic 
sensors are being used in the wind tunnel control room as shock position indicators 
and they have been used in some of the normal sdiock control investigations. These* 
sensors have followed shock position very well for frequencies up to 66 herta with 
a maximum phase lag of 20°. However, in some cases the sensor had to be adjusted 
for the condlttotts under which a test was conducted. And It has been Shown that 
operating the inlet at an angle of attack causes problems. These shortcomings are 
obviously not desirable for a flig^it application. 

Another scheme which appears could work over a wide range of inlet conditions 
is being considered. This scheme would use the same logic as described before 
except that instead of 1 or F being used as tiie reference pressure the reference* 
pressure would be based on a total pressure just ahead of the static tap r^ion. 

Tills reference is indicated on the profUes in figure XI-24. Based on the upper pro- 
file, the shock would be indicated between 6 and 6, which is correct. Based on the 
lower profUe, the shock would be Indicated between 8» and 6», which is two taps 
^t of die actual location. Aldioi^h there IS some error, it inay not be unacceptable. 
In addition, this scheme can be implemented very simply by using differential pres- 
sure switches. The static tap pressures would be compared to the reference pres- 
sure directly, raUier than using expensive transducers and electronic comparators. 

The outputs of the switches could be «immed to give ah electronic signal proportiOttal 
to shock position. 

Certainly, further Investigation is called for in (his area. 


Fast Response Servos 

Another area of develofttnent of controls hardware has been that of response 
actuators. These have permitted manipulation of the experimental models to fre- 
quencies in the 100-hertz range. A benefit has been that of getting better experi- 
mental verification of the analytical models. It has also permitted controls investi- 
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gatlons that were limited not by the actuation devices, but by the basic dynamics of 
jlie propulsion systems themselves. 

Applications for which fast response actuation equipment has been designed and 
developed are as follows (also Included are the areas in which Uiese have been used); 

(1) Fuel throttling valve - Used for compressor dynamics evaluations as well 

as a control element in propulsion controls research 

(2) Air distortion valve - Used to determine compressor stall margins under 

various dynamic distortion patterns 

(3) Inlet bypass valve - Used for determining inlet dynamics as well as a con- 

trol element for high perfornutnce inlet shock control systems 

All of the fast response actuation has been accomplished with the servosystem 
shown in figure XI -2 5. Basically Oils system uses a high performance two -stage 
electrohydrauUc servovalve driving a piston-in-cyllnder actuator to which the load 
is attached. The servovalve is driven by a specially designed servoamplifier which, 
throu^ the position feedback device, provides the closed loop operation of the 
actuation system. To aid in the design of the systems for the various applications, 
a complete nonlinear simulation of the system of figure X1-2S was implemented. 

One of the first systems developed was the fuel throttling valve. Figure XI-26 
shows its response for various levels of desired output motion. The curves ot fig- 
ure XI-26 show that the response exceeds lOO hertz for the smaller amplitude Inputs. 
As the input amplitude increases, the system does not respond quite as well. 

During the various design programs and with the aid of the nonlinear simula- 
tion, it was found that the dynamic performance for these particular electrohydrauUc 
servos could encounter response limitations in unexpected regions. An analysis of 
these Umitations resulted in a new design criteria for maximizing the range of fast 
response capabiUty. The details Of this criteria are well documented In several 
of the pubUcations listed in the bibUogratihy (p. 375). 

The actuation System for the air distortion valve was designed usif^ the new 
more optimum criteria. The normalized frequency response curve of figure XI-27 
shows its experimental performance. As can be seen, its response is flat to beyond 
150 hertz. Also shown is one of the fuel valve responses of figure XI-26. It can be 
seen that the new more optimum design criteria provides some significant improve- 
ment in response. Moreover this improvement is obtained even though the distor- 
tion valve moves an output whose weight is three times that of the fuel valve servo. 
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other Techniques 


61 addition to these special types of hardware, speeial techniques have been 
developed for experimentally obtaining ^namic data in our large facilities. These 
techniques are explained in several publications Usted In the bibliography i. 375 ). 


FUTURE TRENDS IN AIRBREATHING PROPULSION CONTROL 

Future trends in an airbreathing propulsion control will follow future system 
configurations and requirements. The low cost engine with Its low cost and simple 
control was discussed in paper Vn. Control problems in the use of cryogenic fuels 
are discussed in paper XU. The propulsion control problems for VTOL-STOL air- 
planes are jf Vital importance for these systems. Studies in this area have just 
begun. 

Systems are becoming more complex. The capabilities of hydrx)mechanical 
control, always limited, may be inadequate for the future. We are also seeing the 
development of fast, large capacity, flight worthy, digital computers. 

Some of the advantages and new prdjlems that will result from the application 
of digital control to propulsion systems are now considered. 


Digital Control of Complex Systems 

The advantages of computer control will be felt throu^out the aircraft control 
system. As regards the overaU aircraft flight objectives, a more complex control 
will be able to take into account information concerning air traffic control, and 
weather as well as flight range and speed. The flight computer can then determine 
an optimum arrangement of the aircraft control commands. Part of this informa- 
tion wiU be concerned with the operating conditton of the propulsion system, m this 
way then, the propulsion system and aircraft will be totally integrated through the 
use of digital computer control. 

A possible configuration for the propulsion control system is shown in fig- 
ure XI-28. The propulsion control computer is required to operate the engine 
satisfactorily and safely in response to the demands of the overall flight objectives 
of the aircraft. The propulsimt control may have its own sei&rate digjtyt computer, 

or it may be part of a more complex central computer, this is a matter not dealt 
with in this paper. 


With the computer, the propulsion system control can be separated into more 
distinct levels oi operation. Each level will be assigned its area of responsibility 
or control supervision. In general, these areas of supervision- can be separated as 
shown in figure Xl-28. Of most overall concern will be the optimum scheduling of 
propulsion system Inputs according to some desired performance criteria. Pro- 
pulsion system performance is measured in terms of such items as thrust, specific 
fuel consumption, and reliability. The aircraft and eJcternal disturbances will 
determine ttadeoffs between these measures of performance. 

A second and more direct role dt the propulsion control computer pertains to 
system-conStraints such as stall, unstart, turbine overtemperature, and engine 
oVOrSpeed. Sequences for restoring normal operation following the violation of a 
constraint can be greatly improved over what exists today. Improvement at this 
level again can come by the controller takii^ into account both-aircraft and fextem wl 
environment information. 

There is, then, the most direct level that the computer control will be required 
to operate. This is concerned with the normal dynamic or transient conditlcms of 
the propulsion system process, flere the controller must be capable of 
the propulsion system In a stable and responsive mode of operation. Aircraft pro- 
pulsion systems are hUihly nonlinear devices In which the steady-state and ctynamic 
characteristics change drastically over the operating range. Present controls 
crudely schedule various control elements as a function of operatii^ point to counter- 
act these anticipated chaises. The computational capabilities of the digital computer 
can greatly improve this Situation and provide for a tighter control under all condi- 
tions. 

To implement Some of the concepts just presented, the J-88 ei^e control is 
currently being replaced with a digital computer. The Shock position of an inlet has 
already been controlled by a digital computer. Por this test, the inlet was ter- 
minated by a choked orifice and not by an engine. Ultimately we intend to control 
an inlet-engine propulsion system. 

Por these tests, the digital computer is a process control type of computer. 

The computer and its peripherals were selected so that we can control a real time 
process, special attention was given to enhancing the speed with which the com- 
puter can mtecute a control concept or detect and account for any abnormality. The 
control Sophisticatiofi possible by having a digital computer in the system dOeS not 
come Witiiout some associated problems. Some of these problems are caused by the 
hardware, some by software, and some by both. 

These problems are as follows: 

(1) Computation speed. As the process is sampled and commands are at 


discrete intervals of time, one no longer has a continuous control device. Obviously, 
inadequate computer speed will cause problems. 

(2) Quantization error. The input data are quantized by the number of dimple 

levels being used for the range of each Variable. This will set the ultimate accuracy 
of the system. 

(3) Sample rate requirements. Tor real time operation, care roust be used in 
the selection of the sample rate of the analog to digital converter. To be consistent 
with sampled data theory, the sample rate must be twice that of the highest frequency 
contained in the input data. This problem is illustrated in figure Xl-29 where 1 sec- 
ond 0 $ random input data is presented. It has been frequency limited to 10 hertz. 

Tor this case, 20 samples per second are the minimum number of points from which 
the original data may be theoretically reconstructed from the sample points. Tor 
convenience, the same data are shown with three different sample rates. At 10 
samples per second the high frequency content In the data is obviously missed. A 
less oscillatory curve can also fit these sample points. This amb^lty will cause 
errors, because the sample points resulting from the high frequencies In the data 
will be interpreted as a lower frequency oscillation which is not in the data. This 
effect is called frequency folding, and it will occur when the sampled data theory 
rule is violated. Obviously, 40 samples per second Will give pretty good results 
and cause no problems. 

(4) Round-off errors. In addition to the previous input data errors, there are 
other more well known digital computer problems. Such as round-eff errors, with- 
in the computer's computation processes. 

(5) Numerical stability . Tinite word size also limits the setting accuracy of 
the coefficients of the control law or control algorithm (as it is more properly 
called), “njis problem can have an effect on numerical stability, thus, it is pos- 
sible for the control algorithm to be stable in tlieory, yet be numerically unstable 
when inserted into the experimental system. 

With careful controller design, these problems can be minimized. This has 
been demonstrated by our digital control program with the inlet in the supersonic 
wind tunnel. A computer control law appropriate for controlling inlet shock posi- 
tion has been devised, figure Xl-30 is a block diagram d the system. 

•ftie error between the commanded shock position and the actual sensed shock 
position was periodically sampled and fed into the digital controller. 

The compiler implements the control law and calculates the command neces- 
sary to correct for the error in the shock position. This command is output to the 
bypass doors. It is held constant until new information is sampled, taken into the 
computer, and operated on. OWy then is the bypass actuation system updated With 
a new command. 
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Figure XI-31 shows the experimental results obtained with an inlet under digital, 
and under analog computer control. The frequency response ot normal shock posi- 
tion tor a downstream airflow disturbance is shown. The solid curve shows the re- 
sponse under analog computer control. This is a continuous control similar to the 
ones that produced the control results shown before. The analog response as indi- 
cated bcdore, increases with frequency at the low frequencies because of the integral 
action of the controller. The dashed curve shows the response under control 
with a sampling rate of 1000 times per second. The digital control response is very 
close to that of the analog control. At the high disturbance frequencies it coincides 
with the solid analog curve. Thus, In spite of the difficulties just mentioned, it per- 
formed very much like the analog control. The broken curve is lor the digital con- 
trol with a slower Sampling rate of 100 times per second. This curve also corre- 
sponds closely with the other two curves over most of the frequency range. At dis- 
turbance frequencies above 50 hertz, however, the solid curve is not intended to also 
represent the slower digital, fi input frequencies above 50 hertz had been used, the 
sapling theorem, as explained previously, would have been violated, and g ul f leant 
excursions in shock position above the solid line would have resulted. Thus, it is 
noted that a fast updated digital control behaved much like an analog control.' A slow 
updated digital did about as well at low frequencies, but it could produce undesirable 
effects at frequencies above half its Sampling rate. 


Applications of Modern Control Theory 


With such digital computer Control capabUity and our understanding of system 
dynamic behavior, we might hope to make significant improvements in system oper- 
ation. this presents the challenge of fully exploiting these capabilities. As a re- 
sult we have been forced to take a careful look at control theory, or the Way to de- 
sign control systems. When designing control systems, we are really interested 
in how they perform dynamically or as a function of time. Modem high speed com- 
puters permit the solution of control design problems directly in the time domain, 
hi the last, controllers were designed somewhat artificially throu^ the Use of fre- 
quency domain techniques. The capabUity of solving control problems directly now 
enables the designer to optimize the control system to certain realistic measures 
of performance. 

We have been working at applying these new techniques to propulsion system 
control problems. Our first application was designing a control to minimize the 
expected frequency of unstarts of a supersonic Inlet to a random airflow disturbance. 
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The Blgnlflcance of this application Is Illustrated In figure XI-32, When the inlet 
control was discussed before, It was specified that the normal shock, vidien Influ. 
enced by disturbances, Should be held as close as possible to some desired position 
downstream of the throat. The distance of this desired steady-state shock setting 
has been designated as a. Unstart occurs When the disturbance is sufficient to 
cause the shuck to move forward greater than this distance a. llie expected fre- 
quency of inlet unstarts to a random disturbance with known staUstlcal properties, 
then, is a functimi of the magnitude of the setting a. ft is also a function of the 
mean square value of the shock movement around the steady-state setting. Ike con- 
trol designed to minimize unstarts will accomplish this by manipulating Uie bypass 
doors. Thus, the extent to which the frequency of unstarts can be minimized will be 
dependent on the capacity of the bypass system provided, 

The results shown in figure XI-33 were obtained with an analytical model of a 
mixed compression Inlet, The lower curve, which represents the smallest of the 
three steady-state shock settings a, shows how the time between unstarts increases 
as more capability is provided in the control bypass system. Likewise, as a in- 
creases for a fixed amount of control effort, the mean time between unstarts gets 
longer. 

Tke larger values ot a mean that the steady -state shock is located further 
downstream from the throat, thus reducing inlet pressure recovery or efficiency. 
With this type of information, the designer, assuming how frequently an unstart can 
be tolerated, can decide between the penalty In efficiency related to larger Values of 
a and the design penalties associated with larger bypass doors. 

& summary, then, these data are the predicted performance for a family of 
optimal inlet control systems. Since the inlet -modeled was available for an experi- 
mental program, one of the optimal control systems was tried. 

Figure XI-34 shows one of the results from the experimental program set up to 
do frequency response testing of an inlet. The figure presents an optimal control 
and a more classical control compared on a frequency response basis. The dashed 
curve shows the performance of the classical control designed With frequency domain 
techniques. This control, which is Similar to the ones discussed earlier^ produced 
significant low frequency reduction of shock motion due to its integral action. %• 
solid curve shows the performance of the optimal inlet control. The design ctf the 
optimal control was based on the assumption that the random disturbances had most 
of their energy at low frequencies, but that some energy did exist in the midfre- 
quencies. 

Compared to the classical control, the optimal control, is seen to produce less 
attenuation of low frequency disturbances; in the midfrequertcies it produces greater 


Attenuation of abock nu^lon, Huta, compafod on a freaiuenoy response basis, one 
mi^t oonolude that the olassieal control is better. 

When these controllers were evaluated on an unstart basis, however, the bet- 
ter low frequency attenuation of the classical -control did not indicate that it bad cer- 
tain merits over the optimal design. The results of this evaluation are shown in 
figure XI-3S, The mean time between unstarts for each control was calculated 
using the eaperlmenlal frequency response data. Also calculated was the RM8 value 
of the Control bypass airflow each would expend. The random airflow disturbance 
assumed for both controls had a frequency spectrum Identical to that for which the 
optimal control was deslpied. The two data points on the figure show that the opti- 
mal control gives considerably longer mean time between unstarts. hi fact, for 
this dlsturbanee, Itls better than the classical control by 30 to 1. Also, it accom- 
plishes this with about the same amount of RMS control bypass flow. From this ex- 
ample it can be seen how the use of optimal control theory can give considerable 
Improvement when a real criterion of performance is used in the design, 

hi conclusion, then, these results encourage the investigation of even more ex- 
tensive applications of this type of theory in future control designs. 


SUMMARY 


Adequate inlet control can be provided and inlet-engine coupling can be mech- 
anized and used to advantage. 

hi the event of inlet unstart, restart controls have proved successful where the 
relict of the combustor may still be a problem. 

Our understanding of combustion dynamics is good. However, our understand- 
ing of compressor system dytiaailcs still has unknown effects. 

The development of special sensors and servoactuators has permitted wide 
range experimental programs. 

Future uses oS. digital computer control are clear’y Indicated. Applications of 
control theory Will point the way to the full utlllzatlda of this equipment to realize 
the maximum effectiveness of propulsion systems. 
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Xn. CRYOGENIC FUELS FOR AIRCRAFT 

Jsck B. Esjar N 7 1 " 1 9 4 6 3 

This discussion concerns some exploratory research being done by NASA on the 
use o£ cryogenic fuels for airbreathing gas turbine engines. Some of the results of 
this research may not find immediate application, but a portion of NASA’s (and its 
predecessor NACA) research has historically been devoted to advanced concepts. 

For example, NACA began research on turbine Cooling almost 16 years before it 
was embraced by industry. 

Both NASA and Industry have developed a significant background in the use and 
handling of cryogenic fuels for space vehicle boosters. This background informa- 
tion serves as an aid in the exploration of payoffs that might be obtained if cryogenic 
fuels are to be used In aircraft engines. This paper discusses the possible {^plica- 
tion of liquid methane to a supersonic transport type aircraft and the application of 
liquid hydrogen to the airbreathing engines for recoverable boosters and orblters for 
the space shuttle. 


ADVANTAGES AND PROBLEMS 
Fuel Properties 

The two prime reasons for the interest in cryogenic fuels for advanced aircraft 
are the higgler heating value per pound of fuel (relative to Jet A) and the heat sink 
capacity that is available in this fuel for cooling hot components in the engine or the 
aircraft. These advantages are at least partially offset by the compUcatlons in- 
volved by having to store this fuel at a very low temperature and by the fact that the 
fuel has a lower density. A larger storage volume and insulated tanks are required. 

Comparative fuel property trends are shown in figure XlI-1 and table ^-1. In 
the figure the various fuel properties are plotted as functions of the hydrogen- carbon 
ratio H/C. The vertical dash-dot lines indicate the hydrogen- carbon ratios for 
Jet A, propuie, methane, and hydrogen fuels. These trend curves indicate that the 
heating value, the heat sink, and the maximum use temperature (based on or 
fuel cracking) all increase with increasing values of the hydrogen-carbon ratio. 
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Conversely, the boiling temperature and the density decrease with an Increasing 
hydrogen-carbon ratio. The cost ol some of these fuels, such as propane and meth- 
ane, are not accurately known for large supply quantities at an airport. But the in- 
formation that is available indicates that Jet A, propane, and methane would cost ap- 
proximately the same on a Btu basis. The cost of hydrogen is about six times that of 
the other fuels. Figure XII- 1 also shows the flammable fuel-sir ratio range for the 
four fuels. The flammable range initially decreases with an increasing hydrogen- 
carbon ratio to the minimum value corresponding to that for methane. Hydrogen, 
with an Infinite hydrogen-carbon ratio, is a very reactive fuel and has a wide flam- 
mability range. 

The low flammable fuel-air ratio range for methane can be both an advantage 
and a disadvantage. It is an advantage from the point of view of safety, because 
ignition can only occur within a narrow range of fuel-air ratios. It is somewhat of a 
disadvantage for the combustor. Having a narrow flammable range of fuei-alr ratios 
can cause problems in the combustor, particularly in blowout limits and more diffi- 
cult lightoff. 

The ignition and burning characteristics of large pools of liquid methane Were 
Investigated at Lake Charles, Louisiana in 1961 by Conch Methane Services Limited. 
These tests were conducted on open pools of methane enclosed within a dike. The 
largest pool tested was 20 by 20 feet and contained Uquid methane to a depth of 
1 foot. The following conclusions (ref, 1) were drawn from these tests: 

'*(1) The flammable zone of vapors was confined well within the visible vapor 
(condensed moisture) cloud emanating from the pool. 

(2) Although the vapor cloud remains visible for a distance of Several pool diam- 
eters downwind, the flammable zone of v^ors was confined to a few inches dlr^tly 
above the pool and to less than one-half the pool diameter in the horizontal downwind 
direction near ground level. 

(3) The radiation flux level from the burning LNG pool was sufficient to cause 
igniUon of wood under low wind conditions within a distance of about 1,28 pool diam- 
eters from the edge of the pool. ” 

The relative safety of havliig *’spllls” or open pools of Uquid methane was illus- 
trated in a movie of these tests which showed a man walking to the edge of a large 
pool of Uquid methane holding a Ughted torch in his hand, fie lowered the torch down 
to within a few inches of the pool level. At this point, the pool slowly ignited and the 
man walked away unharmed. 

The data for figure XH-1 are given in table Xll-l. This table gives the more 
specUic values of the heaUng value, UmlUng temperatures, heat sink, boiUng tem- 
perature, density, flammable Umits, and costs of Jet A, propane, methane, and Hy- 
drogen fuels. Although propane appears to have many desirable properties as lllus- 
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trated in table It has not been considered seriously Us a ftieljfor aircraft. 

One reason is that at present propane is a byproduct of petroleum processing plantSi 
and large scale production of propane would require major plant changes or con- 
struction of new plants. Probably more important is tho fact that propane vapor is 
heavier than air; therefore, when a spill occurs the vapor hangs at ground level and 
provides a safety haaard. In the cases of methane and hydrogen, the vapor densities 
are less than that of air, and the vapor soon disperses Into the atmosphere after a 
spill. Tho hazard la thereby decreased, 


Liquid Methane tor Supeiianic Transport 

Mission analyses, as reported in references 2 to 4, have shown that the payload 
or direct operating cost of a supersonic transport could be appreciably improved by 
using liquid metliane as fuel In place of-the more conventional Jet A fuel. The ga^ff . 
that can be obtained depend on the type of engine used in the aircraft, the mission, 
and the noise constraints. If there were no noise constraints^ the direct Operating 
cost or payload could be improved by more than 80 percent by switching from Jet A 
to liquid methane as a fuel. With noise constraints, which must be considered for 
commercial aircraft, the improyemoAt in payload or direct operating cost is re- 
duced; but the benefits are enough superior to those for Jet A fuel that It Is worth- 
while to continue research on the problems relating to the m?pUoatlon of tmUihowa 
fuel to supersonic cruise aircraft. The g^dns in aircraft performance are due to 
primarily two factors. First, liquid methane has approximately 18 percent more 
energy per pound of fuel than Jet A fuel, Second, the heat sink of methane can be up 
to 7| times that of the Jet A fuel. This high heat sink capacity is very useful for high 
speed aircraft for cooling the engine components such as the turbine, cooling die lu- 
bricating oil and hydraulic fluid, and for controlling temperatures in the passenger 
cabin. Using the methane heat sink for reducing turbine cooling air temperature can 
substantially reduce the amount of compressor air that must be bled from the 
for turbine cooling. This reduction in compressor air bleed can significantly im- 
prove the engine performance. 

There are also a number of problems involved with using liquid methane as an 
aircraft fuel. The most significant problems requiring research are the following: 

(1) Fuel storage in aircraft 

(2) Combustor development 

(3) Engine fuel control and pumping System 

(4) Ground handling and storage In large quantities 

(5) Impact on aircraft size, drag, and design 
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(8) Future methane cost and worldwide availability ! 

Research is presently underway at NASA Lewis Research Center on the first 
three items. Results of this research are discussed later in this paper. Investiga'' 
tions of the remaining three items are expected to be conducted in the future. Some 
discussibn of these remaining three items is required, however. There is consider- j 

able experience with the ground handling of liquid methane gas. Liquid natural gas i 

(about 93 percent methane), which is produced in significant quantities in North 
Africa, is transported by ship to various parts of the World. At the unloading »foas, 
it is stored in various types of facilities, primarily in above-ground insulated tanks. 

The handling and storage problems of liquid methane (or liquid natural gas) for air- 
craft could bo somewhat different. For some airport locations in the world, tho 
methane would probably bo stored as a cryogenic liquid and could bo piped to and ' 

pumped into the waiting aircraft. For other locations, it may be desirable to pipe 
tho methane in the form of natural gas to tho airport. At the airport a Uqulflcatlon 
plant could produce the liquid methane which would be supplied to the aircraft. In- 
vestigations are required to determine the technological and financial effects that [ 

the use of cryogenic fuels would have on airport fuel handling problems. ' 

The use of liquid methane fuel will have a significant effect on the aircraft de- 
sign. Liquid methane 1ms a d^ensity about one-half that of conventional Jet A fuels. ' 

As a result, the storage of liquid methane In the aircraft would require increased 
tank volume: therefore, aircraft size would probably Increase. This Increased size 
could affect the aircraft drag characteristics and could diminish some of the gains 
resulting from switching to liquid methane as a fuel. An InvesUgaUon is also re- j 

qulred on the structural problems that would be involved by storing a cryogenic fuel [ 

with a temperature of approximately -260° P In an alrcran where the outside struc- | 

ture of the aircraft would be heated to temperatures between 400° and 750° F (de- ■ 

pending on the flight Mach number) by aerodynamic heating. The thermal distortion | ^ 

problems that result from these large temperature differences require a detailed 
design study. 

Prelimlaary Investigations have been made on the projected cost and worldwide 
avallabiUty of Uquid methane If it were to be used for a supersonic transport fleet. 

These preliminary investigations indicated the cost to be competitive or probably [ 

lower than that for Jet A fuel In most of the World’s airports. This preliminary In- 
vestigation was conducted prior to the current concern over the possible shortage of 
fossil fuels for both household and industrial needs. As a result, a further investl- 
gation Is required on the feasibility of iislng Uquid methane for a worldwide fleet^- \ 
supersonic transport aircraft. 

Supersonic transport aircraft show the greatest advantages from switching from 1 

: ] 




Jet A fuel to liquid methane, primarily bev ‘use of the need for a large heat sink ca- 
pacity resulting from both turbine ceoUng r ■ quirements and aerodynamic heat input. 
In addition, the number of airports in the Wo; id that would have io supply liquid 
methane would be more limited than if the fue. were to be used for other aircraft. 
There are some advantages, however, to usini; Uquid methane in subsonic aircraft 
and in hoUeoptors. The engine trend for those aircraft is toWird higher turbi.ne in" 
let temperatures. With the higher inlet temperat ires the heat sink capacity of liquid 
methane can bo used very advantageously to lowe* turbine eooUng air temperature 
and thus reduce the quantity of air required. The 4 mailer cooling air quantities im- 
prove engine performance. The higher heating valv ■ of liquid methane, compared to 
Jot A fuel, is also an advantage. Although this disc.' ision on liquid methane refers 
most spoolflcally to supersonic transport aircraft, m . st of tho research being con- 
ducted la equally applicable to subsonic aircraft and h\' lcopter use. 


Liquid Hydrogen for Space Shuttle 

For conventional subsonic and supersonic aircraft wltl gas 'urblne engines, 
liquid hydrogen probably would not be considered as a sultao'e fraal. The primary 
reason is that it has an extremely low density, less than one •‘^en li that of conven- 
tlonalJet A fuel. This low density creates a very difficult Stcrag« problem In con- 
ventional aircraft. A second reason is that hydrogen has very wiUi= flammability 
limits. The danger of ignition and ejqiloslon Would be signlficttv'; in normal everyday 
use. The space shuttle presents a unique application for liquid jrrdrogen as a fuel 
for airbreathing engines. The space shuttle will use liquid hydrcten as a fuel for 
the propulsion rockets. Therefore, hydrogen will already be avai ial» ? in the vehicle. 
The plans for the space shuttle call for airbreathing propulsion in r 9coverabl6 
booster and recoverable orbital vehicles. These engines would be to obtain the 
required cross range and to have the capability for go-around at the iJ^vort t^n 
landing. Using hydrogen that is already in the aircraft eliminates tho f -^l esslty of 
providing separate tanks and fuels for these engines. Another advattU.i;e hydrogen 
is that it has more than times as much energy per pound of fuel aS conventional 
Jet A fuel. These combined effects could result in either a vehicle with r educed 
weight or increased payload if the return airbreathihg propulsion IS required. 

Because of the limited locations where Uquid hydrogen wiU be used ior space 
shuttles, and the fact that provisions wiU already require supplying Uquid iijdrogeh 
Into the vehicle, there are fewer problems that require investigation in the ; ppUca- 
tlon of liquid hydrogen to the airbreathittg engines than there are for Uquitf r >ethOne. 
The only problems that appear to require investigation are 
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(1) Combustor developmem 

(2) finglns fuel control and pumping system 

The combustor development is 63q)ected to be a minor pi?Oblem because hydrogen 
is an-extrdmely reactive fuel and burns easily. NACA conducted tests on gas turbine 
engines burning hydi*ogen in the late 1950's. These tests were conducted both in 
ground test engines and flight test engines. These tests did not thoroughly investi- 
gate the Uciuid hydrogen punning problems nor engine transient operation. As a re- 
sult, additional research is re<luired on engine fuel control and the liquid hydrogen 
pumping systems. This research is presently underway at NASA Lewis Research 
Center. 


HEAT SINK UTILIZATION 

Two methocte of using the heat sink of cryogenic fuels are shown in figures XII- 2 
and xn-3. Figure Xn-2 is a result of an analytical study on the heat ^changers re- 
quired to reduce the cooling air temperature foc-an engine that can be used in a 
Mach 3 transport aircraft. This engine would have a takeoff airflc.? of 478 pounds 
per second. Two heat exchangers would be used for reducing cooling air tempera- 
tures. These heat exchangers would be annular in shape and wrapped around the 
inner and outer diameters of the combustors. The dimensions of the heat ekchai^ers 
are shown in figure Xn-2. The heat exchangers are quite small and Would have very 
little effect on the overall engine dimensions. The conibined weight of the two heat 
exchai^ers is less than 1 percent of the engine weight. With heat exchangers of this 
size the cooling air temperature could be reduced more than 400° F. This reduction 
results in a Significant reduction in cooling airflow. The amount of cooling airflow 
reduction is dependent on the turbine inlet temperature level and the method of cool- 
ing used in the turbine. Reductions of at least 50 percent in the coolant flow re- 
quirements are easily possible with a 400° F temperature reduction of the cooling 
air. 

Figure XU- 3 illustrates a direct coding application using cryogenic fuels. 

Pfl^er VIll by Beheim et al. discusses the research conducted on air cooling an ex- 
haust plug nozzle. Approximately 3. 5 percent of the compressor airflow is required 
to air cool the exhaust nozzle under afterburning conditions. 

Calculations have been made on direct cooling a plug nozzle using Jet A fhel. Ifi 
this case, the fuel would be circulated through small tubes brazed to the internal 
surface of the plug nozzle. The temperature rise of the Jet A fuel is apprmcimately 
560° F using this method of cooling. A temperature rise of this cOuld 

result in fuel coking, which could create some problems in long-term operation. R 
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may be feasible, however, to periodically remove the carbon that has formed in a 
maimer similar to that used in self-cleaning ovens. The plug nozzle would be oper- 
ated at a temperature of approximately 1200° F with air passing through the fuel 
tubes. At this temperature the carbon would oxidize and the tubes would be cleaned. 
This operation could be performed by running the engine without afterburning. 

Research was conducted with AlResearch Manufacturing Company (contract 
NASl-5002) under the sponsorship of the NASA Langley Research Center (ref. 6) to 
investigate the direct cooling of surfaces of hypersonic cruise vehicles with methane 
and with hydrogen. The results of this investigation showed that a configuration (see 
inset in fig. XII-3) could be successfuUy used for cooling panels with methane or hy- 
drogen at heat fluxes equivalent to those in the exhaust nozzle of an airbreathing en- 
gine under afterburning f onditions. The methane temperature rise for direct cool- 
ing,^ using the quantity of fuel that would be burned la the afterburner, would be 
650 F. The resulting final fuel tenqierature would be Sufficiently low that no coking 
would be eijected. H hydrogen were used as a coolant, the temperature rise would 
be only 310 F. There are no coking problems at any temperature level with hydro- 
gen. Under some conditions, however, material problems could develop from hy- 
drogen diffusion and embrittlement, and from surface decarburization. 

An analytical investigation was also conducted (ref. 6) to investigate the feasi- 
bility Of direct cooUng stator vanes of the turbine Using either hydrogen or methane 
as the coolant. This stator vane cooling method results in a somewhat complex con- 
struction problem in order to keep fi-om overcooliag the vane outer Surfeces. Inter- 
ml coolant tubes were separated from the vane shell by means of low thermal con- 
uctivity metal fibers that provided adequate, but not excessive, conductioh between 
the fuel tubes and the outer shell. The results of the investigation show that the 
cooling would be feasible if the vane did not have a long thin traiUng edge. The 
trailing edge region was the only region which Was difficult to cool. The problem in 
the trailing edge is in providing adequate coolant passages into the thin cross section. 


CRYOGENIC FUEL SYSTEM 

A research program is underway to investigate the fuel systems for liquid 
methane and liquid hydrogen fueled engines udder realistic operating conditions. 

The fuel systems are being designed and fabricated under contract (RAS3- 14319) 
with the General Electric Company. These fuel systems will then be installed on art 
eiqierimental engine and tested in the altitude test facility at the NASA Lewis Re- 
search Center. Figure XU-4 presents a schematic Illustration of the cryogenic fuel 
systems that will be investigated. The four heavy boxes in figure Xlf-4 Ulustrittefhe 


components that are similar for conventional fuel systems and for cryogenic fuel 
systems. These common (in principle) elements include boost pump, heat exchang- 
ers for the hydraulic fluid and the engine oil, and engine combustor. For the cryo- 
genic fuel systems, particularly a methane system for a supersonic cruise airci-aft, 
additiotml heat exchangers would be utilized, A heat exchanger would probably be 
used for controlling the air temperature in the passenger cabin. (A secondary heat 
exchange medium would probably be used between the methane and cabin air to en- 
sure against methane leakage into the cabin in the event of a beat exchanger leak.) 
Two additional heat exchangers would be utilized for reducing the cooling air temper- 
ature for the turbine. These heat exchangers would be similar to those shown in 
figure XlI-2. 

One of the most significant changes in the fuel system would be in the fuel pun^. 
Conventional Jet A fuel systems use a pump that bypasses excess fuel back to the 
pump inlet. Such an arrangement is not feasible with cryogenic fuels, because 
part of the fuel would vaporize and the pump would become vapor locked. 

For the experimental fuel system that is to be used in the NASA investigation, 
a variable speed vane pump will be used. Such a pump has been constructed, and 
pumping tests with liquid hydrogen have been started. The pump operation is satis- 
factory, but not enough experience has been gained to establish pump durability. 

Past e}q>erience in ci'yogenic' fuel piunps for flight applications have been limited to 
a few hours of use. Most of these applications have been for space vehicle boosters, 
and long life has not been a requirement. For aircraft use, pump life would have to 
be in excess of 1000 hours. It is expected that considerable development will-be re- 
quired before such pump life can be obtained. 

The fuel control system is also more compUcated than it is for a Jet A ftieled 
engine. The cryogenic fuel would be metered in the vapor state into the combustor. 
Metering in this location would be req\iired to obtain adequate et^ne response time. 
The fuel control must also control the amount of liquid fuel tliat is pumped so the 
quantity of fuel punned matches the quantity of fuel metered to tne combustor. The 
fuel system to be Investigated In the NASA investigation is still in the design stage; 
consequently, no ejmerimentol results are available. 

FUa STORAGE IN THE AIRCRAFT 
Saturated Methane Fuel 

Liquid methane can be stored in either the saturated' or subcooled state. The 
saturated fuel state ic that which occurs when the fuel is at its boiling temperature. 
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This is the equilibrium state of liquid methane fuel and is therefore the state in 
which the fuel can be more easily handled. It wousl be desirable if the fuel could be 
used in this state in the aircraft from the standpoint of ground handling problems. 

A disadvantage of using saturated fuel is that heat addltton or reduced Vent pressure 
(such as occurs with increased alUtude) causes fuel boiloff. 


The amount of boiloff that could occur is shown in figure Xn-5. This figure 
shows boiloff as a function of altitude for two tank vent pressures. If the tank were 
vented to ambient pressure, the figure shows that by the time the aircraft had 
climbed to 70 000 feet, which would be a Ukely cruise altitude for a Mach 3 aircraft 
the boiloff would be approximately 12 percent of the initial fuel weight in the tank. 

Conventional tanks can Withstand some pressurization. If these tanks could be 
pressurized to 4 pounds per square inch above the ambient pressure, the boiloff at 
the end of the cUmb to 70 000 feet would be 8 percent. This boiloff is still excessive 
and would eliminate much of the gain that could be obtained by switching from con- 
ventiofial Jet A fuel te liquid uiethaue* 


The boiloff resulting from change in altitude could be eliminated If the 
were designed to withstand an internal pressure of 1 atmosphere, but boiloff could 
still occur due to aerodynamic heating. Figure XH-6 illustrates the tank weights 
that would be obtained for a number of different types of tanks designs capable of 
withstanding an internal pressure of 15 pounds per square inch gage (psig) These 
results were obtained from references 7 to 9 for wing and fuselage tanks. The or- 
d^te in figure xn-6 is the tank weight as a fraction of the fuel weight Contained 
within the tank. The abscissa is the tank volume as a fraction of the total available 
VO vme within the cavity in the fuselage or the wing where the tank would be located. 
Each data point is the result of a design study of a particular configuration. It is 
desirable to have the ratio of tank volume to available volume as high as possible 
since methane fuel density is low. All available volume in spaces allocated to fuel 
^s would be required for fuel storage. The results shown in figure Xn-d indicate 
that with reasonable ratios of tank volume to available volume the fuselage tank 
weights, including the weight of the insulation, would be of the order of 3 percent of 
the fuel weigM contained. The wing tanks will be heavier because they have a less 
favorable Surface to volume ratio. The wing tank weight can be of the order of S to 
6 percent of the fuel contained within the wing tanks. The insulation accounts for 
approximately one-third of the weights shown for both fuselage and wing tanks 
These tank weights are consistent with the values assumed in the mission analyses 

that showed the gains to be Obtained by switching to methane fuel from converttionai 
Jet A fueL 

There is an advantage to designing the tanks to Withstand pressures greater thkn 
15 psig. These greater pressures would reduce fuel bbiloff due to aerodynamic heat- 
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Ing. The results presented in references 7 and 8 show that tor some tank construc- 
tion methods the weight penalty tor tanks designed tor 30 psig is only subtly greater 
than those designed tor tank pressures of X5 psig because the minimum gage require- 
ments tor tank walls established the weight of the tanks rather than wall stresses. 


Subcooled Methane 

A liquid is subcooled if its temperature IS below the boiling temperature. The 
heat sink is Increased by using subcooled methane instead of saturated methane, ff 
the methane v/ere subcooled approximately 25® F at 1 atmosphere pressure, its vapor 
pressure would be lower than that which would occur at the high altitude cruise point 
with tanks Vented to 4 pel above ambient pressure. As a result, the problem of boll- 
off due to increasing altitude could be eliminated by using subcooled fuel and only 
moderate tank pressurization. Subcooled fuel introduces new problems, however. 
Ground handling is conq)llcated by the need for added refrigeration equipment to keep 
the fuel cooled to a ten^erature lower than the boiling temperature. A more Serious 
problem, however, is the reduced vapor pressure of the fuel when it is subcooled. 
Storing the fuel in a tank, where the fuel vapor pressure is less than ambient atnoo- 
spheric pressure, leads to the risk of tank collapse unless the tank is pressurized to 
keep the pressure inside the tank at least equal to the pressure external to the 
There is a problem finding a suitable pressurknt tor Uquid methane that is insoluble 
and noncondensible at liquid methane temperature. Helium would be a suitable pres- 
surant, but if Uquid methane were to be used as a fuel for a worldwide fleet of super- 
sonic transports, the world’s supply of heUum may be inadequate. Nltrc«eh would 
Seem to be a Suitable pressurant, but nitrogen goes into solution in Uquid methane in 
excess of 11 weight percent at 25® f subcooUng (ref. 10). A possible method of 
using Uquid nitrogen as a pressurant wiU be presented later. 

Another problem involved in the use of sUbcooled methane Is to get the methane 
into the aircraft tanks in a subcooled state. The tanks Will normaUy be warm as the 
result of aerodynamic heating. These tanks must then be cooled by the fuel loaded 
into the tanks. If the fuel iS in a subcooled state when it is loaded in the tanks, some 
or aU of this subcooUng wiU be eUmlnated by cooUng the tanks. This problem has 
been investigated under a NASA Contract (NAS3-12411) with Afartitt Marietta Corpor- 
aUon in Denver. The results of part of this investi^Uon are Shown in figure XU-7. 
This figure shows the quantity of sUbcoOled fuel to be loaded ittto a tank (mnk initially 
at room temperature) to obtain a fuel bulk temperature approaching the supply tem- 
perature. The tank usod in the experiments was otte that represented a wing tank tor 
a supersonic ciniise vehicle, including the insulation system. It can be seen in figure 
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xn-7 that when the tank became initially filled the amount of subeooling of the bulk 
fuel in the tank was only one-half the subeooling of the supply fuel. The fuel sup- 
plied to the tank was continued with the excess fuel being flowed out of the tank vent 
and into other tanks. Figure XII- 7 shows that somewhat in excess of two volumes 
of tank fuel were required before the bulk temperature of the fuel approached that of 
the supply temperature. Having to supply twice as much fuel to an aircraft and re- 
circulate it in order to cool all the fuel to the required temperature would be a prob- 
lem in ground handUng that should be avoided if at all possible. 


Gelled and Slush Methane 


Possible solutions to the problems of nitrogen solubility in subcooled methane 
and the tank cooUng problem can be obtained by first gelUng the methane to decrease 
the convection currents and then partially freezing the methane to make a mixture 
that provides a larger heat sink. Aerojet Liquid Rocket Company is presently in- 
vesUgating (NASA contract NAS3-14305) methods of geUlng Uquid methane. The re- 
sults obtained to date have indicated that adding l| weight percent of water to the 
liquid methane in the form of extremely fine ice crystals results in a gelled solution. 
Tests conducted with subcooled gelled methane have shown that nitrogen solubility is 
almost completely eUmlnated under both static and sloshing conditions for time pe- 
riods consistent with aircraft storage. 

Figure XH-8 shows approximately 600 cubic centimeters of gelled methane in a 
glass Dewar. It is observed that gelled methane is milky in appearance, whereas 
normal Uquid methane is as clear as unpolluted water. Figure XIt-8 shows gas bub- 
bles suspended in the gelled methane, wliich indicates there is a lack of moblUty. 

This lack of mobiUty undoubtedly explains why nitrogen solubiUty is low. The nitro- 
gen probably stiU goes into solution at the methane surface, but due to the miyin g 
currents being essentially eUminated in the gelled methane, only the surface be- 
comes Saturated and solubiUty does not occur in the rest Of the methane within the 
time periods expected for suppvsonic transport fUght. 

Experiments have not as yet been conducted on partially freezing geUed methane 
to provide geUed slush. It would be expected, however, thf*‘ ,gelUng will stabiUae 
the slush so that a homogeneous mixture wiU occur. In loading slush methane into a 
tank, the tank will be cooled by melting the slush. If 60 weight percent of the meth- 
ane were frozen to form slush, the heat slrdc of the slush Would be equivalent to about 
12 F of subcooUng. This much of a heat sink is Ukely to be enough to cool the tanks 
during filUng. The methane will then be left in a subcooled state, and the loading 
problem will be simplUied. 


Methane Tank Insulation 


Insulation systems for methanS tanks are being investigated under NASA con- 
tract NAS3- 12426 with the Martin Marietta Corporation in Denver for both internal 
and external insulation systems. Figure MI-9 illustrates the Internal Insulation sys- 
tem under Investigation. In this system the insulation IS placed inside the tank. A 
unique feature of this insulation is that there are no pressure forces on the insula- 
tion. This elimination of pressure forces results from perforations in the Ktqtton 
film covering the Insulation. These perforations permit the methane contained in 
the tank to permeate the insulation system. The methane that permeates Into the in- 
terior is quickly vaporized. The surface tension of methane provides a Uquld-vappr 
interface at the film perforation. The minimum thermal conductivity of this type of 
insulation system is that of the methane vapor. This conductivity is low enou^ to 
be satisfactory for storage of liquid methane in an aircraft. It is also satisfactory 
for storage of other cryogenics, such as liquid hydrogen in Space boosters. 

The components of the insulation system shown in figure xn-9 include a poly- 
Iraide fleXcore filled with fiber glass. The fiber glass essentially eliminates meth- 
ane vapor convection currents, which would increase the heat flux through the inso- 
lation. The fiber glari is also opacified to radiation by either coating the fiber 
filaments with aluminum or mixing small aluminum particles In with the fiber glass. 
This Opacification to radiation is required to obtain an effective insulation system 
when the external surface is heated to temperatures of the order of 400° to 700° F 
by aerodyanmlc heating. 

Also shown in figure XH-9 is a scrim cloth, which is used as a bonding aid be- 
tween the polyimide flexcore and the tank wall. 

This Internal insulation system is stiU under development and only preliminary 
results have been obtained. The results oMained thus far have been encouraging, 
and it appears that the System can be used in the future after development is com- 
plete. 

Calculations have been made of the boiloff that would be obtained from insulated 
methane tanks (refs. 11 and 12). It is epected that these results would be ppllpa- 
ble to the insulation system shown in figure XH-fl. The bargraphs in figure XD-IO 
show methane boiloff as a fraction of the initial fuel weight contained in fuselage 
tanks for various insulation thicknesses, tank vent pressures, aws methane 
temperatures. It is shown that with a tank pressurized to IS psla, an <«! *». 
thickness of 1 inch will result in a boiloff of approxiinately 2.5 percent of the initial 
fuel weight. As Would br ^ected, the boiloff is approximately inversely proper- 
tlonal to the insulation thickness. The figure also shoWs that if the tank could with- 


stand a pressui^ization ot 30 J)oUoff could be essentially eliminated with 1 inch 
of insulation. 

Figure XlI-10 also iUvstrates the boilott encountered with two different amounts 
of subcooUng using I inch of insulation and the tank at a vent pressure of 4 pal great- 
er than ambient pressure, TWs portion of the figure shows that if of initial sub- 
cooling could be obtained, the bolloff would be less than would occur If saturated 
methane were stored in a tank pressurized to 15 psia. The figure shows, however, 
that the amount of subcooling obtained is very critical, if only 20° of subcooUng 
were obtained, the bolloff would be greater than fov the pressurized tanks. As il- 
lustrated in figure Xll-7, it may be difficult to get the amount of subcooUng that is 
desired. As a result, considerable research is stiU required to determine if ade- 
quate subcooUng could be utlUzed in aircraft tanks. 

J igure XII- 10 shows bolloff results for fuselage tanks. The bolloff for wing 
tanks is sUghtly less-thatt that for fuselage tanks because the pilot would probably 
expend fuel from the wing tanks first. These tanks would therefore be emptied dur- 
ing the first half of the mission. Boiloff stops when the tanks become dry. The total 
bolloff for both fuselage and wing tanks for a typical Mach 2 . 1 supersonic transport 
mission amounts to less than 2 percent of the total fuel contained in the aircraft. 
Calculations in reference 12 indicate that If the fUght Mach number were increased 
to 3. 5 for the identical Insulation system, the total fuel bolloff would increase to only 
2.25 percent of the initial fuel contained in the aircraft. 


METHANE COMBUSTORS 


Research has been conducted using swirl can combustors with methane as a fuel 
at NASA Lewis Research Center. The swirl can combustors, illustrated in figures 
xn-11 and xn-12, are Similar to those discussed in paper IV by Qrobman et ai, and 
in references 13 and 14. Combustion efflcieney data are presented in figure Xn-l3, 
which shows that Combustion efficiencies of aMproatimaiely 100 percent cart be obtained 
at r-^erence velocities of the order of 00 to 90 feet per second. Reference Velocities 
of this magnitude are consistent with low pressure losses in airC^Ut combustors. 
Combustion efficiencies Sitoeeding lOO percent, shown In figure Xft-13, result from 
uncertainties in temperature rise measurements. 

The figure also shows that the combustion efficiency is influenced by the temper- 
ature of the methane entering the combustor. During supersonic crUlSe, the 
wiU be heated to temperatures between 600° and 1200° Pj therefore, high combustion 
efficiencies can be expected. During the limited operation of engine startup, idle, 
and letdown at subsomc speeds, the methane entering the combustor could be at a* 


lower temperature. Per these condittons some penalty in combustion efficiency is 
Ukely to occur. It appears, however, that combustion efficiency in a properly de- 
signed methane combustor need not be a problem. 

Figure XIl-14 shows blowout limits for two types of combustors u sin g Jet A and 
methane as fuels. The blowout limits are not satisfactory for either combustor, but 
the primary conclusion drawn from figure XlM4 is that the blowout Umlts tor meth- 
ane are inferior to those for Jet A. It is indicated, therefore, that research will 
have to continue on obtaining combustors with adequate blowout limits tor methane. 
The actual fuel used to obtain the data in figures XU- 13 and XH-14 was natural gas. 
Natural gas contains approximately 03 percent rnetliane. The results are ejqjected 
to be the same as if pure methane were used. 


CONCLUSIONS 

It can be concluded from the Investigations that there are no insurmountable 
problems for utilizing either liquid methane or liquid hydrogen as fuels for aircraft 
gas turbine engines. Additional combustion research is required for liquid methane 
primarily to Improve the blowout limits at high altitude. 

Engines have been run at NASA and at aircraft engine plants with both methane 
and hydrogen as fuels during the last 16 years. There is no question that engines 
can run on these fuels. More research is required, however, on the fuel control 
and pumping systems where the liquid methane or hydrogen is pumped in the liquid 
state, vaporized and superheated in heat exchangers, and them metered in the vapor 
state to the combustor. Cryogenic punq>s that will hr.ve adequate life for long time 
aircraft operation will undoubtedly be a development problem. 

Investigations have not been made of overall aircraft problems resulting from 
using liquid methane as a fuel. This low density, cryogenic fuel will affect aircraft 
size, drag, and the Structural design requirements to accommodate the large tem- 
perature differences between aircraft structure adjacent to the Uquld methane and 
the outside aircraft surfaces which are subject to aerodynamic heating. 

Methane fuel availability and cost are thought to be satisfactory for aircraft use, 
but recent forecasts of possible shortages of fossil fuels make it necessary ta inves- 
tigate further the availability arid cost. 

The ground handling of liquid methane fuel at airports Would be fcir different 
from the present ground handling methods used for Jet A fuel. As a result, there 
Would be significant changes to the airport fuel supply systems, and nearby Uquid 
methane liquefaction plants might be required. 


There is nd assurance at this time that Uquid methane fuel will be used in future 
supersonic transports, ft appears, however, that there are no great problems in- 
hibiting its use. It is quite possible that the advantages gained due to its higher 
heating value, reasonable cost, and greater heat sink might make future supersonic 
transports more attractive than those using conventional Jet A fuels. 
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TABLE XIM, ~ COMPA ISON OP FUEL PROPERTIES 



Jet A 

Propane 

Methane 

Hydrogen 

Hydrogen-’carbon ratto 

0.16 

0.22 

0.33 


Heating valuo, Btu/lU 

IB 600 

10 700 

21 100 

40 000 

Limiting wso temperature, “p 

400 

850 

1250 

on 

Heat sink, Btu/lb 





To limiting use tempornturo 

17B 

708 

1320 

'^7000 

To 1000“ P 

700 

820 

1085 

4050 

Bolling temperature, 

360 

•44 

-259 

-423 

Density, Ib/ft^ 

50.5 

30.2 

26.0 

4.4 

Flammable limits. 

52 to 400 

f 1 to 280 

46 to 164 

14 to 250 

percent dtolchlometrlc 





Relative cost per Btu 

1.0 

®0.8 to 1.0 

^^0.8 to 1.0 

6 


^Estimates based on available information. 
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XIII. ADVANCEMENTS IN BEARINGS, 

SEALS, AND LUBRICANTS 

Erwin V. Zaretsky and Lawrence P. Ludwig "19464 

Advances In alrbreathtng turbojet engines have dictated thnt bearing mate- 
rials and lubricants operate at higher temperatures, higher speeds, and higher- 
loads. The first generation supersonic transport (SST) turbine engine main-shaft 
bearings will operate at a bearing temperature of 428° P and a maximum speed of 
1.3 million DN. It Is anticipated that more advanced engine, designs may rS(^lre 
bearings to operate at temperatures between 500° and 850° F and speeds of ap- 
proximately 2 million DN. Projection of these trends wwld predict bearing tem- 
peratures to 600° F and bearing speeds of 3 to 4 million DN, which Would produce 
higher bearing operating stresses (fig. XIIl-1). 

Aircraft gas turbine engines have main-shaft seals to restrict gas leakage 
into the bearing compartments (sumps). Various types of shaft seals are used; 
some engines use labyrinth seals exclusively; others use face and/or circum- 
ferential type contact seals. Labyrinth seals have the disadvantages of high leak- 
age rates and associated debris passage; long operating life and reliability are 
the chief advantages as compared to rubbing contact tv*'- seals. The contact seals 
have low leakage capability but are limited in press«ie differential and Speed be- 
cause of rubbing contact. For conventional contact seals, current limits are 
sealed pressure differential near 128 psi, sliding speed of 350 feet per second, 
and sealed gas temperature of 800° F (ref. 1). 

Main- shaft seal conditions are shown in figure XlII- 2. fa 19t0 the require- 
ments are sliding speeds of approximately 400 feet per second with air pressurea 
of approximately 250 psi and gas temperatures of approximately 1000° F, It is 
predicted that future requirements will be sliding speeds in the range of 800 to 
600 feet per second, air pressures of 400 to 500 psi, and air temperatures near 
1400° F. 

The work reported herein is a summary of the rolling- element bearing and 
seal state of the art with emphasis on NASA contributions to solving problems en- 
countered in advanced airbreathing turbojet engines. 
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ROLLINO-aEMENT BEARINGS 


to order to eeeure proper bearing operation at elevated temperatures, a lubri- 
cant mmls required to separate the contacting components. This is Ulustrated in 
figure A ball or roller is in contact With a surface, The ball deforms be- 

cau^se of the force which is placed on it and the elastic properties of the material 
Under dynamic conditions and-wlth the introduction of a lubricant, a film, which 
is referred to as an elastohydrodynamic (BHD) film (due to the elastic doforma- 
tion of the materiel and the hydrodynamic action of the lubricant), is formed be- 
tween the two surfaces (ref. 2). This film, which is generally dependent on lu- 
brtcant base stock and viscosity, is of the order of 6 to lO millionths of an Inch 
thick at elevated temperatures (ref, 8), 


A commonly accepted minimum tolerable hardness for bearing componohts 
is RockweU C 88. At a hardness below this value, brlnelllng of the bearing races 
can occur. Since hardness decreases with temperature, conventional bearing 
materials such as SAB 82100 can be used only to temperatures of about 360° B. 
Much effort has gone Into developing steel alloys suitable for nlgher temperatures. 
The addition of elements such as molybdenum, tungsten, chromium, and vana- 
dium promotee the retention of hardness at elevated temperatures, other mate- 
rials which promote hardness retention are aluminum and silicon (ref. 4). 

Several bearing alloys are available for operation between 880° and 7*80° P. 
The most common of these is AISI M-80. to most turbojet applications, this ma- 
erlal is used mtcluslvely. The material has the capabUity of maintaining a hard- 
ness above Rockwell C 88 to temperatures of approximately 600° P (rrf. 4). 

Retainers (cages) are a much more severe problem in small-bore bearings 
than in larger ones, fa extreme-speed applications of nmall-bore bearings. It is 
frequentty necessary to use a sUver-plated, semihard, tool steel retainer rather 
than a bronze and oU-mlst lubrication rather than recirculating oil to reduce 
churning losses, to large-bore beatings, retainer failure Is much less common 
than in small-bore bearings (ref. 4). 


HIGH-TEMPERATURE LUBRICANT SELECTION 

Groups of 7208-slse (28-mm bote) angular- contact bail bearings made from 
consumable-electrode vacuum-melted ABI M-1 steel were tested with the 11 lu- 
bricants (table Xfll-1) In a low-oxygen environment (less than 1 percent By vol- 
ume). These lubricants Varied with respect to base stock, additive content, or 
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TABLE Xin-l, - TEST LUBRICANT PROPERTIES 


Lubricant 

type 

Lubricant 

designation 

Base stock 

Additive 

Content 

Representative 
viscosity, cS® 





100° P 

210° P 

•*800° P 

Modified 

polyplionyl 

other 

A 

Blend of three*’ 
ring and f ear- 
ring compo- 
nents 

Not avail- 
able 

20 

4.3 

0.82 


B 

Blond of throo- 
rlng and four- 
ring compo- 
nunls 

Not avail- 
able 

60 

6.9 

.86 

Polyphonyl 

C 

6P4E 

None 

366 

13.1 

1.07 

ether 

D 

6P4E 

(c) 

365 

13.1 

1.07 


E 

dPSE 

None 

1831 

24.7 

1.20 

Ester 

P 

Mixed polyester- 
dl ester 

Not avail- 
able 

40 

8.4 

1.70 


G 

Dlester 

(c),<d),(e) 

37 

7.8 

1.50 

Hydrocarbon 

H 

Synthetic 
paraffinic oil 

None 

314 

32 

2.9 


I 

Synthetic 
paraffinic oil 

(d) 

314 

32 

2.9 


J 

Superreflned 
naphthenic 
mineral oil 

(c), (d), (e) 

79 

8.4 

1.1 


K 

Superreflned 
paraffinic 
mineral oil 

None 

480 

28 

2.1 


^Manufacturers* data. 
**Estlmated. 
'^Oxidation inhibitor. 
**Antiwear additive. 
®AntIfoam agent. 
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vtecosity at room temperature. Toet condttione inoluded speeds from 20 000 to 
4S 000 rpm and bearing thrust loads from 190 to 918 pounds, which produced 
maximum Herts stresses ranging from 189 000 to 847 000 psl on the bearing inner 
race, The test conditions Included outer- race temperatures of 400*^ to 600*^ P 
(ref. 9), 

Types of high-temperature failure modes are discussed in references 0 
and 7, These modes can be categorised as fatigue pitting, surface glazing and 
pitting, and surface smearing or deformation. The fatigue failures reported in 
thia paper wore associated with more surface distress (glazing and superficial 
pitting) than classical fatigue spalls normally mperienced under more convon« 
tlonal temperature environments . An example of this fatigue failure is given lu 
figure Xin-4. A normal appearing race run under good elastohydrodynamlc 
(BHD) conditions is shown in figure XHl-B(a) for comparison. 

Surface glazing, which can be present without spalling occurring, is illu- 
strated in figure xm- 6(b). Continued operation results in superficial pitting, as 
shown in figure Xni-B(c) and/or wear of the rolling-element surfaces. This con- 
dition was present in all bearings run with the various lubricants except lubri- 
cant 1. Tlie glazing was more severe with the bearings tested with the polyphenyl 
ethers, which were short lived. H operation of the bearing is continued under 
the condition shown in figure Xlll- 6(c), spalling of the rolling- element surface 
wUl occur as Ulustrated In figure xm-4. References 6 and 7 attribute the glaz- 
ing phenomenon to marginal elastohydrodynamlc film thicknesses. Under mar- 
ginal elastrohydrodynamic lubrication, high tangential forces can be induced 
which will tend to relocate the maximum shearing stresses closer to the surface 
(ref. 8). Under these conditions, more shallow fatigue spalls would be expected 
than normally occur under complete elastohydrodynamlc conditions. 

It is interesting to note that, With lubricant t (the synthetic paraffinic oil 
with the antiwear additive), no gazing, superficial pitting, fatigue spalling, or 
wear occurred for all 10 bearings tested. Bach of these bearings was run for at 
least 180 hours. Bor the same lubricant without the additive (lubricant H) under 
the same conditions (l.e. , temperatures between 680** and 800° f) Some 
was observed. It is conceivable that antiwear additives will reduce the tangential 

forces under marginal elastohydrodynamlc conditions and thus increase K«*nrlnir 
life. 

Another mode of failure at elevated temperature is that of "smearing. " This 
mode is illustrated in figure xttl- 5(d). Smearing manifests Itself by gross metal 
transfer, deformation, and/or galling of the roiling- element surfaces. It is be- 
lieved that smearing occurs when the condition Is primarily that of boundary lu- 






brlcatlon accompanied by a high degree of sliding In the ball- race contact. This 
mode of failure was dominant for those bearings which failed other than by fatigue 
spalling. 

Cage wear can be another failure mode In high- temperature bearing opera- 
tion. Based upon work reported in references 9 and 10, cages were manufactured 
from AISI M-1 material having a nominal hardness of Rockwell C 68. To fuller 
assure minimal wear, the cages were silver plated. In all bearing tests In this 
Investigation, cage wear was not a mode of failure. 

Lubricant oxidation can be another mode of failure (ref. 11). When a lubri- 
cant starts to fall through oxidation, the result Is usually formation of beth sol- 
uble and Insoluble compounds that may appear as resins, sludges, or acidic com- 
pounds. The resulting effects are the following: 

(1) A gradual rise In viscosity of the lubricant 

(2) The formation of adherent surface deposits that may Interfere In small 

clearance spaces In the bearing 

(3) Corrosion or deterioration of the metal parts 

(4) General dirtying of the system by sludges or other Insoluble compounds 

Lubricant viscosity changes were not a problem in the tests reported in this 

paper Inasmuch as fresh lubricant was periodically added to the test rig to re- 
plenish tiiat lost becaxme of evaporation or leakage and because of the low-oxygen 
environment in most of the tests. Consequently, bulk viscosity change was not 
apparent for the lubricants tested. In addition, corrosion or deterioration of the 
bearing elem^ts did not occur or manif^t itself with the various test lubricants. 
This may have been due to the relatively short testing times. 

Formation of sludge appeared to be a minor problem with lubricant C, the 
5P4E polyphenyl ether. However, this problem could be reduced either by the 
Insertion of a copper screen In th ) lubricant test sump or by the addition of an 
oxidation Inhibitor as in lubricant D. The mcperience with the other polyphenyl 
ether lubricants was similar. Sludging was not increased by exposing lubricant D 
to an air environment at elevated temperature. No deposit formations appeared 
on the bearings with the polyph^yl ethers. 

The esters had a tendency to form hard coke deposits on the bearings at 
500 F under the low-oxygen environment. The hydrocarbons exhibited no notice- 
ably hard coke formations under the low-oxygen environment, although the fluid 
became blackened and some sludge deposits were evident after extended running 
at 600° F. 

Based upon the failure modes discussed In this paper, the lubricant temper- 
ature, stress, and life limits were estimated and are summarized In table Xm- 2. 


TABLE Xni-2. - ESTIMATE OE LUBRICANT TEMPERATURE, STRESS, 
AND LIFE LIMITS BASED ON OPERATION OF 7205-SIZE ANGULAR- 


CONTACT BEARINGS IN A LOW-OKYGEN ENVIRONMENT 


Lubricant 

type 

Lubri- 

cant 

designa- 

tion 

Estimated 

maximum 

bearing 

operating 

temper- 

ature, 

Of 

Estimated 

maximum 

Hertz 

stress, 

psi 

Estimated 
Ilfs po- 
tential at 
maximum 
temper- 
ature and 
stress, 
(a) 

Apparent minimum 
viscosity for 
avoidance of ball- 
race contact sur- 
face damage, 
cS 

I 

Polyphenyl 

A 

>500 

>233x10® 

Fair 

0.7 to 1.0 

ether 

B 

>560 

>230 

Fair 



C 

>600 

>302 

Poor 



D 

>600 

>250 

Fair'^ 



E 

>600 

>233 

Fair 


Ester 

F 

>500 

>233x10® 

Good 

1.5 to 1.7 


G 

>500 

>260 

Good 

1.5 to 1.7 

Hydro- 

H 

>560 

>250x10® 

Good 

0.9 to 2.5 

carbon 

I 


>250 

Excellent 



J 


>268 

Good 



K 

f 

>250 

Good 

ir 


2i li 

^Comparison based on performance of lubricant I, ! 

Air environment. \ 


The estimated bearing life potmtial was based upon the appearance and perform- 
ance with the lubricant relative to the appearance and performance of those bear- 
ings run with lubricant I, the snythetic paraffinic oU with the antiwear additive. 

Damage to the bearings In the form of surface distress and pitting of the race 
surfaces occurred in relatively short time periods with the polyphenyl ether lu- 
brtcants. Consequently, the life potential with this family of lubricants was ehii- 
mated to be only fair relative to the performance of lubf*icant I under the respec- 
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tlve temperature and stress conditions listed. However, the bearings operated 
with lubricant C, the 5P4E polyphenyl ether without an oxidation Inhibitor, ex- 
hibited a poor life potential In the low-oxyg6n environment even at lower stresses 
than that listed. The ester and hydrocarbon based lubricants showed good life 
potential relative to lubricant I with minimal surface distress at temperatures of 
the order of 500° and 550° E, respectively, under the low-oxygen environment. 

BEARING LIFE AT ELEVATED TEMPERATURE 


Tests were conducted with ABEC-5 grade, split- Inner- race 120- millimeter- 
bore angular- contact ball bearings having a nominal contact angle of 20°. The 
inner and outer races were manufactured from one heat of consumable- electrode 
vacuum- melted (CVM) AISI M-50 steel, and the balls were manufactured-irom a 
second heat. The nominal RockweE C hardness of the balls and races was 63 at 
room temperature. Each bearing contained 15 balls of 13/16-lnch diameter. The 
cage was a one-piece outer-land- riding type made of a nlckel-base alloy (AMS 
4892) having a nominal Rockwell C hardness of 33. The retained axistenlte con- 
tent of the ball and race material was measured at less than 3 percent. The 
Inner- and outer- race curvatures were 54 and 52 percent, respectively. All 
components with the exception of the cage were matched within ±0. 5 Rockwell C 
point. This matching assured a nominal differential hardness In all bearings 
(l.e. , the ball hardness minus the race hardness, commonly called AH) of zero 
(refs. 3, 12, and 13). 

Test conditions were a thrust load of 5800 pounds, which produced a maxi- 
mum Hertz stress on the Inner race of 323 000 psl, an outer- race temperature of 
425° E, and a speed of 12 000 rpm With an advanced ester lubricant and a syn- 
thetic paraffinic oil In an air environment. The results of these tests are shown 
in figure XIII-6. The ester fluid produced lives approximately 6 times the Antl- 
Frlctlon Bearing Manufacturers Association (AFBMA) predicted (catalog) life, 
while the synthetic paraffinic oil produced lives over 10 times the AFBMA lives. 
Current-state-of-the-art bearings and lubricants at 850° F In flying aircraft pro- 
duced lives approximately 6 times the AFBMA prediction. 

At temperatures above 425° F the viscosity of an ester fluid Is such that It Is 
questionable whether the fluid can produce an adequate EHD film. On the other 
hand, the viscosity of a Synthetic paraffinic lubricant Is adequate to support an 
EHD film but the lubricant oxidizes rapidly. As a result, at temperatures much 
above 426° F, a relatively low-oxygen environment must be provided. 


bearing testa were conducted at outer- race temperatures of 400°, 300°, and 
600° f with the synthetic paraffinic fluid under a low-oxygen environment (less 
than 0, 1 percent oxygen by volume), there were no statistical differences be- 
tween these low-Oxygen environment tests nor any statistical difference between 
those tests run in air with the same fluid. As a result derating in bearing life is 
not necessary at temperatures between 400° and 600° F, nor when running under 
a low-oxygen environment. 

Typical fatigue spalls occurring on the balls of a bearing run with the syn- 
thetic paraffinic oil can be seen in figure XIII- 7. Metallurgical examination of 
the bearings indicated that failure was by classical rolling- element fatigue. The 
fatigue spalls were of subsurface origin, initiating in the zone of resolved maxi- 
mum shearing stresses. An unfailed bearing run to suspension (500 hr of opera- 
tion) is shown in figure XIII-8. 

Tests were conducted with the 6P4E polyphenyl ether at an outer- race tem- 
perature of 600° F in an air environment. At a maximum Hertz stress of 
323 000 psl, mixed lubrication existed with boundary lubrication being the pre- 
dominant mode. As a result, the thrust load was lowered to 4366 pounds, which 
produced a maximum Hertz stress on the inner race of 295 000 pel. A series of 
26 bearings was tested in an air environment. Despite this apparently less hos- 
tile environment and the reduced load, most of the tests wlthihe polyphenyl 
ether had to be suspended becavuse of a large amount of ball wear. In tests run- 
ning from 2 to 65 hours, the average reduction in ball diameter was approxi- 
mately 0. 001 inch. After a relatively short running time, a stable suspension 
of wear particles manifested Itself in the polyphenyl ether fluid. These particles 
can act as an abrasive which may accelerate the wear processes. However, 

10 bearings ran for over 450 hours (325x10® inner- race revolutions) with mini- 
mal wear. The ball diameters on these bearings were reduced by not more than 
0.0003 inch. On all the bearings tested, glazing of the contacting surfaces was 
present. However, with the long-lived bearings, no micropittlng of the surface 
accompanied the glazing. 

Of the 26 bearings tested, only 2 failed by fatigue. This is an insufficient 
number of failures to permit an accurate life estimate. However, a rough esti- 
mate of life with this fluid was made on the basis of the fatigue data. The life 
estimate is presented in figure XIII-9 and Is compared with the lives obtained 
with synthetic paraflinlc oil under similar test conditions. 

With the polyphenyl ether, oil consumption was quite high. It was estimated 
that at least 30 percent of the oil was lost by evaporation during a 24-hour op6r- 
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ating figylod. Because of this evaporation, fluid had to be periodically added to 
the sump. 

Tests were performed with a-fluorocarbon fluid which was not Investigated 
with the 25- millimeter bearings previously discussed. Preliminary tests with 
this fluid at 600° P and a thrustdoad of 6800 pounds under a low-oxygen environ- 
ment .(less than 0. 1 percent by volume) produced considerable ball wear and/or 
surface distress. These tests Indicated that, at a maximum Hertz stress of 
323 000 pal, mixed lubrication existed with boundary lubrication being the pre- 
dominant mode. As with the polyphenyl ether the thrust load was lowered to 
4365 pounds, which produced a maximum Hertz stress on the Inner race of 
295 000 psl. The fatigue results With this lubricant are summarized, in fig- 
ure xni* 9 and are compared with those for the other two fluids tested. 

Whl‘« the fatigue life with the fluorocarbon was approximately three times 
that predicted by the APBMA, the performance of the fluid was not consistwt. 
The predominant lubrication mode ranged from boundary to elastohydrodynamic 
at the maximum Hertz stress-of 295 000 pel. Some ball wear was apparent, as 
evidenced by a decrease In ball diameter of 0. 005 to 0. 002 inch within 600 hours 
of operation. However, there were tests which had to be aborted because of 
rather ext^islve wear. Conversely, there were some tests, which were termi- 
nated at 600 hours, exhibiting extremely good surfaces with no evidence of Incip- 
ient fatigue failure or measurable wear. It Is speculated that this fluid may be 
very sensitive to minute variations In bearing geometry and/or very minor 
changes In the test conditions. 

Based upon Its chemical makeup, the fluorocarbon fluid has the greatest po- 
tential as an extremely high-temperatufe lubricant. It exhibits a number of prop- 
erties which make It extremdy attractive to engine designers, chief among which 
IS Its Inherent fire-Safe operation. Conversely, the corrosive aspect ml^t tend 
to make It difficult to apply In existing lubricating systems, although this should 
not be a major problem In advanced engines, where the lubricating system can be 
designed with materials which will accommodate this undesirable characteristic. 
However, as noted previously, the fluid did not exhibit the severe corrosive ef- 
fects which had been anticipated and. In fact, the overall damage to either the 
test facilities or the test bearings themselves was within acceptable limits. 

The most serious drawbacks of the fluorocarbon fluid appear to be Its nigh 
density and Its low thermal conductivity. As a result, the fluorocarton- 
lubrlcated bearings, for Identical operating conditions, tended to stabilize at a 
temperature approximately 100° to 125° P above that observed for the bearings 
lubricated with the other fluids. Additional lubricant cooling was provided to 


overcome this problem. Hence, In order to accommodate this fluid In a turbine 
engine, it will be necessary to reevaluate the engine cooling system and/or to 
make changes in the basic bearing design to decrease heat generation. 


BEARING MATERIAL AND SELECTION 
Bearing Retainers (Cages) 

At temperatures above 600® F , t^ts have indicated that bearing cage wear 
can be a limiting tactor In the operation of bearings under the severe lubrication 
conditions encountered at these elevated temperatures. Therefore, in addition 
to the race and the rolling- element material, careful consideration must be given 
to the choice of cage (retainer) material. 

to conventional rolling-element bearings, both metallic and nonmetaUlc 
cages have found widespread use. Under normal temperatures, for nonaerospace 
applications, practically all the roller bearings and a Iju^e percentage of the ball 
bearings in use have been equipped either with Stamped cages of low- carbon Steel 
or with machined cages of iron-slllCon bronze or lead brass. Precision bearings, 
such as those used for aerospace applications, are usually equipped with cages 
machined from copper alloys or nonmetalllc phenolic materials, to some appli- 
cations, Where marginal lubrication mdsts during operation, such as at high 
temperatures, silver plating on the bronze has been used. Phenolic materials 
are limited to temperatures of approximately 260° P, while copper-base alloys 
are suitable for operation to approximately 600° F. Above 600° F, some suc- 
cess has been obtained with low-carbon steel or cast-iron c^es, but, generally, 
the most successful high-temperature cages have been nickel- base alloys. One 
of the nickel-base alloys used is AMS-4892 (rrf. 11). 

Other materials which have shown promise are high-temperature plastics 
which exhibit low friction and wear characteristics, hl^-alloy steels capable of 
maintaining their hot hardness at elevated temperatures, and stainless steels. 

Results of 30- minute tests at a test temperature of 500° F with a naphthenic 
mineral oil as the lubricant for six materials are shown In figure XIlI-10. At ' 
this set of conditions, four materials show promise of operating for extended 
periods of time: M-1, AMS-4892, modified 440C stainless steel, and a basic 
oolyimide polymer. Tests were also conducted at 700° F with the same mate- 
rials but with the 5P4E polyphenyl ether as the lubricant. The results of these 
tests are shown in figure XHI- 11. At this condition, the M-1, AMS-4892, and 


440C stainless steel matertals show the greatest Bromlse. The high wear with the 
polylralde Is not totally unexpected Inasmuch as thermal degradation of this poly- 
mer begins at 700^* F (ref. 14), The addition of 16 percent by weight graphite to 
the basic polylmlde polymer had no effect on the wear results at 600° F. 

In both the 600° and ttie 700° F tests, the M-1 and AMS-4892 materials ex- 
hibited the least amount of wear relative to the other materials. It, thus, can be. 
concluded that for elevated-temperature bearing applications M-1 and AMB-4862 . 
of Rockwell A hardnesses 81 and 67, respectively, have potential bearing cage 
application. 

Additional tests Indicate that for the M-1 and AMS-4b92 materials, cage 
wear decreases with Increasing hardness. However, for small differences In 
hardness of the modified 440C Stainless steel materials, there was no significant 
difference In wear. Operating temperature will, of course, decrease material 
hot hardness. The effect of Increasli^ temperature from 600° to 700° F With 
M-1 and A»ffi-4892 cage materials run with the naphthenic mineral oil as the lu- 
bricant shows that wear wUl Increase two to five times, depending on the mate- 
rial and Its heat treatment. However, the Rockwell A hardness for M-1 and 
AMS-4892 decreases approximately 1 and 0. 5 point, respectively, because of the 
Increase In temperature from 600° to 700° F. These differences In hardness are 
not sufficient to account for the marked increases la wear. It can therefore be 
concluded that, with these materials, temperature affects the amount of wear 
through its effect on the lubrication process. 

From these results It can also be concluded that, in general, potential hlgh- 
temperature cage materials of ttie types reported herein should be heat-treated 
to their maximum room-temperature hardn««s, while sufficient ductility to pre- 
vent cracking is maintained. In application, however, the roUii^- element mate- 
rial should be somewhat harder than the cage material to prevent damage to the 
rolling elements. Wear- resistant platings or coatings may also be used to re- 
duce cage wear. 


Bearing Steels 

Three bearing materials were investigated at 600° P (ref. 15). These were 
ABl M-SO, WB-49, and ABl M-1. Affil M-60 IS a martensitic high-speed tool 
steel which has been used In critical bearing applications for the past decade. 
The steel was developed primarily for Use as a hlgh-strertgth, highly Wear- 
resistant tool steel. It has inherently high hafdness and good compressive 


strength. Its operational temperature capability Is In excess ol 600^ F. 

The material as presentty available Is produced by the consumable- electrode 
vacuum-remeltlng process, utUiaing either an air- melted or an induction- vacuum- 
melted electrode. The M-60 Is characterised by a fine-grained martensitic ma- 
trix (with relatively uniform, small and well dispersed alloy carbides) compared 
to the other two materials evaluated. The material has good through hardenabll- 
Ity. For the test beaxdngs, the material hardness was controlled at room tem- 
perature to Rockwell C 63*1 for the rings and Rockwell C 63*0. S for the balls. 
Thls-materlal was used for all the lubHcant tests previously mentioned In this 
paper. The results with bearings made from this material, are shown In figures 
Xm-6, Xm-9, andXni-12. 

ABI M- 1 is also a high-speed tool steel which has been under Investigation 
as a potential hi§di* temperature bearing material for a number of years. This 
material tends to have rather large carbides which agglomerate or band. Since 
these massive carbides will act as nuclei for fatigue failure, assuming they are 
located In the critical stress region, they may tend to reduce the rolling-element 
fatigue life. The material hardness for the test bearings was controlled to 
Rockwell C 63*1 for the rings and Rockwell C 63*0. 5 for the balls. The bear- 
ings Were of the same design as the AlSl M-50 beaidngs. The fatigue results ob- 
tained with this material are shown in figure xm-12 and compared with the M-50 

bearings under the same operating conditions. 

WB-49 is a material developed specifically for high- temperature bearing ap- 
plications (ref. 18). It contains considerably more alloying elements than either 
the M-50 or the M-1 material. The inherent difficulty with this material is the 
tendency toward rather massive carbide segregation which, at least In the present 
case, could not be sufficiently broken up during forging to eliminate Its effect as 
a stress raiser. 

The WB-49 rings were heat-treated to a room-temperature hardness of 
Rockwell C 64*0. 5. The WB-49 bearings utilized M-1 tool-steel balls from the 
same heat as that for the ASl M-1 bearings. Previous experience (ref. 9) has 
shown that WB-49 balls could not be manufactured without producing Incipient 
microcracking. As a result, balls made from WB-49 had extremely short fa- 
tigue lives. 

Fatigue results with the WB-49 bearings are compared with those of the AlSl 
M-50 and ABI M-1 bearings in figure Xltl-12. 

From these data, the fatigue-life difference between the M-60 ahd M-1 steels 
can be considered statistically insignificant at 600° F. However, the difference 
between the WB-49 and both the M-50 and M-1 materials Is statistically slgnifl- 


432 


Bigniftcant. For tba M-BO and M-1 bearinge run with the synthetic paratfinlc oil, 
the experimental bearing 10-percent life exceeds the AFBMA-predicted (catalog) 
life by factors in excess of 13 and 6, respectively. As a result, for these two 
materials no derating of bearing life is required. However, the Ufe of WB 49 was 
less than half the APBMA-predlcted (catalog) life. Hence, this material would 
have to be derated. 


SPEED EFFECTS ON BEARING UFE 
Effect of Reduced Bail Mass 

When ball bearings are operated at DN values above 1. S million, centrifugal 
forces produced by the balls can become significant. The resulting increase In 
Hertz stresses at the outer- race ball contacts can seriously shorten bearing fa- 
tigue life. There are several possible approaches to solving this problem. 

The first and most obvious approach Is to optimize the bearing internal ge- 
ometry for maximum life using a high-speed, ball-bearing-dynamics computer 
program (ref. 17), This Will yield the optimum ball diameter and number, race 
curvatures, and contact angle. However, this approach will not yield more than 
a small, incremental improvement in life over that of bearings now in use. As 
a result, less conservative approaches must be considered. 

Another approach is to reduce the mass of the ball. A BO-percent reduction 
in ball weight, while maintaining the ball diameter constant, can theoretically re- 
sult in a significant increase in life at DH values greater than 3 million. The ef- 
fects of decreasing ball weight in a ISO- millimeter- bore ball bearing are Illu- 
strated in figure xm-13. For the 9000- and 1000-pound loads, the life can be 
increased more than three times at the higher DN values simply by reducing the 
ball mass 50 percent. 


Sphorically Hollow Balls 

One means of reducing the ball mass iS to manufacture hollow balls. Spher- 
ically hollow balls are fabricated by forging two hemispherical shells by riectron- 
beam welding, and finishing and heat treating the hollow balls by methods nor- 
mally used in the manufacture of conventional solid balls. 


Hollow balls of ll/ia-lncb diameter wltn 0,060- inch wall thlokneaa wore fab- 
ricated In thlfl manner and fitted to 76-rallUraeter-bore ball boarlnga. The bear- 
ings wore operated at 600- and 1000-pound thrust loads at speeds up to 18 OOO rpm 
(1, 36 million DN), A superreflned naphthenic mineral oil was used as the lubri- 
cant in an air-oil mist with flow xatos ranging from 0. 01 to 0,07 pound per minute 
(refs. 18 and 10). 

Fost-tCst Inspoetlon of the bearings after a few hours running showed ex- 
tensive damage to the hollow balls with many spalls on tho outer surface. Sev- 
eral balls from one bearing wore socvloned through the weld and polished to de- 
termine the extent and source of the failures, A cross section of a hollow ball 
Is shown In figure Xin-14, A bead on tho Inner diameter Is formed by tho 
electron-beam wold. It Is speculated thet this bead acted as a notch or stress 
raiser In the ball wall and initiated flexure fatigue failures after the bearing was 
operated for only 13 hours. A typical flexure fatigue failure is shown In fig- 
ure xm-16. The upper photograph shows two cracks eminatlng from the weld 
bead toward the outer surface of the ball. The crack shown In the lower photo- 
graph has also originated at the weld bead but has propagated into a crack net- 
work and a fatigue spall at the ball outer surface. Balls from other bearings 
that were run under similar conditions were examined. Some Showed spalls on 
the outer surface; some showed no apparent damage. All these Imlls were sec- 
tioned and polished, and all revealed cracks originating in the vicinity of the weld 
bead at the inner surface. Prom the Mcamlnation of all run hollow balls, it was 
concluded that they all had failed in flexure because of a stress concentration in 
the region of the weld at the inner ball surface. 

The Use of hollow balls can still be advantageous at higher bearing DN val- 
ues, provided the following steps can be taken: (1) use a wall thickness Such that 
flexure is. minimized and yet mass reduction is appreciable, (2) control the weld 
penetration around the periphery of the ball, and (3) maintain a uniform wall 
thickhess. Unless these steps are taken, hollow balls will have an Unbalance and 
a different stiffness at the weld. Under dynamic conditions, these factors ad- 
versely affect the lives of the balls. 


Drilled Balls 

Another method of reducing ball mass is to machine a concentric hole through 
the ball (fig. Xttl-18). The amount of mass reduction equal to that of a thlft wall 
spherically hollow ball can be achieved with several advantages. Using drilled 
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bBllB BUevlates poBSlWe probi -imfl of ball unbalance, becauae the hole concentri- 
city can be maintained very accurately. Additionally, a very Smooth surface 
finish can be achieved, without the irregularities present In the area of the weld 
(ref. 20). 

Tests were conducted with 7B-mmimeter-bore ball bearings uslnd U/18-^ 
Inoh-dlameter drilled balls. The bearings were operated at a thrust load of 
BOO pounds at speeds to 28 000 rpm (2. 1 million ON) with alr-oll-mlst or oil-let 
lubrication, The drilled balls were made by electric discharge machining (KDM) 
a 0. 42'>lnoh-dlamotor hole through the center of a solid ball to effect a 00-percont 
weight reduction. A finished ball Is Illustrated In figure Xin-10, Pins through 
the center of each ball pocket at the pitch diameter of the bearing (fig. XI1M6) 
wore used to restrain the edge of the hole from contacting the raco groo-vo prior 
to operation. During operation the balls position themsolvos whore ne slgnlfletmt 
contact occurs between the edge of the holes and the pins, 

two 75- millimeter ball bearings operated successfully over a range of con- 
ditions without damage or excessive wear. One bearing was still operating Satis- 
factorily after 107 hours of accumulated running time, with 65 hours above 
1,5 million DN. 

In another study, four 126-mlllimeter-bore ball bearings “using drilled bolls 
providing a weight reduction of over 50 percent were operated under a 2600-pound 
thrust load at speeds from 8000 to 24 000 rpm (1. 0 to 3. 0 million DK) In two sep- 
arate tests. Special modifications were made to the bearings that provided for 
adequate lubrication and sufficient cooling with a type II ester oil. All four bear- 
ings operated satisfactorily at these extreme conditions for several hours run- 
ning time without damage or significant wear. One of these drilled ball bearings 
is shown In figure Xlll-17. It can be seen that the components of this bearing 
are In very good condition after 4. 7 hours of operation. The results of these & l - 
perlmental programs Indicate that the drilled ball bearing concept shows a great 
deal of promise for high-speed bearing applications. 


series Hybrid Searing 

Another means of achieving high-speed bearing operation and long life is 
through the series hybrid bearing (fig. XIll-18). in essence the series hybrid 
bearing comprises an angular contact ball bearing in series with a fluid film 
bearing. Both bearings handle the same thrust load of the main shaft; however, 
as speed Is Increased, the fluid film bearing lifts off at its pad because of the in- 




creaBBd preasure caused by the centrifugal force of the lubricant fed through the 
main shafti As the bearing lifts off| there Is a differential In speed between the 
portion attached rigidly to the shaft and that attached to the angular contact bear" 
Ing resulting In a lower speed of the angular contact bearing relative to the shaft, 
The tost results with this bearing are shown In figure XIIMS, which Is a plot of 
the inner race speed of the ball bearing ns a function of the shaft speed. In nor" 
nial operation the shaft speed Is always equal to the Inner" race speed. An the 
speed of the shaft Is Increased and the pressure Is built up In the fluid film boar" 
Ing, there is a fluid film formed and a docroaso in speed between tho fluid film 
hearing rigidly attachod to tho shaft and that nttaclied to tho ball bearing. This 
results In a docrooso In tho inner" race speed of the ball bearing. In this ease 
(fig. Kill" 19) a fluid film Is formed in tho fluid film hearing at a speed of ap- 
proxlmatoly I million DN, Tho decreaso is approximately 30 percent at the ele- 
vated speed of approximately 2 million DN. The docroaso in speed moans a do- 
crease in centrifugal force and as a result an Increase in life, A comparison of 
tho drilled ball bearing and tho series hybrid bearing on bearing life at the ele- 
vated speeds Is shown In figure xni-20. For comparison ixirposes data for a 
solid ball bearing are given. In comparing the drilled ball with the solid ball at 
4 million DN, tho life ratio with tho drilled ball Is of the order of B to 1. With a 
series hybrid bearing with a 30-percent speed reduction, tho life ratio Is approx- 
imately 6 to 1. 

The drilled ball concept can be combined with the series hybrid bearing. 

With this comblnatloh the life ratio at 4 n^Ulion DN Is approximately 10 to 1 over 
the conventional solid ball bearing. What Is also Important is that there is only a 
small decrease In life with speed. 


SEAL FUNCTIONS AND DESIGN CONSIDERATIONS 
Seal Systems 

As previously stated, main-shaft st'iile are Used In gas turbine engines to 
restrict gas leakage into the bearing compartments (sumps). The seals at the 
front of the compressor (fig, XItl-21) usually present no problem since the sufnp 
can be surrounded by compressor bleed air of moderate pressure and tempera- 
ture. Bleed air leaks through u»e ne I s»">d, thus, pressurizes the front Sump. 
For moderate bleed air pressur • ^mperatures a single shaft seal of many 
types Is adequate. As an example, ring seals have been used at 54 psi and 


330° P; circumferential seals are more than adequate for this location, and in the 
present state of development, have been used to 8S psi and 700° P with a sliding 
speed of 240 feet per second. Face seals are also adequate, as some are oper- 
ating at 126 psi, 800° P, and a sliding speed of 3C0 feet per second. The final 
selection of the seal type for the front compressor location depends on the many 
design and system considerations, including preference. 

At the middle of the engine (fig, XHl-21) and at the turbine bearing sump, the 
seal operational requirements become more severe. The bearing(s) and seal(s) 
tend to be large because of shaft size and because the thrust bearing must be large 
enough to carry the net thrust load on the rotating parts. In addition, the sump is 
usually surrounded by higher pressure gas (and corresponding higher temperature) 
than the front of the engine. 

PigurSs XItI-22 to xm-24 show some shaft seal arrangements for the turbine 
bearing sump location. Here the basic problem is protection of the bearing sump 
from the turbine cooling gas. hi early engines ttie cooling gas pressure and tem- 
perature were relatively low and a Sii^le labyrinth seal, which restricted turbine 
cooling gas iSak^e into the sump, was adequate (fig. XHl-22). (Some engines 
use a once-through lubrication system in which the sump is pressurized by rel- 
atively cool bleed air, and this air and the oil lubricant are allowed to vent over- 
board. ) At these pressures, the efficiency loss due to seal leakage was not sig- 
nificant. However, a disadvantage of the labyrinth seal, as compared to the 
close- clearance seals (ring, circumferential, and face), is high leakage witii 
corresponding larger ducting requirements and easier passage of airborne water 
and dirt into the sump. In addition, for labyrinth seals, reverse pressure drops 
must be avoided to preclude high oil loss. Furthermore, ram air temperature 
(minimum-temperature sump- pressurizing air available) increases with in- 
creasing flight speed. Therefore, a flight speed limit eaists beyond which the 
low-leakage close- clearance seals are desirable in order to preclude sump tires. 

The required pressure of the turbine cooling gas is determined by the tur- 
bine inlet pressures. As turbine cooling gas pressure requirements increased 
with engine development, the sinide labyrinth seal of figure XlH-22 was no longer 
suitable, and some of the seal systems such as illustrated in figures Xm-23 
and XltI-24 were used. A conventional face seal (fig. Xltl-23) has satisfactory 
performance to pressures of 125 psi, temperatures of 800° P, and sliaihg speeds 
of 350 feet per second. Recent seal studies (ref. 1) showed that operation at 
higher pressures, temperatures, or sliding speeds was unsatisfactory from a 
wear and leakage standpoint; subsequent analysis revealed that the seal limita- 
tions were primarily due to thermal deformations that induced seal imbalance. 
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which, in turn, caused high wear and leakage. See reference 21 for a discussion 
of the imbalance problem that limits the capability of the conventional face seal. 

When the pressure, speed, and temperatures exceed the capability of con- 
ventional contact seals (such as that of fig, xm-23), a pressure staging seal Sys- 
tem is used. Such a system of multilabyrinths is shown in figure XIII- 24. to this 
seal system a labyrinth seal restricts the leakage of relatively high pressure (Pj), 
high- temperature turbine cooling gas to an overboard vent (PJj) (or to a low- 
pressure region). Low-pressure compressor bleed (PJ) surrounds the sump and, 
hence, provides thermal protection, and leakage (through the labyrinth) into the 
sump provides required sump pressurization. It should be noted that, as the tur- 
bine cooling gas pressure (Pj) increases, the leakage has a significant effect on 
efficiency. 

to some engines, combinations of labyrinth and face seal arc used to form the 
seal system. In these systems the labyrinth seal next to the sump (see fig. xni-24) 
would be replaced with a face or shaft riding contact seal. Such a system provides 
low air leakage into the sump and is used when the seal pressurizing air (PJ) is 
too hot (Supersonic flight) to allow high leakage into the sump. 


Advanced Seal Requirements 


As previously noted, figure XHI- 2 shows how the ma'n- shaft seal environment 
has become Increasln^y severe. Projected future requirements are shown. 

These are based on past history of engine development and on presently desired 
operating goals. During the past 20 years seal sliding speeds have doubled and 
sealed air pressures and temperatures have had corresponding Increases. 

It is anticipated that advanced engines will have compressor discharge pres- 
sures in the range of 400 to 500 psi and seal temperatures of approximately 
1400° P. The seals for these engines will have sliding speeds of 600 to 600 feet 
per second. Engines for supersonic aircraft may generally have lower compres- 
sor discharge pressures, but the turbine cooling gas temperatures wUl be near 
1200° F. The high sliding speeds in these advanced engines dictate that the Seal- 
ing surfaces should not be in rubbing contact. Thus, the self-acting seals, Since, 
they operate without rubbing contact, are potentially useful in the advanced en- 
gines. 


FACE SEAL WITH SELF-ACTING GEOMETRY 
FOR LIFT AUGMENTATION 


Figure XIII- 26 ie a f rosa aectlon of a face aeal with aelf-acting lift geom- 
etry, Aa with a conventional face aeal, it conaista of a rotating aeat that ia at- 
tached to the ahaft (all rotating parts are shaded) and a nonrotating seal head as- 
Bembly that la free to move in an axial direction and thus accommodate engine 
thermal expansion (axial). The secondary ring (plsk >i ring) is subjected only to 
the axial motion (no rotation) of the head assembly, and several springs provided 
mechanical force to maintain contact at start and stop. In operation, the sealing 
faces are separated a slight amount (in the range of O.OOOB in. ) by action of the 
self-acting lift geometry, and gas .oakage is from the high-pressure side (inside 
diameter of carbon primary ring) i.cross the sealing dam into the bearing sump. 
This gas leakage pressurizes the sump and assures proper scavenging of the 
bearing lubricant. It should be noted that, although the sealed gas temperature is 
high, tests have shown that considerable gas temperature drop occurs in the leak- 
age flow so that the leakage Into the sump does not pose a fire hazard when the 
seal te operating properly. Operation to 40 standard cubic feet per minute and 
1200° F sealed air temperature has been obtained without a sump fire, 

A more detailed schematic of the seal is shown in figure XIII-26. The seat 
is thermally and partially structurally Isolated from the shaft by the following 
means: 

(1) The radial spacer between the seat and the shaft serves as a spring that 
.mitigates the effect of nonuniform shaft thermal growth (radial) due to the airiffi 
thermal gradient. The effect of thermal movement is further attenuated by pilot- 
ing the seat over its centroid. 

(2) The bellows clamping spacer applies a predetermined clamping force 
(approximately 2000 Ibf), which is probably an order of magnitude less than 
clamping forces produced by the usual bearing lock nut assembly technique. 
Therefore, the deformation during assembly is minimized. The seat thermal de- 
sign is tailored to minimize the axial thermal gradient. Use of a molybdenum 
alloy, Instead of the conventional SAE 8740 or heat-resistant alloy, provides a 
relatively low deformation criterion which is defined as the ratio of thermal ex- 
pansion to thermal conductivity (ref. 22). The cooling oil flow path (see 

fig. xni-26) is also tailored to minimize the axial thermal gradient. By passing 
the cooling oil under the radial spacer, the first contact of the cooling oil with 
the seat is near the hotter face (face mated with nosepiece) of the seat. Analysis 


439 


had shown that this oil route mlnlralzee the thermal gradient. Centrifugal pump- 
ing action due to rotation and the 46 radial exit holes near the hot face assure even 
distributton of the cooling oU, (See ref. 23 for description of the self-acting seal 
components. ) 

The self-acting lift pads consist of a series of shallow recesses arranged 
circumferentially around the seal under the sealing dam as shown in figures 
xni-27 and xni-28. An Important point is that the lift pads are bounded at tha— 
Inside diameter and outside diameter by the sealed pressure, Pj. (This Is ac- 
complished by feed slots that communicate with the annular groove directly under 
the sealing dam. ) Therefore, a pressure gradient due to gas leakage occurs only 
across the seal dam. Thus the effects of force changes due to seal face deforma- 
tion are minimized (ref. 24). 

The effect of the self-acting pads on face seal operation is illusti’ated in 
figure XMl- 28, which shows parallel sealing faces operating without rubbing con-, 
tact because of a balance between the Closing force and the opening force (lift pad 
forces plus the pressure acting between the Sealing faces). For this parallti 
case, if the seal tends to close, the average pressure in the gap does not change 
but the gas bearing force increases. Thus, a condition of no rubbing contact can 
prevail mccept at startup and shutdown. (See refs. 24 and 25 for a detailed dis- 
cussion on self-acting pad forces and sealing gap forces. ) 

The self-acting lift pads develop high forces at operating speeds to prevent 
rubbing contact (ref. 24). For Instance, calculations of lift pad force (fig. Xm-29) 
indicate an 80-pound lift force at a 0.0002-inch gap height with 318-psl air and a 
500-foot-per-second sliding speed. However, if the gap opens (e.g. , to 
0.001 in. ), the lift force drops markedly to 4 pounds. Thus, there is little tend- 
ency for the lift pads to hold the seal Open at large gaps where leakage will be 
high. The lift pads, therefore, have a force- against- gap-height characteristic 
(high-gas film stiffness) which makes lift pad incorporation Inherentiy suited to 
seal operation. Thus the lift pads provide the following important features gen- 
erally missing in conventional face seals; (1) high-gas film stiffness that al- 
lows the head to dynamically track the seal face motions without rubbing contact 
and (2) the ability to operate with divergent face deformation. 

It is Important to note that, because of the axial thermal gradient of the en- 
gine, divergent sealing faces are a natural tendency. H the parallel faces of fig- 
ure Xm-28 become divergent (with respect to gas leakage direction), the average 
gap pressure will decrease and an unbalance force will tend to close the gap. 
However, as the gap decreases, the lift- pad force increases rapidly and acts to 
prevent rubbing contact. There is a limit, however, to the amount of divergence 
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that can occur before rubbing contact le establlehed at the Infllde diameter of the 

lift padi3. 


Self-Acting Seal Performance 

A 120-hour endurance run was made at 400-foot-per-Becond sliding speed, 
200-ppi sealed pressure differential, and 1000® f sealed gas temperature. The 
gas leakage during the 120 hours (fig. xni-30) averaged about 11. 7 standard 
cubic feet per minute and this is about one-tenth that of a well designed labyrinth 
seal. The sharp Increase in leakage at 116 hours was found to be Caused by faU- 
ure of the thrust bearing. (Bearing spall produced severe rig vibrations which 
the seal accomodated without rubbing contact. ) The surface profile trace taken 
after the 120-hour endurance run 16 shown in figure Xm-81. Inspection revealed 
that the dam had circumferential scratches that were probably from airborne de- 
bris passing across the sealing dam. Thus, the amount, particle size, and type 
of airborne debris may be a significant factor in degradation of the seal dam. 

The deepest scratch was 0. 0002 inch. The pad wear was 0. 0005 Inch; original 
polishing scracthes were still visible on the pad surfaces. 

figures XIIl-32 and XItI-33 show the condition of the primary seal ring after 
the 338 hours of running. Figure xm-33 Shows a closeup of the portion circled 
in figure Xni-32. The original polishing Scratches are still visible on the land 
areas of the pads. Thus, the seal was operating without rubbing contact (except 
at start and stop). 

In order to check the effect of starting and Stopping, the seal was subjected 
to 40 starts and stops. The runs were conducted with room temperature air at 
115 psla. The seal was then allowed to coast to a stop (required about 25 sec). 

A comparison of surface profile traces before and after the 40 starts and stops 
revealed carbon wear was less than 0. 00005 inch. 


Leakage and Wear Comparison 

A leakage and wear comparison for conventional face seals, labyrinth, and 
self-acting seals is shown in figure XlII-34. In tests Under simulated engine 
conditions a conventional face seal had 400 times the wear of a self-acting seal. 
The operating conditions were slmUar except that the conventional face seal was 
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run for 9. 7 hours and the seU-acting seal for 338 hours. A labyrinth seal, how- 
ever, can be expected to operate without wear, 

hi leakage comparison the labyrinth seal has about 10 times that of the self- 
acting seal, and this is the principal disadvantage of the labyringh seal. The 
leakage of the rubbing-contact seal was greater than that of the self-acting seal. 
The greater leakage is caused by the high wear rate (wear debrie causes sealing 
face separation) and seal vibration associated with rubbing contact. 


CONCLUDING REMARKS 

Based upon technology which has been advanced by NASA, bearings can be op- 
erated at 600° F in inert environments with reliability equal to or in excess of that 
experienced in flying mgines today. Technological advancements also allow high- 
speed bearing operation With long life. Drilled ball and series hybrid bearing con- 
cepts were developed to increase allowable bearing speeds. Tests to 3 million DN 
confirm that these bearing concept&Jiave the predicted speed potential. Finally, 
tests on the self-acting seal showed higher speed and pressure capability than 
conventional face seals, and gas leakages were one-tenth those of commonly used 
labyrinth seals. Additional woik onJthese high-speed bearings and seals is needed 
to explore their full potential and to establish their endurance life. 
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ADVANCED ENGINE BEARING 
REQUIREMENTS 
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Figure Xlll-1 


MAINSHAFT SEAL ENVIRONMENT 



Figure XlII-2 
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ELASTOHYDRODYNAMIC LUBRICATION 
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Figure XIII-3 cn.%m 


TYPICAL FATIGUE SPALL 




EFFECT OF EHO UUBRICATION ON SURFACE 

damage to bearing races 


(A) NORMAL RACE APPEARANCE RESULTING FROM FULL EHO FIlM 

(B) RACE GLAZING RESULTING FROM MARGINAL EHO FIlM 
(Cl GLAZING AND SUPERFICIAL PITTING 

(0) GROSS PLASTIC DEFORMATION OR SMEARING 



FIgur# XIIi-5 
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UNFAILED BEARING RUN WITH 

synthetic paraffinic oil 

500 HR AT 600P F; INERT ENVIRONMENT 



Figure XIII-8 


BEARING FATIGUE LIFE AT 600<>F 
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Figure XIII-9 



1 



BEARiNO LIFE WITH THREE STEELS AT 600* F 
WITH SYNTHETIC PARAFFINIC LUBRICANT, INERT ENVIRONMENT 



Figure Xin-12 


EFFECT OF SPEED ON LIFE 
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EFFECT OF SPEED 

150-MM BALL BEARING WITH 5000-LB LOAD 
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ACTING LIFT GEOMETRY 



Figure XIII-26 














CALCUUATED load CAPACI'T’Y of lift pad portion of seal 


NUMBER OF STEP PADS, 20j ABSOLUTE PRESSURE, 315 PS|j GAS 
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SURFACE PROFILE TRACE RADIALLY ACROSS LIFT PAD 
AND SEALING DAM AFTER 120 HOURS 
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SECTION OF PRIMARY RING ASSEMBLY 
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RESEARCH AND DEVELOPMENF CONTRACTORS AND GRANTEES 

These contractors and grantees efforts are supplementing NASA In-house pro 
grams in aircraft propulsion research and technology: 


Companies ; 

Aerojet General Corporation 
Ailleseareh Manufacturing Co. 

Bendix Corporation 
Boeing Company 

Bolt, Beranek, and Newman, Inc. 
de Havilland Aircraft of Canada Ltd. 
E. I. du Pont de Nemours 6 Co. , Inc. 
Fairchild-HiUer Corporation 
Garrett Corporation 
General Electric Company 
General Motors Con^any 
Gruman Aerospace Corp. 

Indu^rial Tectonics, Inc. 

Koppers Con^mny, Inc. 
Marlln-Rockwell Co. 

Martin-Marietta Corporation 
Mechanical Technology, Me. 

Mobil Res^rch & Development 
Corporation 

Monsanto Research Corporation 
North American Rockwell Corporation 
Northern Research if Engineering 
Shell Development Company 
SKF Industries, Inc. 

United Aircraft Corporation 
union Carbide Corporation 


Lducational and Research Institutions ! 
University of Arizona 
Battelle Memorial Institute 
California Institute of Technology 
Case Western Reserve University 
Chico State College 
' University of Cincinnati 
Clemson University 
Georgia Institute of Technology 
University of Illinois 
Johns Hopkins University 
Massachusetts Institute of 
Technology 

University of Minnesota 
Newark College of Engineering 
Northwestern University 
University of Oklahoma 
Princeton University 
Rensselaer Polytechnic Institute 
Stanford University 
University of Southan^toh, 

England 

University of Tennessee 
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